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PREFACE 


The  various  aspects  of  fighter  aircraft  design  have  not  been  the  subject  of  many  publications  during  the  short  history  of 
aircraft  construction.  Since  the  requirements  for  transport  and  fighter-type  aircraft  diverged  significantly  SO  years  ago,  the 
design  of  military  airplanes  of  any  type  has  been  at  least  “Company  confidential”  and  performance  data  have  been  “Top 
secret”  in  each  country. 

On  the  other  hand,  the  so-called  “primary  task"  in  aerodynamics,  namely  the  problem:  “What  shape  would  an  airplane 
have  to  give  certain  desirable  properties"  has  proved  in  the  past  to  be  much  harder  to  solve  than  the  analysis  of  a  given 
geometry.  Nevertheless  some  books  have  been  published,  most  of  them  dealing  with  the  design  of  aircraft  having  wings  of 
large  aspect  ratio  flying  at  subsonic  speed.  The  typical  “design-poii.t"  for  optimum  cruise  has  overruled  other  conflicting 
problems.  The  requirements  for  modem  fighter  airplanes  have  led  however  to  a  much  different  position.  Many  “design  - 
points"  have  to  be  matched  and  many  disciplines  such  as  aerodynamics,  propulsion,  structures,  materials,  avionics, 
performance  and  weights  have  to  be  compromised  by  a  team  of  highly  qualified  and  experienced  engineers.  Concerning 
aerodynamics,  even  classical  principles  such  as  design  for  attached  flow  conditions  everywhere  are  not  applied  in  the  case  of 
highly  non-linear  vortex-controlled  wings.  Concerning  the  impact  of  materials,  classical  experience  concerning  aeroelasticity 
of  a  swept  wing  has  been  revised. 

To  avoid  a  priori  any  conflict  with  current  development  of  fighter  aircraft  in  different  countries,  this  special  course  has 
been  restricted  to  “Fundamentals”.  But  in  order  to  provide  at  least  an  overview  to  all  the  above-mentioned  major  disciplines 
in  aircraft  design,  we  have  brought  together  experts  to  give  an  example  of  “interdisciplinary  cooperation"  —  a  special  course 
for  students,  young  engineers  in  industry  and  research  institutes  and  people  having  technical  interests  outside  of  their 
professional  routine. 

The  course  will  start  with  basic  mission  requirements  and  their  impact  on  aircraft  sizing.  The  aerodynamic  design  of  the 
wing-body  configuration,  the  use  of  non-linear  lift  control,  stability  and  control,  and  the  question  of  performance 
optimization  will  be  treated  separately  but  not  independently.  The  impact  of  materials  and  aeroelasticity  will  be  outlined  and 
special  attention  will  be  given  to  major  aircraft  components  such  as  the  engine-intake,  afterbody,  and  airframe-store 
compatibility.  Experimental  and  theoretical  work  will  be  demonstrated  as  playing  complementary  roles,  and  some 
recommendations  for  the  future  development  of  engineering  tools  will  be  derived  in  conclusion. 
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FUNDAMENTALS  OF  FIGHTER  AIRCRAFT  DESIGN 


by 

P.W,  Sacher,  LKE122 
Messerschuiitt-Bolkow-Blohm  GmbH 
Helicopter  and  Military  Aircraft  Division 
P.0.  BOX  80  11  60,  D-8000  Munchen  80,  FRG 


There  have  been  several  reasons  for  the  Fluid  Dynamics  Panel  of  AGARD  to  decide 
for  a  special  course  on  Fundamentals  of  Fighter  Aircraft  Design.  Following  the  techni¬ 
cal  programme  of  the  FDP  during  the  past  years,  the  aeronautical  engineer  has  found 
many  subjects  related  to  a  special  technical  discipline  and  directed  to  industrial 
applications.  But  in  nearly  all  cases  the  analysis  of  given  geometry  by  experimental  or 
theoretical  techniques  has  overruled  the  more  important  engineering  task  -  the  design 
of  a  new  shape  which  has  desired  properties.  But  in  all  cases  concerning  successful  fly¬ 
ing  aircraft  the  result  of  engineering  work  has  been  a  design  compromise  achieved  by  the 
fruitful  cooperation  of  all  technical  relevant  disciplines. 


PROPULSION  STRUCTURE 

NUMERICAL  AlROOYNAMtCmr.  DREAM 


Fig.  1  The  aeronautical  engineer's  "Dream  Configuration" 

So  one  of  the  most  important  intentions  of  the  present  course  has  been  to  attract 
people  from  different  aeronautical  disciplines,  working  at  industry  and  research  insti¬ 
tutes  and  to  look  for  links  within  the  different  branches  of  aerodynamics  like  Wind 
Tunnel  Test  Technique,  Computational  Fluid  Dynamics,  Vortex  Dynamics,  Unsteady  Aerody¬ 
namics,  Viscous  Flow  Drag  Prediction  and  their  impact  on  designing  aircraft  components. 

In  the  specific  case  of  a  fighter  aircraft,  the  design  compromise  must  cover  more 
than  one  design  requirement: 

o  Classical  Design  -  Compromise 

-  short  T.O. /Landing  -  High  Supersonic  Speed  (Tornado) 

-  Transonic  Maneuverability  -  Supersonic  SEP  (Advanced  Ccebat  h/C,  ACA) 

-  Clean  Design  -  Store  Compatibility  (F4) 

-  Aerodynamic  Performance  -  Detectability/RCS  (Medium  Range  Mission  Fighter,  MRM) 

e  Design-Optimisation  -  Techniques  (Strategies) 

-  Ning/Body/Tai 1-Arrangement  ( Area- Rule s/Wave  Drag) 

-  Design  for  Supersonic  Flow  (Panel  Methods) 

(min.  Ind.  Drag,  min.  Nave  Drag,  min.  Trim-Drag) 

-  Design  for  Sub-  and  Transonic  Flow  (Panel  Nethoda/SPB) 

-  Trade-off  and  Analysis  using  FPE/Buler-Solutions 

( "SPB"  stands  for  Ssall  Perturbation  Potential  Flow  Equation, 

"FPB*  for  Full  Potential  Flow  Equation) 

So  as  a  result  of  different  design  requirements  the  resulting  A/C  shape  reaches 
from  Variable  Sweep  Ning  Concept  (performance  low  speed/high  speed)  to  Strake-Trape- 
soidal-Mings  (transonic  Maneuverability)  and  to  Canard-Delta-Configurations  (supersonic 
performance).  In  more  recent  time  detectability  (Radar-Cross-Section)  plays  an  impor¬ 
tant  role.  Typical  examples  for  existing  A/C  are  shown  in  Fig.  2 
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Breguet's  range  formula  according  to  Fig.  4  shows  the  aerodynamic  impact  on  the 
max.  flight  range,  the  relation  lift  over  drag  (L/D).  Together  with  Specific  Fuel  Con¬ 
sumption  (SFC)  and  Take-  Off-Weight/Zero  Fuel  Weight  (TOW/ZFW)  is  the  "aerodynamic 
efficiency”  (L/D)  the  most  important  design  parameter  for  maximum  range.  Fig.  5  demon¬ 
strates  the  impact  of  compressibility  (speed)  on  drag.  The  transonic  drag  rise  defines 
ir,  most  practical  applications  the  limit  of  efficient  flight,  Cj,  •  M2  as  an  opti¬ 
mum.  So  far  limitations  according  to  Fig.  4  and  5  lead  to  single  *Design  Points*. 

The  design  of  fighter  type  A/C  is  significantly  different  from  the  design  of  civil 
projects.  This  is  of  course  due  to  the  fact  that  the  requirements  for  fighter  A/C  do 
not  allow  any  optimization  for  a  single  design  condition.  While  minimum  DOC  overrules 
any  other  requirements  in  civil  transport  airplane  design,  various  conflicting  design 
requirements  have  to  be  fulfilled  in  a  fighter  project.  (Fig.  2  has  already  shown  how 
different  fighter  A/C  looks  like). 

Key  Problem  Areas  for  fighter  A/C  design  could  be  identified  as: 

(1)  Performance  in  trans-  and  supersonic  regime. 

(■  Design  for  attached  Flow) 

(2)  High  Angle- of-Attack  (HAOA) 

-  Vortex  (-separated)  flow  Control 

-  Post  stall  capability 

-  high  Maneuverability 

-  lateral,  directional  stability 

(«  Mon-linear  Design) 

(3)  A/C  Components 

Intake/Airframe  Compatibility 

-  Engine/Afterbody  integration 

-  Aerodynamics  of  Controls 

(4)  Detectability 

-  ' RCS  (Radar-Cross-Section) 

IRS  (Infrared-Signature) 

Only  Key  Problem  No.  1  and  2  may  be  outlined  more  in  detail: 

As  an  example  to  achieve  a  good  compromise  between  conflicting  transonic  maneuver- 
and  supersonic  speed  requirements  (Key  Problem  No.  1)  the  Delta-Wing  may  be  considered 
as  a  practical  solution: 

Delta  concept:  Supersonic  low  wave  drag 

(aree  ruling,  thin  profiles) 

30%  improvement  to  existing  A/C 

Subsonic  as  good  as  existing  A/C  if: 

e  Unstable  config.  (low  trim  drag,  tailored  lift/drag) 
use  of  canard,  to  get  c.g.  as  aft  as  necessary 

e  Cranked  delta,  (increase  AR) 

e  Regain  suction  force  by  wing  (leading-edge) 
design 

e  Optimum  canard/wing  interference 

Aerodynamic  efficiency  L/D  is  just  one  (important)  factor  which  contributes  to  A/C 
performance.  Stress  analysis  leads  to  structural  optimisation  and  sofar  to  minimum 
weight  for  a  given  load.  The  chosen  "Design  Philosophy"  in  combination  with  a  suitable 
"Design  Procedure”  requires  a  series  of  "Design  Tools"  which  are  described  later  on  in 
the  main  lectures: 


DESIGN-  e  min.  ind.  drag 

-PHILOSOPHY  min.  wave  drag  performance 

min.  trim  drag 

•  min.  wing  root  bend .mom.  afe  stress/structure/weight 
a  min.  shock-extension  efficiency  (drag  rise/buffat) 

HOW  TO  a  DEFINITION  OP  RESULT: 

PROCEED  -  prassura  (u/1),  camber /thickness/ twist 

-  pressure  (u)+thlcknessmmi»'camber/twist/pres3ure(l) 

-  Ac,  *  thickness  wm^^camber/twist 

a  MINIMUM  PROCEDURE  FOR  DRAG  (or/and  pitching  moment) 

-  Cj,  ♦  spline  (x,y)  ■■►►camber/twist/pressure  (u/1) 

(+  thickness) 

(♦  CM>  _  _ 

F  -  D  ♦  K\  (L  -  L)  ♦  X2  (H  -  M) 

"LAGRANGE  operator* 


The  design  for  partially  separated  Flow  Conditions  ( "Non-linear  Design")  has  been 
identified  as  "Key  Problem  Area"  Mo.  2. 

Fig.  6  shows  typical  "Key  Problem  Area  Mo.  2*  for  a  first  generation  supersonic  fighter 
A/C  and  the  more  recent  developnents  which  are  characterize  by  the  use  of  controlled 
"Vortex-Type-Separated"  Flow.  Also  the  arrangement  of  aerr?. n.iaic  control-devices 
(Flaps,  Slats,  Canards)  is  significantly  different. 


Fig.  6  Aerodynamic  Key  Problem  Area  No.  2  (schematically)  in  Fighter  A/C  Design. 


Pig.  7  Controlled  Vortex  Flow  Separation  to  increase  A/C  Performance 


Conventional  technology  and  advanced  technology  has  to  be  combined  in  order  to  ex' 
tend  the  flight  envelope  of  already  existing  A/C. 

To  conclude  the  introductory  remarks.  Aerodynamic  Design  Tools  for  Phsse  I  of  any 
new  project,  the  "Conceptual  Design-Phase",  will  be  shown  in  Fig.  8 


-  ANGLE  OF  ATTACK 

-  SPEED 

-  H1GHT 

-  CONTROL 

Pig.  6  Summary  of  Design  Tools  for  the  Conceptual  Design  Phase 

(B.  L.  ■  Boundary  Layer,  CCV  ■  Controlled  Configured  Vehicle) 


Three  main  reasons  exist  for  restricting  the  present  special  course  to  Phase  I  ac¬ 
cording  to  Fig.  9 

e  It  is  commonly  well  known  that  the  development  of  military  airplane  of  any  type 
underlies  many  restrictions  concerning  publication. 

Not  only  'Company  confidential*  is  a  severe  handicap  because  of  competition  as  in 
civil  projects,  in  the  case  of  fighter  A/C  many  additional  restrictions  are  due  to 
national  classification  requirements.  So  we  tried  to  avoid  any  conflict  with  current 
developments  in  different  countries. 

e  Within  the  time  limit  of  a  one  week  special  course  only  a  small  number  of  topics 
could  have  been  selected  and  only  a  limited  ntsnber  of  experts  could  have  been  made 
available  to  give  the  presentations. 

e  Further  special  courses  or  lecture  series  may  follow  this  first  approach  (see  e.g. 
FMP  'Integrated  Design  of  Advanced  Fighters',  AGAKD  LS  153,  1987) 
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MISSION  REQUIREMENTS  AND  AIRCRAFT  SIZING 


by 

Janes  L.  Parker 
Chief.  Design  Branch 
Technology  Assessment  Office 
Flight  Dynamics  Laboratory 
AFWAL/FIAD 

Wrlght-?at terson  AFB,  OH  45433 
USA 


SUMMARY 

The  development  of  requirements  for  new  fighter  aircraft  involves  defining  threate,  targets  and 
scenarios  for  the  future.  Current  fighter  requirements  emphasise  the  need  for  closa-ln-combat  and  beyond 
visual  renga  combat  capability  to  achieve  superiority  In  the  air-to-air  role.  High  sortie  rates  and  the 
ability  to  perform  alr-to-surf see  missions  are  also  primary  requirements.  Conceptual  design  and  aircraft 
siting  ere  used  to  help  define  requirements.  With  conceptual  design  tools,  different  fighter  designs  can 
be  sltad  for  different  missions.  These  configurations  ellov  life  cycle  cost  end  effectiveness  analysis  to 
be  performed  vhlch  provide  tha  basis  for  the  definition  of  the  requirement.  The  process  ellovs  the 
requirement  to  ba  constralnad  to  a  technologically  feasible  and  economically  affordable  solution. 


2.1  Introduction 

The  process  of  developing  mission  raqulrements  Is  one  of  matching  beliefs  about  the  future  with 
the  financial  and  human  resourcas  available  for  the  development  and  operation  of  nav  aircraft.  This  Is  as 
It  has  always  been.  Tha  daelslona  about  the  kind  and  numbar  of  ships  in  tha  Spanish  Armada  had  to  have 
lnvolvad  tha  same  alamanta  as  the  decision  to  develop  tha  latest  fighter  aircraft.  The  mistakes  with 
respact  to  those  decisions  ara  more  obvious  in  retrospect  then  they  can  be  to  tha  requirements  developer 
looking  20  to  30  years  Into  the  future. 

The  major  activities  In  tha  davalopment  of  a  requlrammt  are  shown  In  Figure  1.  The  developmant  of 
requirements  begins  with  a  definition  of  a  scanarlo  which  reflect  e  potential  military  conflict  for  soma 
specific  time  lr.  the  future.  The  scensrlo  Includes  targets,  thraats  and  military  goals.  Including 
tlmellnas.  Basad  on  the  scenario  preliminary  mission  raqulrements  ara  defined.  A  number  of  different 
sets  of  preliminary  requlraments  may  ba  deflnad  from  the  sema  scanarlo  and  mllltsry  goals,  reflecting 
dlffarent  ways  of  doing  the  job.  Thase  will  be  the  bests  for  the  conceptuel  daslgn  of  a  spectrum  of 
different  aircraft,  aach  of  which  will  ba  sited  for  the  renga  and  payload  specified  In  Its  preliminary 
mission  requlrament.  The  cost  of  each  aircraft  will  ba  estimated  es  will  its  anargy  maneuverability , 
signatures,  vulnareble  eraes  end  all  othar  characteristics  required  to  astlnate  tha  survivability,  combat 
effectiveness  end  sortie  rate.  The  results  of  such  analyses  will  be  usad  to  compere  the  dlffarent  concep¬ 
tuel  designs  with  existing  aircraft.  This  process  Is  rapaatad  until  a  concept  amarges  which  offers  suffi¬ 
cient  Increased  military  capability  to  warrant  development  end  Is  low  enough  In  cost  to  permit  englnaarlng 
development  within  funding  constraints.  When  such  s  concept  has  been  defined,  a  requirement  can  be  pub¬ 
lished. 


It  Is  Implicit  that  a  requirement  is  not  simply  a  statement  of  e  military  need,  but  a  specification 
for  a  specific  system  concept.  A  specification  for  a  fighter  that  Is  Impossible  to  build  or  so  expensive 
that  It  Is  Impractical  to  develop  end  produce  does  not,  in  my  view,  constitute  a  requlramant.  The  deslra 
for  a  leek  proof  ballistic  missile  defense  system  does  not  constitute  e  requlramant  by  this  definition. 
The  requirement  will  emerge  vhen,  end  if,  a  system  can  ba  daflned  vhlch  Is  affordable  end  affectlva. 

This  Is  not  to  say  that  ell  of  the  design  featuras  of  tha  aircraft  have  bean  datlnad  at  the  time 
tha  requirement  Is  published.  The  YF-16  end  YF-17  were  both  proposed  to  satisfy  the  sane  light  weight 
fighter  requlramant.  From  tha  designers  perspective  thesa  two  aircraft  sra  quite  dlfferant.  However, 
when  one  looks,  not  at  tha  hardware  ltse  ',  but  rathar  at  the  performance  characteristics  and  cost  the 
systems  were  Indeed  similar.  Figure  2  Is  a  graphical  Illustration  of  the  Importance  .<f  the  daclelors  made 
during  the  development  of  tha  requirement.  The  requirement  le  developed  during  the  conceptual  daslgn 
phase.  At  the  end  of  this  phase  nearly  70X  of  the  total  life  eyrie  cost  of  the  system  will  have  been 
committed. 

Vhen  the  requirements  specification  has  been  agreed  upon,  tha  design  teams  In  aircraft  companies 
can  proceed  with  the  preliminary  design  phase.  They  will  select  specific  designs  and  converge  upon  the 
details  of  subsystems  and  components.  While  there  will  be  large  differences  In  the  details  of  these 
designs,  the  cost  differences  of  aircraft  of  different  companies  will  not  be  large.  The  specifica¬ 
tions  of  requirements  limits  the  system  concepts  to  narrow  bounds  and  determines  system  costs  for  the  life 
cycle  of  the  aircraft.  Most  of  the  funds  that  will  be  expended  for  development,  production  end  operation 
of  the  aircraft  ere  committed  once  the  requirement  has  bean  published. 

2.2  Conceptual  Design  and  Aircraft  Rising 

Conceptual  design  le  the  process  of  developing  aircraft  configurations  that  satisfy  a  preliminary 
set  of  mission  raqulrements.  Although  these  will  ba  paper  designs,  they  oust  be  configurations  that  could 
be  converted  Into  real  hardware  given  tha  resources  to  do  so.  During  the  conceptual  daslgn  pbasa  many 
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different  configuration!  Bust  be  examined.  There  will  be  aeveral  seta  of  requirement « ,  several  config¬ 
urations  which  satisfy  each  of  the  requirements,  and  many  variations  of  each  of  the  specific  configuration 
examined  using  tradeoff  enalyale.  This  analysis  la  necessary  to  insure  that  each  configuration  is  near 
the  minimum  cost  for  a  specific  set  of  requirements.  Unless  e  configuration  Is  nearly  optimum,  con¬ 
clusions  relative  to  the  viability  of  e  particular  mission  will  not  be  valid.  Comparisons  between  alter¬ 
native  configurations  will  also  be  Invalid  If  one  configuration  Is  near  optimum  end  another  Is  far  from 
ptlmum. 

The  relationship  of  conceptual  design  to  the  more  detailed  design  phasss  la  shown  In  Figure  3. 
Even  within  the  domain  of  conceptual  design,  there  are  different  levels  of  methods  dspendlng  on  how  much 
time  Is  available  for  a  particular  atudy  and  the  required  level  of  fidelity.  Figure  3  Illustrates  three 
levels  of  design  prior  to  entering  ths  preliminary  daslgn  phase.  At  the  lovost  lavsl  are  those  methods 
used  prior  to  the  Initial  layout.  These  are  often  referred  to  as  "back  of  the  envelope"  method*?.  The 
Intermediate  level  Is  the  level  used  In  siting  codes  to  perform  tradeoff  analysis.  The  upper  level 
overlaps  to  the  preliminary  design  methods.  This  level  la  used  for  more  detailed  analysis  of  the  bneellna 
design  and  for  analysis  of  tho  final  sited  configuration. 

Conceptual  design  tiay  be  divided  Into  the  three  phases  shown  In  Figure  4.  The  conceptual  design 
process  Is  a  highly  Interactive  trial  end  error  process.  Each  succeeding  phase  feeds  back  Information  to 
Its  prsdecsssor.  The  design  Is  continually  altered  until  a  configuration  emerges  whoss  geometry  and  mass 
properties  ere  compatible  with  some  set  of  requirements.  This  necessitates  that  the  daslgn  procedures  and 
methods  allow  rapid  turnaround  so  as  to  be  compatible  with  the  environment  of  many  and  frequent  changes. 

During  the  Initiation  phase  the  designer  starts  with  only  a  set  of  preliminary  requirements  and 
mrst  define  enough  design  parameters  to  produce  e  layout  of  a  baseline  configuration.  The  designer  must 
select  an  avionics  suite,  a  propulsion  system,  weapons  and  the  major  airframe  parametars.  He  trust  hava  en 
understanding  of  the  ecenarlo,  the  technology  and  of  how  design  peraaietere  relate  to  design  requirements. 
Much  of  what  goes  on  In  this  phase  depsnds  on  the  axperlancs  end  acumen  of  the  designer.  It  eleo  dapende 
on  his  data  base  and  the  bag  of  tricks  that  he  has  developed. 

Avionics,  propulsion  end  weapons  will  dapaad,  to  a  large  degree,  upon  manufacturers  who  specialize 
In  these  areas.  The  avlonlce  must  La  selected  for  the  wide  variety  of  functions  required  for  the  particu¬ 
lar  mloslon  and  scenario.  A  typical  avionics  suits  for  a  flghtar  will  consist  of  some,  or  ell,  of  the 
functions  shown  In  Figure  5.  In  a  modem  flghtar  avlonlce  csn  weigh  2000  to  3000  lbs.  Its  red  estate 
takes  highest  priority  and  ths  optical  and  lnfarad  apparatuses  end  microwave  antsnna  can  have  considerable 
Impact  on  the  design,  signatures  and  performance  of  the  aircraft.  The  life  cycle  cost  of  the  avionics  Is 
now  typically  1/3  of  the  total  life  cycle  cost.  The  reliability  and  maintainability  have  a  major  Influ¬ 
ence  on  the  operational  readiness  of  the  aircraft. 

Technology  advances  In  avionics  tends  to  Increase  rather  then  decraaee  the  avionics  cost  and  weight 
because  the  number  of  functions  that  can  be  performed  and  the  capability  offered  by  thsse  advances  more 
than  offsets  with  the  cost  and  other  penalties.  There  Is  a  tendency  to  add  mors  avionics  because  of  the 
promlas  of  Increased  effectiveness.  Although  there  Is  a  certain  amount  of  rsslstance  against  thle  trend, 
Increasing  sophistication  In  defensive  threats  and  offensive  systems  seems  to  demand  It. 

During  the  Initiation  phase  the  designer  will  want  to  consider  a  wide  variety  of  englnau.  The 
ability  to  do  this  has  bean  grsatly  enhanced  by  the  availability  of  the  Pratt  and  Whitney  parametric 
engine  deck.  During  the  Initiation  phase  this  deck  can  be  run  to  produce  thrust  end  SFC  for  all  of  the 
critical  flight  conditions  for  a  variety  of  engine  cycles.  The  designer  can  do  some 
"beck-of-the-envelope"  performance  calculations  for  each  of  these  cycles  and  select  the  one  which  gives 
the  minimum  fuel.  This  Is  very  approximate  because  ths  date  Is  ell  uninstalled  end  the  engine 
thrust-to-welght  ratio  declines  with  decreasing  specific  fuel  consumption  (SFC).  The  tradeoff  between 
thess  two  opposing  effacts  cannot  be  properly  conducted  during  tho  initiation  phase.  Hevertheless,  this 
procedure  does  give  soma  basis  for  selecting  an  engine  cycle.  Where  there  ere  a  wide  variety  of  subsonic 
and  supsrsonlc  flight  conditions  In  the  mission,  one  often  finds  that  the  sensitivity  of  aircraft  wight 
to  engine  cycls  selection  is  not  great;  consequently,  the  penalty  for  selsctlng  a  non  optimum  cycle  Is 
acceptable  for  dsslgn  Initiation. 

Weapons  ere  one  of  the  major  influences  on  the  design  of  the  aircraft.  Usually,  the  choice  of 
veapons  Is  a  combination  of  existing  weapons  and  conceptual  weapons.  If  conceptual  vaapona  ere  used,  the 
conceptual  dsalgn  of  the  weapons  has  to  be  developed  In  the  same  way  as  Is  being  descrlbsd  for  the  air¬ 
craft:.  Ths  designer  has  to  assure  that  the  fire  co.  trol  avionics  ere  matched  to  the  weapons.  He  also  has 
to  provide  for  carrying  all  of  the  existing  weapons.  In  many  fighter  studies,  conceptual  weapons  ere 
lntegretad  with  the  airframe.  These  wepons  are  designed  for  the  primary  mission  end  carried  either 
lntsrnelly,  subnerged,  tangential  or  pelletized  to  minimise  dreg  end  observables  (Figure  6).  The  existing 
weapons  are  elthsr  carried  axrsrnally  on  conventional  recks  end  pylons  or  pelletised  In  a  conceptual 
pallat . 

At  ths  end  of  the  Initiation  phase  It  Is  nscassery  for  the  designer  to  select  e  size  and  wight  for 
the  Initial  layout.  It  Is  possible  to  do  e  fair  job  of  wlgblng  end  sizing  en  aircraft  at  this  stage  aven 
before  there  Is  any  drawing  actually  on  the  board.  Simplified  versions  of  wights  and  aerodynamic  methods 
are  used  In  conjunction  with  els^le  performance  equations  and  the  uninstalled  thrust  and  STC  date. 
Computer  programs  have  been  written  to  assist  In  this  process.  Requirements  are  Input  into  these  pro¬ 
grams  end  the  gsometry  of  the  aircraft  end  the  gross  wight  ere  output.  During  the  Initiation  etege 
computer  programs  are  not  of  greet  benefit.  Experience  is  the  biggest  factor.  The  designs  and  require¬ 
ments  are  unique  so  that  preprogranmed  codes  are  usually  not  ee  useful  at  this  stage  as  In  other  phases  of 
the  design  process. 

During  the  concept  development  phase  e  layout  muat  be  produced.  Thle  rough  layout  Is  essential  for 
eeverel  reasons.  It  provides  the  basis  for  mass  properties  and  aerodynamic  analysis.  The  Internal 
arrangement  helps  to  resolve  the  wight  and  balance.  The  adequacy  of  the  volume  which  has  been  allocated 
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to  jjt  -,_tems  1«  checked.  Landing  gear  la  located  to  provide  adequate  balance  and  tall  atrlke 

r  TV  xayout  la  alao  used  to  develop  the  aree  progression  which  is  very  critical  for  supersonic 

Once  a  satlafactory  layout  has  bean  completed  an  analyala  of  the  configuration  can  he  con- 
■C'  .  The  gaometry  of  tha  configuration  could  be  tranafarred  directly  to  a  sizing  prograa  and  elslng 

.uucted  If  tha  methods  contained  In  the  siring  prograa  are  capahla  of  analyala  of  tha  particular  deelgn. 
-ais  la  rarely  tha  case  since  configurations  which  reapond  to  new  requlreaents  oust  eaploy  very  advanced 
technologlas  and  are  frequently  different  from  anything  that  has  previously  been  built.  For  this  reaaont 
an  analysis  of  the  configuration  la  usually  dona  in  the  areas  shown  In  Figure  7.  Tha  mass  properties  and 
aerodynamic  analyala  will  be  performed  before  siting.  These  analyses  permit  th*  siting  coda  to  be  cali¬ 
brated  to  reflect  the  peculiarities  of  the  haaellne  configuration.  The  remainder  of  tha  areaa  will  he 
analysed  after  the  configuration  la  alaed. 

A  method  for  alalng  of  aircraft  la  an  Important  design  tool  for  tha  reaaona  shown  In  Figure  8. 
Slalng  methods  are  used  to  determine  the  weight  and  coat  of  an  aircraft  that  la  needed  to  setlsfy  a 
particular  set  of  mission  requirements.  By  rapeating  the  siting  procaaa  for  varloua  missions,  different 
sets  of  requirements  can  be  aaseased.  This  siting  process  la  alao  used  to  evaluate  the  Impact  of  certain 
advanced  technologies.  Any  technology  that  haa  an  Impact  on  the  groas  weight,  aerodynamics  or  engine 
performanca  can  be  evaluated  through  the  methods  used  In  the  slalng  process.  Siting  la  done  during  the 
conceptual  design  phase  of  a  project.  The  conceptual  design  aircraft  will  provide  Inputs  for  effective¬ 
ness  analysis.  The  selected  configuration  will  also  he  used  ae  the  starting  point  for  more  detailed 
design  phaaes. 

The  state-of-the-art  in  aircraft  slalng  la  to  layout  a  hasallne  design  and  match  the  fuel  available 
with  the  fuel  required  for  a  specif  lad  mission  for  this  baseline  as  shown  In  Figure  9.  The  haaellne 
design  la  usually  developed  on  the  drawing  board  or  with  a  computer  aided  design  system.  An  analysis  of 
the  aerodynamics,  stability  and  control,  mass  propertlas  and  propulsion  performance  la  performed  on  the 
hasallne.  The  analysis  results  are  used  to  calibrate  a  computerised  slalng  code  which  allows  the  baseline 
to  he  alaed  to  a  mission.  The  aircraft  is  scaled  holding  a  constant  thruat-to-welght  ratio  (T/W)  and  wing 
loading  (W/S)  to  keep  the  point  performance  approximately  constant. 

These  slalng  codes  are  valuahle  rzols  and  very  refined  in  some  cases.  Most  alalng  codes  allow  one, 
not  only  to  rasise  to  different  mlsalot. .  hut  to  conduct  tradeoff  analysis  ou  at  least  the  wing  tdlng 
and  the  thrust  to  weight  ratio.  Tha  ape  ..tic  exceaa  p  we r,  turn  rates,  landing  and  takeoff  dletancea, 
acceleration  times  and  other  point  performance  requirements  can  be  overlaid  on  tha  plots  of  N/S  and  T/U  to 
shov  the  design  spree  for  which  all  of  tha  requirements  are  satisfied.  In  cases  where  several  different 
performance  points  are  being  simultaneously  considered.  It  la  an  excellent  approach  to  evaluating  the 
combined  effects  of  all  performance  requlreaents.  This  process  will  he  discussed  In  detail  later. 

In  concept  fuel  natch  sizing  la  a  rather  simple  process.  Given  a  fuel  sizing  mission  and  a 
haaellne  design  tha  fuel  required  for  that  design  to  perform  the  mission  can  he  calculated  hy  summing  the 
fuel  required  for  each  mission  leg,  with  appropriate  fuel  allowances  and  reserves.  If  the  fuel  calculated 
for  the  mission  does  not  equal  the  fuel  evallshle  in  the  baseline  design,  the  alrcreft  is  scaled  up  or 
down  depending  upon  whether  there  was  excess  or  Insufficient  fuel  for  the  mission.  This  process  converges 
on  a  sized  aircraft  where  tha  fuel  available  equals  tha  fuel  required.  Figure  10  illustrates  the  reason 
for  this  convergence.  Since  there  are  many  Items  in  the  aircraft  such  as  the  payload,  avionics,  crew, 
crew  station,  and  so  forth,  which  do  not  scale  with  the  else  of  the  aircraft,  tha  fuel  fraction  of  the 
baseline  will  Increase  as  It  is  scaled  up  and  decreased  as  It  Is  sc^'ed  down.  Because  the  fuel  fraction 
required  for  the  ml. * ton  is  such  lass  sensitive  to  slsa  than  the  tuei  avallahle,  the  two  curves  usually 
intersect.  Converge  e  is  by  no  means  guersntaed,  however.  In  some  cssee,  the  two  curvee  are  so  nearly 
parallel  that  they  do  not  converge  within  the  region  of  scalahlilty  of  the  haaellne.  In  some  cases  the 
curves  may  actually  diverge. 

While  this  seems  to  be  a  rather  simple  process  it  is,  In  reality,  quits  complex.  The  problem  stems 
from  scaling  the  aircraft.  When  the  size  of  the  baseline  is  altered  practically  everything  In  tha  air¬ 
craft  changes;  halance,  stability  margin,  landing  gear  size  and  placement,  drag  and  lift,  control  surface 
slalng  to  mention  Just  a  few.  Each  point  on  the  curve  In  Figure  10  is  a  different  design.  No  computer 
code  can  adequately  account  for  all  of  these  effects.  Consequently,  the  range  of  scslsblllty  must  be 
carefully  considered.  After  slalng  the  aircraft,  the  geometry  of  the  slsed  vehicle  is  laid  out  again  and 
the  process  repeated. 

Mission  sensitivities  can  be  conducted  using  the  same  basic  slslng  method  previously  described,  sc 
shown  In  Figure  11.  For  mission  sensitivities,  the  fuel  required  curve  Is  constructed  for  each  of  the 
mljslon  variations  of  interest.  The  Intersection  of  these  curves  with  tha  fuel  available  curve  can  be 
plotted  versus  the  mission  parameter  of  Interest.  Eadlus,  combat  fuel,  crvlse  and  dash  speed,  altitude 
and  alternative  cocblnatlons  of  mission  legs  can  be  varied  In  this  same  way.  For  these  mission  sansl- 
tlvltles  the  W/S  and  aircraft  T/W  are  held  constant  so  that  the  energy  maneuverability  is  changed  as 
little  as  possible. 

Fuel  u.  ceS  slslng  only  oatlsfies  the  mission  fuel  requirements.  It  la  still  nacessary  to  lnsura 
that  all  of  the  point  performance  requirements  sre  met.  These  point  peiformanca  requirements  include 
specific  excess  power,  sustained  and  available  turn  rates,  landing  and  takeoff  distances  and  acceleration 
capability.  Thera  may  be  dosens  of  these  points  since  energy  maneuverability  at  many  different  each 
number  and  altltuds  combinations  are  usually  specified.  In  order  to  simultaneously  satisfy  all  of  the 
point  performance  requirements,  tradeoff  analyses  m  conducted.  The  fuel  match  siting  has  to  be  con¬ 
ducted  for  several  different  W/S  and  T/W  values.  The  results  of  these  fuel  match  calculations  for  each 
W/S  and  T/V  can  be  plotted  on  a  single  graph  ae  shown  in  Figure  12. 

Figure  13  shows  how  the  point  performance  constraints  can  be  displayed  on  s  nap  of  W/S,  T/W,  and 
gross  weight.  The  hash  marks  on  the  constraint  Unas  Indicate  the  portion  of  the  solution  epees  which 
will  not  simultaneously  satisfy  both  the  P  and  sustained  turn  constraints.  Any  combination  of  W/S  and 
T/W  above  tha  constraint  lines  (opposite  the  hash  narks)  will  satisfy  both  constraints.  Tha  lntarsectlon 


2-4 


of  the  two  constraint  line*  dafina  tha  minimum  groaa  walght  aircraft  which  aatlafiaa  both  parforsanca 
raquiramenta. 

Figure  13  can  bo  usad  to  illuatrata  tha  valua  of  tha  graphical  display  of  this  information  aa  oppoaad 
to  a  computer  optimization.  Tha  P  constraint  line  ia  vary  nearly  tha  same  as  a  T/V  line  whereas  the 
sustained  turn  rata  constraint  ia  nearly  horizontal.  This  means  that  if  both  the  engine  size  and  tha  wing 
loading  are  lncraaaad  tha  sustained  turn  rata  will  be  maintained  whereas  the  P  will  Increase  substan¬ 
tially.  Thus,  added  P  can  be  achieved  with  little  lncraasa  in  tha  groaa  walght  of  the  aircraft.  This  is 
apparent  on  tha  graph  fiut  would  not  ba  known  if  tha  computer  vara  allowed  to  optimize  tha  solution. 

Tha  foregoing  discussion  of  aircraft  sizing  and  tradeoff  analysis  has  bean  concerned  with  only  two 
design  parameters,  V/S  and  T/W.  Even  at  tha  conceptual  level  there  era  many  mora  design  parameters  that 
must  be  considered  in  the  design  and  sizing  of  tha  aircraft.  Figure  14  gives  examples  of  parameters  that 
have  a  firat  order  affect  on  tha  size  of  tha  aircraft.  Values  had  to  ba  assumed  for  all  of  these  parame¬ 
ters  for  the  baseline  design  and  it  is  necessary  to  conduct  tradeoff  analysis  to  select  the  values  yield¬ 
ing  the  lowest  gross  weight.  Figure  IS  le  an  example  of  a  wing  sweep  versus  aspect  ratio  tradeoff.  Such 
tradeoffs  must  be  performed  for  all  first  order  parameters.  Tha  W/S  versus  T/W  tradeoff  shown  in  Figure 
13  represents  a  local  optimum  for  the  specific  valua  of  each  of  tha  parameters  shown  in  Figure  14  that 
ware  selected  for  the  baseline  design.  The  large  number  of  design  perametvrs  Involved  greatly  Increased 
the  complexity  of  the  tradeoff  analysis. 

No  discussion  of  concaptusl  design  would  be  complete  without  a  discussion  of  conceptual  design 
methods.  Conceptual  design  relies  heavily  on  empirical  methods.  In  the  early  phases  of  the  design 
process  analytical  methods  are  Inappropriate  for  savaral  reasons.  First,  tha  methods  should  predict  what 
the  weight  or  drag  of  a  configuration  would  ba  given  tha  normal  time  to  refine  the  design  in  the  prelimi¬ 
nary  and  detailed  design  phase.  Every  bump  will  not  be  removed  from  the  area  progression  curve  during 
conceptual  design.  This  prediction  must  account  for  technology  advances.  Second,  the  method  must  be 
comprehensive,  that  le,  all  walght,  dreg,  lift,  thrust  loss,  and  signature  contribution,  from  every 
sou  ca,  must  ba  pradlcted.  Fav  analytlcol  mathoda  do  this.  For  example,  the  most  sophisticated  struc¬ 
tural  analysis  codas  predict  less  than  SOT  of  tha  weight  of  any  structural  component.  Since  structure 
accounts  for  only  30X  of  a  fighter's  weight,  a  complex  finite  element  analysis  code  trill  predict  less  thsn 
1ST  of  the  total  weight.  This  is  inadequate  for  conceptual  design.  Third,  the  time  to  Input  and  run 
analytical  codas  is  Inconsistent  with  the  number  o  '  people  on  a  conceptual  design  team  and  the  turn  around 
time  required  during  tha  conceptual  design  phase.  All  of  these  fectora  tend  to  make  the  conceptual  design 
mathoda  a  rather  specialized  field. 

Conceptual  design  le  encompassing  mora  areas  then  it  has  in  tha  past,  as  shown  in  Figure  7.  This 
is  because  all  of  those  arass  era  included  in  tha  requirements  and  it  is  nacaassry  to  ba  abla  to  evaluate 
them  at  that  level.  Much  mure  attention  is  currently  being  focused  on  loglstlea  factors  and  coat  thsn  has 
bean  tha  case  in  tha  past.  Signatures  and  vulnerable  areas  are  Important  for  effectlveneaa  enelysia. 
Methods  have  been  developed  for  analysis  of  thaaa  fectora  end  It  la  now  expected  that  such  analysis  data 
will  be  produced  in  tha  conceptual  design  phase. 

Conceptual  design  involves  tha  use  of  computers  In  maty  aspects  of  the  design  process.  Codes  for 
sizing,  performance,  and  analysis  have  bean  In  existence  for  many  years.  Mora  racantly  tbs  development  of 
graphic  software  and  high  resolution  terminals  permit  tha  configuration  layout  to  ba  dona  at  the  terminal. 
Layout  of  a  configuration  le  a  high  skill  lcval  function  whathar  it  is  dona  with  tha  sld  of  s  computer  or 
on  tha  board.  A  design  created  on  tha  board  may  be  digitized  into  the  computer  for  analysis  purposes  as 
shown  In  Figure  16. 

One  of  the  more  Important  advantages  of  the  use  of  computer  elded  dealgn  systems  to  dsvslop  config¬ 
uration  geometry  may  be  ths  ability  to  ganarate  tha  Input  to  analysis  programs  that  raqulra  a  lsrge  amount 
of  goomatry  dsta,  such  as  aarodynamlc  psnaling  codas  or  flnits  alsment  structural  analysis.  Figures  17, 
18,  6  19  show  output  taken  directly  from  the  terminal  scraan  of  s  computer  sided  design  (CAD)  system. 
Flgura  17  is  s  graph  of  tha  aras  progression  and  the  volume  cf  tha  components.  Figure  18  shows  s  perime¬ 
ter  plot  with  watted  area.  Figure  19  la  a  far  field  wave  drag  rnalysle.  All  of  thla  output  le  available 
once  the  geometry  ia  In  the  coaiputer. 

Another  example  of  the  use  of  geometry  files  la  to  fabrlcsta  models.  Figure  20  shows  s  configura¬ 
tion  file  being  displayed  on  a  color  terminal.  Flgura  21  le  a  -holograph  of  the  face  of  the  terminal 
displaying  this  seme  configuration.  Finally,  Flgura  22  ahows  a  model  that  was  fabricated  from  this  same 
geometry  file.  Tha  configuration  geometry  file  wee  transferred  to  a  commercially  available  CAD  system  snd 
thsn  to  a  numerically  controlled  milling  machine  to  fabricate  tha  modal.  It  la  wall  within  tha 
etate-of-tho-art  to  create  geometry  Input  for  different  analysis  toolo  snd  to  Interface  files  for  model 
febrlcatloa. 

2.3  Fighter  Requirements 

This  section  will  present  s  summery  of  some  of  ths  key  issues  thst  srs  addressed  during  the  orocess 
of  defining  •  fighter  requirement.  Ths  publlcetlon  of  s  requirement  for  s  new  fighter  Is  s  commitment  of 
tens  of  billion  of  dollers  in  totsl  Ilfs  cycle  cost,  not  including  wespons.  Such  s  commitment  of  funds 
assures  that  tha  decisions  aa  to  whan  a  nav  flghtar  devalopment  will  bagln  go  isr  bayond  the  technical 
conaldaretiona  alone.  The  enormous  political  and  economic  Implications  of  a  new  aircraft  development  have 
s  major  Influence  on  what  Is  developed  snd  when  It  is  developed.  These  aspects  of  ths  gestation  of  s 
requirement  ere  not  eddreeaed  In  thla  paper. 

Before  attempting  to  diacuae  the  principal  Issues  thst  must  be  Addressed  In  defining  s  fighter 
requirement ,  there  must  be  some  agreement  as  to  what  la  meant  by  a  fighter  aircraft.  A  flghtar  may  he 
defined  as  any  aircraft  whose  primary  mleeion  le  to  maintain  elr  superiority  by  engaging  In  alr-io-alr 
combat.  This  definition  Includes  the  mleeion  roles  of  air  superiority  fighter,  fighter  escort  and  fighter 
interceptor.  It  does  not  preclude,  as  a  aacondary  rola,  air-tn-eurface  attack,  raconnalaiance  or  o-Har 
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role* .  Because  of  tha  axpanae  of  davaloplng  and  maintaining  different  aircraft  In  tha  sane  ganaral  weight 
and  performance  claaa,  ground  attack  nay  ba  Included  aa  a  aacondary  role  for  fighter  aircraft.  A  dis- 
cusalon  of  fighter  aircraft  would  be  incomplete  without  aone  conaldaratlon  of  the  elr-to-surfaca  role. 

Among  the  contenta  of  a  typical  fighter  requirement  ere  thoee  illustrated  In  Figure  23.  All  of  the 
requirements  Hated  contribute  to  the  ability  of  tha  flghtar  to  perform  lta  miaalon.  The  ceuae  and  effect 
between  thaae  requlrementa  and  the  general  capebllltlea  that  are  sought  In  a  fighter  moat  be  astabllahed 
In  order  to  provide  the  rationale  for  eech  of  the  requlrementa.  Each  of  the  requlrementa  contribute  to 
the  coat  of  the  fighter,  consequently  It  must  be  shown  that  it  la  needed.  A  rationale  that  has  been  used 
to  justify  performance  la  that  a  margin  la  needad  of  over  the  threat  to  assure  aucceas  In  combat.  This 
rationale  usually  contributes  to  at  least  a  part  of  any  fighter  requirement.  Even  this  simple  rationale 
has  lta  problems  howevar.  Many  Important  queatlons  remain  unanswered  auch  aa;  how  much  of  a  performance 
margin  ia  needed,  la  It  needed  over  the  entire  flight  envalope,  la  performance  really  important  slnca 
technology  A,  B  or  C  subatitute  for  the  need  for  performance,  can  weapon  performance  aubatltute  for 
aircraft  performance  and  can  quality  of  aircraft  replaca  quantity.  Thaae  ara  difficult  questions  but 
answers  are  needed  to  formulate  a  requirement .  Analysis,  simulation  and  tast  all  are  used  to  attempt  to 
provide  answers  to  these  queatlons. 

The  following  diacuaslon  of  flghtar  requirements  focuaes  on  the  major  categories  of  capability 
listed  In  Figure  24.  All  of  tha  requirements  contribute  to  one  of  these  general  capabilities.  A  quanti¬ 
tative  assessment  of  this  contribution  la  beyond  the  scope  of  this  lectura.  The  purpose  of  this  dis¬ 
cussion  la  to  highlight  the  major  concerns  which  currently  Influence  flghtar  design. 

Close-in-Combat 

Close-ln-combat  has  traditionally  bean  the  very  essence  of  fighter  aircraft  design. 
Close- in-combet  if  sometimes  referred  to  as  a  dogfight  because  of  tha  twisting,  turning  maneuvers  of  the 
combatants.  Flgur-  25  Is  a  graphical  output  from  a  close-ln-combat  simulation  which  supports  the  analogy. 
For  early  air  superiority  fighters,  the  only  armament  was  a  gun  which  vas  most  affective  at  300  to  800  ft. 
Close-ln-combat  literally  meant  within  gun  range.  The  pilot  vas  tha  target  acquisition  and  fire  control 
syatwm.  The  addition  of  the  IR  missile  did  llttla  to  fundamentally  alter  what  vas  important  In  flghtsr 
design.  The  IR  missile  still  required  tha  pilot  to  maneuver  to  the  6  o'clock  position  bsfors  tha  mlselle 
vas  affective.  In  recent  years  there  have  bean  a  number  of  advances  that  are  altering  all  of  this.  The 
Improvements  In  tha  all  aspect  missile  la  one  of  the  principal  new  technologies  that  may  change  forever 
the  nature  of  the  flghtar  design.  Early  evidence  from  simulations  and  actual  combat  indicate  that  there 
la  some  reason  to  believe  that  this  la  so.  On  tha  other  hand,  we  have  heralded  the  end  to  the  dogfight 
before,  only  to  have  It  reappear  due  to  tha  failure  of  the  missile  systems  to  deliver  as  promised.  There 
la  still  reason  to  believe  that  even  In  this  advanced  age  of  avionics,  the  missile  will  -ot  be  the  total 
solution.  In  any  event,  tha  user  has  not  seen  fit  to  dispense  with  the  classical  maneuverability  of  the 
flghtar.  Slnca  tha  uaer  has  the  final  prerogative  whan  it  comes  to  . ^qulrements,  it  Is  still  important  to 
understand  what  effect  they  have  on  the  aircraft. 

Tha  characteristic  that  la  generally  thought  of  as  defining  a  fighter  aircraft  Is  Its  ability  r.o 
maneuver  to  a  position  of  advantage  In  aerial  combat  and  succeed  In  shooting  down  the  opponent.  Enough 
has  been  said  and  written  on  this  subject  to  fill  many  books.  Still,  when  It  comes  to  making  a  definitive 
statement  of  the  maneuverability  requirements  for  advanced  fighters,  the  task  Is  not  easy.  This  Is  partly 
due  to  the  many  diverse  technologies  that  open  up  new  possibilities  for  air  combat.  It  la  also  due  to  the 
fact  that  the  design  of  an  aircraft  Involves  many  compromises  and  must  be  constrained  to  the  funds  avail¬ 
able.  Requirements  cennot  ask  for  all  of  everything,  so  one  Is  faced  with  the  problem  of  deciding  whet  Is 
moat  Important. 

In  the  mind's  eye  one  can  envision  close-ln-combat  as  two  opposing  aircraft  approaching  each  other, 
engaging  In  a  dogfight  with  one  aircraft  eventually  shooting  down  the  other.  This,  In  fact.  Is  the 
scenario  that  has  flavored  much  thinking  with  respect  to  fighter  requirements  and  analyses.  Models  havs 
been  developed  which  can  simulate  such  engagements  and  it  is  straight  forvard  to  translate  tbs  analysis 
results  Into  design  requirements.  The  outcome  of  the  analysis  of  many  such  engagements  has  been  corre¬ 
cted  egelnat  msneuvereblllty  parameter*.  These  correlations  result  In  ths  conclusion  that  the  important 
maneuverability  parameters  era  specific  excess  power,  sustained  turn  rate,  lnstentsneous  (available)  tun. 
rete  and  acceleration. 

Specific  excess  power  is  defined  by  the  following  equation: 


P  .  (I  -  °>v  ^  <»> 

a  W 

Where  P^  -  Specific  Excess  Power 

T  -  Thrust 

D  •  Drag 

W  -  Aircraft  Weight 

V  -  Velocity 

Specific  excess  power  varies  with  ths  flight  condition  and  it  la  comarcn  to  display  P  as  a  function 
of  Mach  number  and  altitude  as  shown  in  Figure  26.  P  is  assessed  both  for  level  fll^t  and  turning 
flight  where  the  drag  Is  higher.  As  ths  turn  rate  la 'increased  the  point  is  reached  where  the  thrust 
equals  the  drag.  At  this  point,  the  aircraft  has  reached  Its  maximum  sustained  turn  rate.  Thus,  ths  11ns 
on  tha  5g  plot  In  Figure  26  where  P  ■  0  determines  the  boundary  of  the  5g  sustained  normal  load  factor 
capability  for  this  particular  aircraft.  The  turn  rate  can  be  further  Increased  at  a  sacrifice  in  energy 
level.  When  the  aircraft  turn  rate  Is  Increased  to  the  point  where  C, is  reached,  it  can  be  Increased 
no  further.  This  is  the  available  turn  rate  (ATR)  or  Instantaneous  turrf  rate. 
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For  ?"i  aircraft  that  la  wall  doalgnad  aerodynamic ally  P  In  one  g  level  flight  la  primarily  de- 
t a rained  by  the  aircraft  thnist-to-velght  ratio  (T/W) .  Vary  high  thruet  anginas  are  desired  for  high  P  . 
Tha  high  thrust-to-velght  ratio  of  aodarn  fighter  anginas,  (T/W)E>  allows  the  achievement  of  very  high  f 
values  for  future  fighters.  Evan  given  modern  high  (T/W)^  anginas,  tha  increments  In  P  can  cost  dearly 
in  Increased  gross  weight  of  the  aircraft.  Consider  a  hypothetical  aircraft,  for  example  a  wall  designed 
supercruise  fighter,  with  a  combat  wing  loading  of  56  lba/fta  and  a  combat  T/tf  of  0.52.  This  equates  to 
an  uninstalled  sea  level  static  thrust-to-velght  ratio  of  about  1,0.  The  P  of  such  a  hypothetical 
aircraft  at  M-0.9  and  altitude  of  30,000  ft  would  be  about  370  ft/sec.  If  “100  fpa  more  of  P  were 
required,  a  combat  T/W  of  0,636  would  he  needed.  Figure  27  shows  the  results  of  reslxlng  this  af.rcAft  to 
the  new  P  requirement  to  be  over  10,000  lbs  In  weight.  This  Is  e  rather  extreme  case  because  of  mission 
fuel  requirements,  but  It  Illustrates  the  point  that  P  requirements  are  Co  be  carefully  considered  In 
developing  a  requirement  for  a  new  aircraft.  This  tiling  was  done  vith  a  (T/W)g  of  9.0.  If  a  higher 

(T/W).,  were  achieved  through  technology  advances  In  fighter  engines,  the  results  would  be  less  dramatic. 

£ 

Maximum  sustained  turn  rate  (0)  la  a  second  Important  design  requirement  which  contributes  to 
doBe-ln-combat  capability.  ?  la  the  angular  velocity  measured  In  degrees  per  second.  Sustained  turn 
rete  Is  also  commonly  expressed  In  "g'e"  which  la  the  normal  load  factor.  Sustained  turn  rate  and  normal 
load  factor  are  related  by  the  following  formula. 


S  - 


Eq  (2) 


Where:  9“  turn  rate 

n  •  normal  load  factor 

The  g's  for  a  maximum  sustained  turn  are  related  to  tha  wing  loading  end  thrust  to  weight  ratio  by  the 
following  approximation: 

Where:  n  -  maximum  eceady  state  normal  load  factor 
q  -  dynamic  pressure 
W/S  -  combat  wing  loading 
T  “  thrust 

K  ■  wing  dreg-dua-to-llft  factor  for 
uncaabared  wlag 
S  ■  wing  reference  area 

“  aero  lift  dreg  coefficient 


It  la  apparent  from  Eq  (3)  that  the  maximum  euatalned  turn  capability  of  a  fighter  la  a  function  of 
both  the  combat  thrust  and  combat  wing  loading.  A  tradeoff  analysis  la  required  to  determine  the  correct 
combination  of  wing  loading  and  thrust-to-velght  ratio.  Figure  28  shows  the  results  of  such  a  tradeoff 
analysis.  There  Is  a  unique  combination  of  W/S  end  T/W  for  lowest  gross  weight  for  any  requlrad  sustained 
e,  as  shown  by  the  minimum  point  on  the  curve. 

Figure  29  Is  another  presentation  of  the  results  of  a  tradeoff  analysis  of  W/S  and  T/W.  This  plot 
maps  constant  gross  weight  lines  on  a  T/W  veraua  W/S  plot.  The  point  of  tangency  of  these  gross  weight 
lines  vlth  the  lines  of  constant  sustained  g's  defines  tha  minimum  gross  weight.  The  locua  of  combina¬ 
tions  of  T/W  and  W/S  which  minimise  tha  gross  weight  for  esch  g  level  Is  dramatised  by  this  plot.  Cross 

weight  Is  quite  sensitive  to  the  requirement  for  additional  maximum  sustained  turn  rate  capability.  The 
requirement  for  an  sddltlonal  0.5  sustained  load  factor  can  Increase  the  gross  weight  by  10Z. 

The  third  requirement  which  effects  the  outcome  of  dogfight  engegesMnts  Is  the  maximum  Instanta¬ 

neous  turn  race  also  called  available  turn  rata  (ATI).  This  parameter  la  effected  only  by  the  maximum 
lift  coefficient  of  the  wing  and  thn  wing  loading.  ATR  Is  not  afferted  by  angina  thrust  and  relates  to 
load  factor  by  Eq  (1).  Maximum  Instantaneous  load  factor  Is  given  by  the  following  equation. 

^Lmax^  Eq  (*) 

«  W/S 

Where:  n  ■  maximum  lnstentaneous  loed  factor 
*  maximum  lift  coefficient 
$  ■  dynamic  pressure 
V/S  Is  the  wing  lcedlag 

Although  there  Is  a  loss  of  energy  whan  the  alrcreft  le  turning  at  a  rate  greater  then  the  maximum  sus 
talned  turn  rata,  the  lnstanteneous  turn  rete  le  nevertheleee  an  important  parameter.  In  the  one-on-one 
engagement  modeled  In  Figure  25  nearly  all  of  the  engagement  la  conducted  at  conditions  whert  the  <  0. 

Over  a  large  part  cf  the  flight  envelope  the  maximum  instantaneous  load  factor  will  be  limited  by 
tha  structural  design  limits  of  tha  aircraft  rather  than  the  C.  of  the  wing.  This  le  graphically 
Illustrated  In  Figure  30,  x 

The  tradeoffs  Illustrated  here  ere  very  complex  if  dome  correctly.  The  problem  la  multldlmentlonsl 
since  tha  aerodynamic  efficiency  of  the  total  aircraft  la  Involved.  This  Implies  that  the  plant ora  of  rhe 
aircraft  should  be  optimised  at  each  point  In  the  W/S  versus  T/W  plane.  Tha  angina  cycls  la  also  Involved 
as  wall  as  the  structural  efficiency.  A  further  complicating  factor  la  that  there  are  many  constraints 
othar  than  turn  rata  and  F  .  Tha  global  optimisation  problem  resulting  from  the  many  parameters  and  many 
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constraints  Is  large.  In  gsnersl ,  however,  the  type  of  tradeoff*  Illustrated  hare  era  used  for  asking 
decisions  relative  to  fighter  requirements . 

A a  mentioned  earlier  the  result  of  comhat  simulations  have  heen  correlated  against  the  P  ,  sus¬ 
tained  turn  rate  end  available  tnm  rate.  Theee  parameters  produce  a  good  statistical  correlation  with 
exchange  ratio  In  one-on-one  combat.  If  an  engagement  le  other  than  one-on-ona  the  outcome  Is  different 
than  one  would  predict  by  one-one-one  analyali.  Whereas  In  e  one-on-one  engagement,  the  exchange  ratio 
(number  of  aircraft  kllled/numher  of  aircraft  lost)  can  reach  almost  any  value  depending  on  the  difference 
In  the  level  of  energy  maneuverability  between  opponents.  In  one-veraus-two  or  two  varsue  two  engagements 
the  results  do  not  correlate  as  well.  Multiple  aircraft  engagements  are  much  more  difficult  to  analyse 
and  much  more  dependent  on  the  tectice  ueed  hy  the  opponents.  Analyses ,  simulation  and  operational  eval¬ 
uation  have  ell  been  used  to  evaluate  the  multiple  engagement  problem.  Vhe  results  of  many  simulations 
era  shown  In  Figure  31.  One  general  conclusion  le  that  requirements  cannot  he  based  axcluelvaly  on  energy 
maneuverability  hut  that  mansuverahlllty  Is  still  significant,  although  It  le  most  important  In  1  versus  1 
combat.  The  results  of  analysis  of  engagements  of  multiple  aircraft,  do  not  alter  the  desire  to  have  an 
energy  maneuverability  margin  over  any  projected  threat.  As  a  consequence  a  section  on  turn  rates  end 
specific  excess  power  will  he  Included  In  any  requlresMats  document. 

There  ere  several  new  technologies  that  also  have  e  hearing  on  the  reliance  on  energy  maneuverabil¬ 
ity  for  success  In  alr-to-eir  combat.  These  technologies  lnersese  the  volume  of  ths  envelope  for  which 
the  armament  may  he  used  affectively.  Included  In  thla  category  are  trelnahla  guns,  unconventional  flight 
modes,  off  boreslght  missiles,  end  all  aspect  missiles.  The  effect  of  these  technologies  le  to  Increase 
the  time  of  the  target  In  the  lethal  envelope  of  the  armament  during  an  alr-to-elr  engagement  as  shown  In 
Figure  32.  In  the  past,  guns  and  missiles  have  been  limited  primarily  to  engagements  from  the  rsar 
quadrant  for  high  probability  to  kill.  The  rear  aspect  missiles  are  IK  missiles  which  depend  on  viewing 
engine  hot  parts  In  order  to  home  on  the  target.  In  terms  of  comhat  tactics  they  do  not  change  the 
emphasis  or  aircraft  performenca  since  It  la  still  necessary  to  position  near  "6  o'clock"  for  an  effective 
target  kill.  The  ell  aspect  missile,  tralnshle  gun,  unconventional  flight  modes  end  off  horeelght  mis¬ 
siles  on  the  other  hand,  permit  engegesMnt  from  any  position  relative  to  the  target.  With  an  ell  aspect 
missile  It  is  only  necessary  that  the  target  he  acquired  and  within  range.  In  theory  theee  tschnologles 
could  he  snhstltutad  for  some  of  the  energy  maneuverability  requirements  with  no  loss  In  effectiveness. 
Analyses  end  flight  demonstrations  have  been  performed  which  Indicate  that  fighters  employing  these 
technologies  can  succeed  against  fighters  which  have  superior  energy  mansuverahlllty  but  lack  thaso 
technologies.  In  the  future,  these  technologies  may  have  an  Influence  on  the  level  of  energy  maneuver¬ 
ability  required.  At  present,  however,  there  le  inadequate  demonstrated  capability  from  these  tech¬ 
nologies  to  altar  the  thinking  about  fighter  requirements  significantly. 

Beyond  Visual  tango  (BVK)  Combat 

The  more  serious  problem  associated  with  the  focus  on  aircraft  performance  for  close-ln-comhat, 
however.  Is  that  the  nature  of  elr  comhat  may  be  changing.  The  factors  contributing  to  the  change  are 
lllnstrated  in  Figure  33.  There  ere  still  some  who  maintain  the  view  that  long  range  missiles,  avionics 
end  reduced  signatures  do  not  alter  the  fundamental  nature  of  air  combat.  At  one  time  the  failure  of 
missiles  to  live  up  to  expectations  seemed  to  support  their  case.  Kecant  combat  experience,  however, 
seams  to  Indicate  otherwise.  While  there  have  been  fatal  flat's  In  some  missile  systems  In  the  pest, 
progress  Ms  been  made  toward  correcting  theee  deficiencies.  The  acceptance  of  long-range  missiles  ns  the 
primary  armament  for  aircraft  has  a  fundamental  Impact  on  fighter  requirements.  Long  range  mlesllee  shift 
the  amphaels  from  ths  close-in-combat  arena  to  the  other  types  of  cunbat  shown  in  Figure  34.  BV1  combat 
Includes  the  M  versus  K  combat  In  which  the  friendly  aircraft  can  easily  ha  distinguished  from  the  oppo¬ 
sition  by  position  and  the  1  versus  1  versus  l  combat  where  there  Is  general  chaos  among  combatants.  In 
this  latter  case,  knowledge  of  the  target  position  does  not  Identify  the  aircraft  end  any  aircraft  nay  be 
simultaneously  both  being  attacked  and  attacking.  Of  course,  BVK  nay  also  be  e  one  versus  one  situation 
end  -'one- ln-combat  may  Involve  multiple  aircraft. 

An  engageswnt  may  begin  at  hayond  visual  range  and  and  In  a  dogfight  as  Illustrated  In  Figure  35, 
This  simulation  begins  at  a  separation  distance  of  40  an  where  the  first  missiles  era  fired.  The 
combatants  begin  maneuvers  et  this  point  but  are  constrained  to  keep  each  other  In  their  field  of  view. 
After  the  BVK  missiles  fall  to  affect  e  kill,  the  engagement  eventually  turns  Into  a  dogfight.  The 
relative  magnitude  of  the  scale  between  BVK  end  CIC  Is  shown  In  Figure  35.  Typical  BVK  simulations  begin 
at  40  to  50  (Ml  wharaaa  CIC  alnul«t<m>*  *t«rt  at  3  !».  This  figure  flee  servos  to  illustrate  thst  the 
maneuvers  In  BVK  simulation  are  not  nearly  as  violent  as  CZC  maneuvers. 

The  fundamental  capabilities  that  contribute  to  success  In  CIC  ere  the  same  in  BVK  combat  l.a.  to 
sc*  without  being  seen,  to  shoot  without  being  shot  at,  and  to  kill  without  being  killed.  The  aircraft 
characteristics  which  contributes  to  these  capabilities  are  greatly  dlffsrant,  however.  The  relative 
maneuverability  between  the  opposing  eltcreft  has  very  little  to  do  with  the  outcome  of  the  sngegement. 
Low  epesd  missileer  aircraft  such  ee  the  one  shown  In  Figure  34,  which  have  very  little  energy  maneuver¬ 
ability,  have  been  showu  In  analysis  to  have  very  favorable  exchange  ratios  In  certain  elr  combat  sit¬ 
uations,  If  they  have  effective  long  and  medium  range  missiles.  A  missileer  Is  like  a  porcupine;  vary 
dangerous  If  It  Is  attacked  but  not  very  effective  in  an  offensive  role. 

BVK  combat  Is  not  new.  Long  range  redar  guided  mleslls  have  besn  operational  for  many  ysare  un 
F-Hs,  F-13s,  F-4e  and  many  other  aircraft.  Even  so,  it  Is  not  really  clear  what  will  make  a  good  BVK 
fighter  In  e  tactical  situation.  At  present,  the  Issues  shewn  In  Figure  37  dominate  the  discussions. 
Speed  with  maneuverability  Is  one  of  the  key  Issues.  A  fighter  with  a  sustained  high  speed  cruise  ca¬ 
pability  has  the  ability  to  provide  defensive  capability  as  shown  Figures  33  ,  39,  end  40.  The  higher 
speed  capability  allows  the  Interceptor  to  be  farther  sway  from  lte  hose  than  a  lower  speed  aircraft  In 
any  given  period  of  time,  (Figure  39).  The  average  speed  from  base  to  Intercept  point  defines  the  capture 
envelope.  Fewer  aircraft  are  chla  to  penetrate  the  defense  simply  becauss  the  Interceptor  cannot  get  to 
the  Intercept  point  before  the  threat  has  flown  hy.  This  larger  radius  of  action  makes  it  possible  to 
defend  a  larger  area  from  e  given  base,  thus  reducing  the  number  of  interceptors  end  Interceptor  bases 
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required.  Spaed  also  allows  an  Interceptor  to  catch  up  to  flaatlng  targets  from  the  rear  as  shown  In 
Figure  40.  The  delay  tlma  and  target  speed  heve  a  dramatic  affect  on  the  Interceptor  snesd  required  to 
capture  the  target. 

A  second  advantege  of  a  high  speed  capability  fot  e  fighter  Is  the  expansion  of  the  missile  launch 
envelops  dua  to  the  hlghar  launch  spaed.  The  launch  speed  of  the  elrcraft  Is  added  to  the  missiles  energy 
permitting  the  missile  to  be  launched  at  e  greater  ranga  than  the  opponents  mlsalla.  Figure  41  shows  the 
relative  leunch  envelope  aree  difference  due  to  speed  differential. 

In  the  chaotic  situation  there  Is  another  advantege  to  speed.  Where  the  position  and  velocity 
vector  of  tha  targets  sra  random  and  plentiful  the  aircraft  that  Is  fast  and  maneuverable  has  more  firing 
opportunities.  This  Is  due,  not  only  to  the  expended  leunch  envelope,  but  to  the  fact  that  a  fester 
aircraft  will  overtake  more  of  the  slow  movars  In  the  same  way  that  the  fastest  car  on  tha  autobahn  will 
encounter  more  cars  than  the  automobile  moving  at  tha  average  traffic  speed.  Figures  42  and  43  show  two 
cases;  ona  with  tha  blue  aircraft  at  twice  the  speed  of  the  red  and  tha  other  with  the  blue  aircraft  et 
half  the  speed  of  the  red  alrcrsft.  In  the  first  case  tha  blue  aircraft  hes  three  firing  opportunities 
end  la  not  flrad  upon.  In  the  later  case  the  blue  aircraft  Is  fired  on  tvlce  end  does  not  fire  on  eny 
opponent.  In  the  scenario  of  chaotic  combat,  the  speed  advantege  yields  more  firing  opportunities. 

In  head-on  engagements,  upeed  can  also  have  e  detrimental  effect.  Figure  44  Illustrates  this 
point.  Two  heed  on  Intercept  situations  are  shown  here;  one  Is  equal  speeds  for  opposing  elrcreft  (upper 
left)  the  other  Is  with  blue  at  e  higher  speed  then  red.  In  both  csoae  the  aircraft  continue  their 
haed-on  etteck  until  missile  Impact.  In  the  former  case,  the  Impact  is  elmultaneous.  In  the  lattar  cese 
the  red  missile  Impacted  before  tha  blue  missile.  The  blue  aircraft  literally  flew  Into  the  red  missile. 
Most  long  range  missile  guidance  systems  require  that  the  aircraft  continue  to  close  on  Its  target  after 
tha  missile  has  been  launched. 

The  dlaedvantage  of  the  engagement  kinematics  with  e  high  speed  aircraft  cen  be  mitigated  to  some 
extent  by  supersonic  maneuverability.  The  analysis  of  tha  use  of  maneuverability  et  suparsonlc  speed  and 
the  design  implications  are  shown  In  Figure  45.  The  basic  tactic  is  to  maneuver  away  from  the  ettecking 
aircraft  as  much  as  poaelbla  without  losing  the  ability  to  track  end  retain  speed  for  a  reatteck.  Whst 
one  trlas  to  achieve  la  the  maximum  F-Pole  which  is  the  aeper  tion  distance  between  the  aircraft  et  the 
time  of  blue  missile  lmpect.  Figure  46  Illustrates  the  effect  that  uneuver  has  on  Increasing  tha  F-Pole. 
Maximising  the  F-Pole  lncreaaes  the  probability  of  killing  the  target  before  the  guldsnce  in  the  threat 
missile  "goes  active."  When  the  missile  guidance  goes  active,  it  no  longer  depends  on  the  launch  elrcraft 
for  any  kind  of  assistance  and  It  will  kill  tha  tsrget  irrespective  of  the  existence  of  the  launch  air¬ 
craft.  F-Pole  is  plotted  In  Figure  47  for  increasing  speed  and  Increasing  normal  load  factor.  Note  that 
F-Pole  always  Increases  with  increasing  load  factor  but  some  threshold  must  be  passed  before  the  F-Pole 
begins  to  Increase  with  speed.  All  of  this  must  be  tempered  with  the  ability  to  keep  the  tsrget  In  the 
sensor  field  of  view  so  that  blue  doer  not  lose  its  own  kill  capability.  It  should  be  obvious  that  F-Pole 
can  also  be  increased  by  slowing  down.  Although  rest tack  capability  end  the  ability  to  disengage  may  be 
lost  by  slowing  down.  It  is  better  than  getting  killed. 

A  hypothetical  supersonic  maneuvering  engagement  is  illustrated  In  Figure  48.  In  this  case  both 
red  and  blue  initiate  a  menauvrr  after  firing  their  missiles,  both  initial  shots  miss.  Blue,  however, 
with  its  spead  advantage,  c*.n  Initiate  a  successful  reatteck.  The  result  of  this  eltuetlon  is  that  blue 
eurvlves  end  red  is  killed  as  a  result  of  the  reatteck. 

With  regard  to  the  requirement  for  speed,  analysis  results  are  still  inconclusive.  When  combined 
with  supersonic  maneuverability,  speed  offers  the  edventege  of  en  increased  number  of  favorable  encoun¬ 
ters,  increesad  miaslla  leunch  envelops,  tha  ability  to  disangsge  end  a  larger  defended  aree.  On  the 
negative  side  Is  the  earlier  Intercept  of  the  threst  aircraft  in  head  on  angegamente  whore  the  leunch 
elrcraft  ere  reetrlcted  by  the  need  tc  illuminate  the  target.  Overall,  sustained  supersonic  speed  ca¬ 
pability  is  likely  to  be  e  raqulrenent  lor  future  fighter  elrcraft. 

In  addition  to  supersonic  spend  and  maneuverability,  there  is  «  requirement  for  control  of  radar, 
Infrared  end  visual  elgnatures.  This  obviously  contributes  to  the  ability  to  eee  without  being  seen. 
Figure  49  lllusttetes  this  point.  Signature  reduction  reduces  the  BVR  leunch  envelope  because  BVR  mis¬ 
siles  are  dependant  on  return  from  the  chrast  aircraft  for  lsunch,  guidance  and  fusing.  The  moet  favor¬ 
able  situation  is  Illustrated  In  Figure  SO,  If  the  blue  mleslla  can  lmpect  the  target  before  the  red 
aircraft  detecte  the  blue  aircraft,  red  has  no  probability  of  killing  blue.  This,  of  course,  meane  that 
the  RCS  of  the  blue  elrcraft  muet  be  lev  enough  thet  the  threat  radar  cannot  detect  it  with  its  arqulel- 
tlon/treck  radar  et  the  time  of  Impact  and  thet  blue  must  have  a  missile  of  eufflclent  range  so  thet  this 
can  be  achieved. 

Figure  51  shows  the  results  of  many  4  vereue  4  engagement  simulations.  These  tend  to  confirm  whet 
ona  would  expect,  thet  is,  Increasing  spued,  menauvereblllty  end  reduced  signature,  when  comblnad,  result 
In  higher  exchange  ratios  In  BVR  combat  than  do  any  ona  of  the  three  by  themselves.  It  also  shows  the 
advantage  of  reduced  signature  end  maneuvureblllty  can  be  lost  If  the  speed  advantage  is  not  maintained. 

Alr-to-Surfece  Requirements 

The  rola  of  attacking  ground  targets  may  seam  to  be  a  contradiction  of  terms  when  addressing  the 
subject  of  fighter  raqulraments.  There  ere  sound  reasons  for  Including  the  ground  etteck  rolas  aa  pert  of 
a  discussion  of  fighter  requirement,  howevsr.  The  main  reason  is  thet  aircraft  that  ere  designed  es  elr 
superiority  fighters  nay  end  up  having,  as  either  thalr  primary  or  secondary  role,  thet  of  ground  attack. 
A  fighter  that  has  no  capability  to  perform  alr-to-aurfece  missions  is  of  less  value  than  an  elrcraft  that 
cen  perform  both.  The  flexibility  that  th»  "swing”  capability  offers  Is  that  the  fighter  forca  can  be 
allocated  to  ground  attack  roles  en  the  nature  of  tha  bettla  changes.  Analysis  Indicates  that  this  has  sn 
Important  effect  on  the  outcome  when  one  looks  et  tha  total  campaign.  It  is  neceeeary  to  look  at  tha 
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whole  campaign  to  eoo  thle  effect.  Models  that  elnulste  only  the  air  combat  capability  cannot  adequately 
account  for  the  value  of  a  fighter  with  multiple  role  capability. 

The  laeuea  which  donlnete  the  specification  of  alr-to-surface  requlretiente  are  ehown  In  Figure  52. 
These  laeuea  do  not  really  change  with  time,  technology  or  class  of  aircraft.  The  problem  does  get  voree 
with  time,  however.  At  the  top  of  the  llet  la  survivability.  Survivability  dominates  all  of  the  other 
issues  because  It  has  such  a  large  Impact  on  the  others.  The  target  acquisition  and  target  kill  functlona 
are  complicated  enormously  by  having  to  fly  either  low  end  fast  or  high  and  fast  to  enhance  the 
survivability.  Range  and  payload  are  also  both  compromised  In  the  Interest  of  survivability.  Higher 
speed,  lower  signatures  and  Increases  In  eountameesurts  all  eat  svay  at  range  and  payload.  Nevertheless, 
without  the  capability  to  find  and  hit  targets,  or  without  sufficient  weapons  to  Inflict  relevant  dr-mage, 
the  most  eurvlvable  aircraft  la  of  no  value. 

Figure  53  shows  the  lethal  radius  of  eurfsce-to-alr  missiles  (SAM)  defenses  against  a  subsonic 
aircraft  penetrating  a  highly  defended  area  In  Europe.  It  le  clear  from  this  figure  that  there  are  no 
sanctuaries  for  an  aircraft  penetrating  this  zone  regardless  of  the  penetration  altitude.  As  the  altitude 
Is  Increase,  however,  the  defenses  are  lees  dense.  The  two  regions  of  primary  intereets  for  penetration 
of  defenses  are  shown  In  Figure  54.  The  supersonic  high  altitude  region  hen  the  advantege  of  fever  SAM 
defenses  but  hes  the  Inherent  problem  of  hitting  targets.  There  are  currently  no  alr-to-surfsce  weapons 
that  are  effective  from  the  high  and  fsat  flight  regime.  A  number  of  research  and  development  efforts 
have  been  undertaken  to  remedy  this  situation,  but,  even  for  advenced  weapons,  there  are  significant 
problems  In  killing  many  targets  of  Interest.  Figure  54  elao  shows  a  thermal  cost  dlecontlnulty  at 
approximately  Mach  2.5.  At  thle  point,  material  and  fabrication  costs  for  both  the  airframe  and  engine 
Increase  markedly. 

Analysis  Indicates  that  supersonic  high  altitude  penetration  does  have  lte  benefits  In  terms  of 
reducing  effective  SAM  envelope.  The  percentage  of  SAMs  that  arc  effective  at  high  altitude  le  subetan- 
t tally  reduced  and  the  area  In  which  the  aircraft  Is  vulnerable  to  attack  by  SAMs  Is  reduced  by  the  speed 
because  the  exposure  time  is  shorter.  The  combined  effects  of  speed  and  altitude  are  graphically  dis¬ 
played  In  Figure  55.  When  combined,  these  'wo  effects  make  the  high  altitude  region  the  flight  corridor 
that  Is  least  vulnerable  to  succeeeful  atta*.  by  8AMs. 

Figure  56  compares  the  targets  killed  from  high  and  low  altitude  penetrating  corrldore  over  a  30 
day  campaign.  Two  curves  are  ehovr.  for  the  lov  altitude  corridor;  one  with  terrain  maeklng  and  pene¬ 
tration  aide  and  the  other  without.  It  Is  clear  from  this  analysis  that,  vlthout  terrain  maeklng  end 
penetration  aids,  lov  altitude  penetration  Is  not  effective.  Terrain  masking  la  evsllable  only  In  ereBs 
that  are  hilly  or  mountainous.  Over  flet  terrain  the  survivability  of  elrcraft  penetrating  at  low  alti¬ 
tude  la  going  to  be  itduced  over  what  can  be  achieved  wtth  terrain  following  flight  in  rough  terrain. 

Terrain  masking  la  a  two  edge  sword,  however.  What  protects  an  aircraft  from  the  threat  prevents 
targets  from  being  seen  from  the  aircraft.  The  probability  of  target  acquisition  over  moderately  rough 
terrain  from  an  aircraft  of  traveling  at  Mach  0.9  le  Illustrated  In  Figure  57.  Note  that  at  an  altitude 
of  200  ft  the  probability  of  ecquleltlon  of  the  target  Is  0.05,  that  Is,  only  one  of  tventy  targets  will 
even  be  scqulred.  Even  fewer  targets  -till  actually  be  attacked  and  killed.  It  Is  epparent  that  this  Is 
an  unacceptable  mode  of  operation.  Even  If  the  defenses  never  killed  b  single  aircraft,  they  would  have 
been  completely  effective  beceuse  they  forced  the  aircraft  to  fly  where  It  cannot  fight. 

The  target  acquisition  problen  Is  also  complicated  by  the  environment.  Figure  58  makes  this  point. 
Even  vlthout  battlefield  smoke,  visual  detection  can  only  be  relied  upon  for  target  detection  ebout  12X  of 
the  time  In  winter.  Infrared,  because  of  Its  capability  to  detect  targets  st  night  and  through  light 
base,  allows  one  to  detect  targets  43X  of  the  time.  Radar,  being  nearly  Insensitive  to  both  veather  snd 
darkness,  Increases  the  acquisition  time  to  nearly  100X.  There  Is  keen  Interest  In  IR  and  radar  acquisi¬ 
tion  systems  for  this  raaaon. 

All  of  thle  paints  a  rather  bleak  picture  of  the  alr-to-surfece  mission  for  fighter  elrcraft.  Even 
when  the  effects  of  elgnature  control,  speed,  couutermeesuree  end  vulnerability  reduction  ere  combined  the 
alr-to-surface  role  probability  cannot  be  effectively  accomplished  vlthout  the  support  of  ocher  eyetema 
for  defense  suppreselon,  standoff  jamming,  tsrget  acquisition,  navlgetlon  and  target  Identification.  All 
of  this  overhead  detracts  from  the  overall  cost  effectlvenese  of  alrpover  end  adds  many  more  elements  for 
potential  enemy  attsek. 

Sortie  Generation 

The  topic  of  sortie  generation  relates  to  the  number  of  sorties  which  can  be  produced  dally  by  an 
aircraft,  squadron  or  wing.  Most  of  what  hss  been  said  in  the  previous  dlscustlon  has  been  concerned  with 
the  ability  of  aircraft  to  kill  targets.  The  ability  of  the  aircraft  to  get  off  the  ground  In  a  condition 
that  permits  It  to  perform  Its  mission  le  elso  a  primary  factor  In  the  overall  effectiveness  of  the 
fighter.  A  fine  and  sophisticated  machine  that  can  kill  anything  within  miles  but  spends  all  of  its  time 
In  the  hanger  with  master  mechanics  repairing  Its  fine  sophisticated  equipment  is  of  no  value.  Neither  Is 
an  aircraft  which  functions  wonderfully  until  the  first  bomb  hits  its  runway.  These  ere  some  of  the  many 
concerns  which  currently  have  much  Influence  on  fighter  requirements.  There  are  many  proponente  of  the 
view  that  we  have  been  only  concerned  with  the  performance  of  our  fighters  and  too  little  concerned  vlth 
the  logistics,  maintainability  and  other  design  lectors  thet  contribute  to  sortie  generation. 

By  Itself  the  number  of  sorties  produced  per  day  by  an  aircraft  does  not  mean  much.  One  can  read 
accounts  of  World  War  II  Stuka  pilots  in  very  adveree  conditions  producing  ovar  10  sortlas  per  day.  These 
wore  obviously  very  short  missions  with  very  little  armament.  A  modern  aircraft  that  Is  going  to  be  on  a 
mission  two  or  more  hours  vlth  several  tons  of  payload  Is  not  going  to  produce  ten  missions  per  day.  On 
short  missions,  AV-6's  and  A-10's  can  still  produce  sortlee  at  this  rate  during  e  surge  period.  Sustained 
rates  are  much  lower  for  longer  range  fighter  aircraft,  however. 
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The  sortie  generetlon  Issues  of  current  Interest  ere  listed  In  Figure  59.  Sortie  generetlon  spens 
e  broed  spectrum  of  concerns.  At  the  top  of  the  list  Is  the  desire  to  minimize  the  time  spsnt  In  malnte- 
nence.  Maintenance  not  only  effects  sortie  generation  but  all  of  the  logistics  associated  with  the 
aircraft.  If  the  stetlstlcs  can  be  believed,  steady  progrees  hes  been  made  In  recent  years  In  Increasing 
the  mean  time  between  failures  In  spite  of  the  Increase  In  sophistication  of  fighters.  Figure  60  shows 
one  plot  of  statistical  date  of  several  fighters.  Current  fighters  show  KTBFs  exceeding  the  time  of  a 
single  mission.  Part  of  this  Increase  can  be  attributed  to  the  Increase  In  mean  time  between  failure 
(MTBF)  of  the  reder  system  as  shown  in  Figure  61.  This  curve  shows  the  MTBF  prior  to  1960  to  be  zero. 
Whether  this  is  feet  or  not  Is  questionable,  however.  It  does  confirm  the  stories  that  the  MTBF  for  early 
radars  was  shorter  than  the  time  between  the  beginning  of  the  taxi  and  the  time  that  the  wheels  were  off 
the  runway.  Current  evlonics  hes  e  sufficiently  high  MTBF,  that  Improvements  In  avionics  will  no  longer 
have  e  major  effect  on  the  MTBF  of  the  elrcreft. 

Statistics  on  KIBF  and  mean  time  to  repair  (KTTR)  tell  only  part  of  the  story.  Missions  can  be 
flown,  and  will  be  flown,  In  wartime  situations  without  ell  systems  In  perfect  operating  condition.  Surge 
sortie  rates  will  be  much  higher  then  the  sortie  generation  potential  shown  In  Figure  62.  However,  for 
sustained  sortie  generetlon  the  date  indicates  that  current  fighter  can  produce  between  two  (2)  end  three 
(3)  sorties  per  dey.  The  requirements  for  future  fighters  are  likely  to  be  much  higher  then  this.  Row 
these  ere  to  be  achieved  Is  currently  e  topic  of  study. 

Another  Important  factor  in  the  ability  to  generate  sorties  Is  the  turn  around  time,  that  Is,  the 
time  to  rearm  end  service  the  aircraft  when  no  repairs  are  required.  Many  approaches  heve  been  proposed 
to  speed  the  process  of  arming  en  aircraft.  Conformal  pellets,  with  ell  of  the  weepons  on  a  single 
pallet.  Is  en  example  of  e  technique  of  speeding  up  the  process.  The  problem  Is  more  complicated  where 
the  bese  has  been  contaminated  with  chemical  nr  biological  agents.  A  large  reduction  In  time  to  perform 
all  operations  occurs  when  such  contamination  Is  present.  Obviously,  this  hes  en  adverse  affect  on  the 
sortie  generetlon.  Future  fighters  will  be  required  to  operate  In  such  environments.  The  elrcreft  must 
Include  the  necessery  provisions  to  protect  the  pilot  end  Internal  equipment.  Provisions  for  servicing 
end  reaming  must  be  such  thet  they  cen  be  performed  with  crews  In  protective  gear. 

The  landing  end  takeoff  distance  will  determine  whether  fighter  aircraft  can  continue  to  opareta 
after  an  elr  base  attack.  Figure  63  shovs  the  results  of  an  Israeli  attack  cn  an  Egyptian  air  base  during 
the  Yom  Klppur  wer.  All  of  the  runways  ere  savarly  cratered.  To  continue  operation  the  elrcreft  must  be 
able  to  operate  between  the  creters.  The  shorter  segment  of  runway  for  landing  end  takeoff  required,  the 
more  Insensitive  the  fighters  will  be  to  runway  cratering.  This  effect  1b  Illustrated  In  Figure  6A. 

A  final  Issue  with  regard  to  sortie  generation  Is  the  ability  to  oparete  from  rough  and  soft 
fields.  For  modem  fighters  this  capability  has  been  completely  lost.  Nor  Is  there  any  thought  of 
returning  to  the  deys  when  a  fighter  could  operate  from  e  muddy  farm  field.  Thera  will  be  s  requirement 
for  fighters  to  operate  from  cratered  runways  thet  have  been  repelred  and  to  taxi  from  shelters  across 
unpaved  surfaces  to  the  portion  of  the  runwey  that  hes  been  repaired  or  survived  the  sttack.  This  may  not 
seem  on  the  surfece  to  be  much  of  e  compromise  In  the  design  but  It  does  have  a  considerable  Influence  on 
the  design  of  the  landing  gser  end  the  basic  size  of  the  elrcreft  Itself. 

Summery  of  Requirements 

Emphasis  in  elr  combat  cepeblllty  Is  divided  between  focus  on  CIC  end  BVR  combet.  For 
close-ln-comb8t  the  focus  In  on  the  classic  maneuveiablllty  parameters;  P  ,  sustelned  end  lnstenteneous 
turn  rete  end  acceleretlon.  For  BVR  combet  the  technology  focus  In  on  the  Jeepon  end  fire  control  system. 
The  vehicle  cherecterlstlcs  which  ere  likely  to  be  of  most  Interest  for  BVR  ere  sustelned  supersonic 
cruise  with  meneuvereblllty,  end  control  of  the  signatures.  Future  fighter  will  probebly  heve,  es  e 
secondery  role,  the  attack  of  ground  tergets.  Survlveblllty  dominates  the  ground  etteck  mission.  High 
spaed,  high  altitude  end  low  altitude  terreln  following  attack  are  the  penetretlon  profiles  of  Interest  In 
high  threat  areas  but  sccepteble  survlveblllty  end  terget  attack  will  not  be  achieved  without  supporting 
systems.  Sortie  generetlon  from  e  damaged  and  contamlneted  airfield  Is  needed  to  achieve  productivity  In 
e  wer time  sltuetlon.  High  rellebllity  end  the  ability  to  turn  elrcreft  around  rapidly  In  e 
chemlcel/blologlcel  environment  la  necsssery.  In  edditlon,  STOL  or  VTOL  with  soft  field  cepeblllty  Is 
needed  to  operete  from  damaged  airfields. 

2. A  Effectiveness  Anelysls 

No  discussion  of  requirements  would  be  complete  without  mention  of  effectiveness  analysis.  The 
amount  of  date  thet  la  evallebla  for  modern  fighters  from  en  ectuel  werfere  is  very  sperec.  Furthermore, 
the  nsxt  generation  of  fighter  elrcreft  will  not  be  operetlonal  for  ten  or  more  yaers.  The  ectusl  threats 
will  change  during  the  30  or  more  yeers  of  development  end  operetion.  It  Is  necessary,  therefore,  to 
devise  methods  for  essesslng  the  combet  effectiveness  of  conceptuel  fighter  elrcreft  designs. 

There  ere  many  methods  of  esaeaelng  the  effectiveness  of  edvenced  elrcreft.  These  raage  from 
dlgltel  slam  let  ion  models  to  operetlonal  evaluetlcn  tests.  In  the  eerly  phases  of  e  program,  before 
requirements  ere  defined,  the  models  must  be  et  the  sswc  level  es  the  conceptuel  design  methods.  The 
characteristics  of  the  conceptuel  designs  must  feed  these  enelysls  tools  and  the  turn  eround  time  on  the 
date  must  be  on  the  order  of  days  or  weeks. 

The  majority  of  enelysls  suslels  that  are  used  to  assess  concsptuel  fights r  elrcreft  designs  fell 
Into  the  generel  cetegorlee  shown  In  Figure  (5.  The  dlgltel  close- ln-combat  models  were  originally 
developed  for  one-on-one  combet.  They  heve  been  expended  In  recant  years  to  A  versus  A  models.  The 
flight  peth  of  the  elrcreft  ere  besed  on  equations  of  motion.  Alrcreft  cherecterlstlcs  ere  predicted  from 
the  conceptual  designs.  The  tectics  of  the  engagement  ere  Input  end  fixed  et  the  beginning  of  program 
execution  and  no  feedback  from  e  pilot  Is  evalleble  as  the  alauilutlon  progresses,  as  would  be  the  cese  for 
manned  slmuletlons. 
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The  BVR  combat  simulators  ere  similar  to  the  C1C  simulators  except  that  the  BVR  usually  Include  a 
more  detailed  missile  flyout  trajectory  as  part  of  the  simulation.  ECM,  IFF  end  sensors  are  emphaelzed 
heevlly.  For  the  BVR  cese  the  missile  flyout  trajectory  le  modeled  with  more  fidelity  becauee  the  BVR 
maneuvers  are  constrelned  by  the  ability  to  keep  the  target  In  the  field  of  view  until  the  BVR  missile 
locks  on  the  target.  The  constraints  on  the  aircraft  maneuvers  due  to  the  Inability  to  lock  on  before 
launch  at  long  range  Is  a  major  factor  In  BVR  effectiveness.  Group  strategies  and  tactlce  are  Included. 
The  digital  combat  evaluation  model  Illustrated  l-\  Figure  66  Is  an  example  of  a  BVR  model  that  evolved 
from  an  earlier  CIC  model. 

SAM  flyout  models  such  es  the  one  Illustrated  In  Figure  67  are  sophletlcated  models  that  simulate 
the  flight  characteristics  of  the  missile,  the  missile  guidance  system  and  the  capabilities  of  the  site 
acquisition  and  tracking  system.  Aircraft  cen  be  flown  through  these  eltes  and  their  probability  of 
survivability  calculated.  The  AAA  models  are  similar  to  the  SAM  models  except  that  the  projectiles  are 
not  guided.  None  of  these  models  Include  the  human  factors  In  the  operation  of  the  defence  sites. 

Sortie  generation  models  such  as  the  one  Illustrated  In  Figure  68  simulate  the  operations  performed 
at  the  base  from  the  time  the  elrcraft  lands  until  the  time  It  takee  off.  Allowances  sre  made  for  servic¬ 
ing  and  reermlng  cues.  Air  base  demage  effects  Include  the  cratering  of  runways,  repair  times  assocleted 
with  craters,  slow  downs  due  to  chemical  or  biological  attacks  and  all  other  operations  that  determine  how 
long  It  takes  to  turn  an  aircraft  around  In  a  wartime  situation. 

Finally,  there  are  campaign  models.  Figure  69  shows  the  air  operations  that  ere  Included  In  a 
campaign  evaluation.  A  campaign  evaluation,  to  be  complete,  should  also  Include  the  ground  forces.  Even 
conceptual  level  csmpelgn  models  are  very  complex  and  time  consuming  to  run.  There  are  certain  fundamen¬ 
tal  questions  thet  are  not  answered  unless  one  goes  to  this  level,  however.  The  priorities  of  the  roles 
of  elr  power  Is  an  example  of  the  type  of  questions  that  are  only  examined  at  this  level.  For  a  fighter 
aircraft  the  emphasis  on  the  air-to-air  role  versue  the  alr-co-surface  role  is  a  campaign  level  eval¬ 
uation. 


No  one  seriously  expects  effectiveness  models  to  fully  simulate  the  actuel  combat  situation. 
Still,  they  are  essential  In  developing  requirements  and  prioritizing  technologies.  There  must  be  some 
assessment  of  how  well  future  fighters  do  In  their  assigned  roles.  The  models  help  In  this  process,  not 
by  replacing  judgement  and  coamon  sense,  but  by  providing  an  accounting  mechanism  for  the  essential 
Ingredients  In  the  combat  environment  and  Identifying  the  purpose  of  each  requirement.  It  also  provides 
Insight  Into  the  fundamental  problems  by  simulating  each  of  the  essential  mission  roles.  It  Is  this 
Insight  that  provides  the  rationale  for  requirements  and  technology  needs. 

All  of  this  may  appear  to  be  quite  unscientific  when  compared  with  the  refined  design  and  analysis 
tools  that  have  been  developed  by  engineers  and  scientists.  It  Is  a  fact  of  life,  however,  that  judge¬ 
ments  about  what  requirements  are,  In  fact,  desirable  and  how  desirable  these  requirements  actually  are. 
Is  being  evaluated  with  these  models.  Regardless  of  how  uuch  our  design  methods  are  perfected.  If  we 
select  the  wrong  "desirable  properties"  then  we  will  have  fighter  aircraft  that  are  not  doing  what  needs 
to  be  done  to  win  wars.  This  le  where  the  emphssla  must  he.  Ve  do  not  place  the  palace  guards  on  the 
front  lines  of  the  battle  and  we  do  not  wish  to  place  elegant  aircraft  deslgne  that  do  not  provide  the 
needed  combat  cepablllty  Into  the  battle. 
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EXAMPLES  OF  AVIONICS  FUNCTIONS 
IN  MODERN  FIGHTER  AIRCRAFT 
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EFFECTS  OF  POINT  PERFORMANCE 
CONSTRAINTS  ON  AIRCRAFT  SIZE 
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EXAMPLE  CONTENTS  OF  TYPICAL  FIGHTER 
REQUIREMENTS 


PERFORMANCE  REQUIREMENTS 

MISSION  PROFILES  (RANGE/SPEED/ALTITUDE/PA  YLDAD) 
MANEUVERABILITY  (PS,  TURN  RATES,  ACCELERATION) 
LANDING  AND  TAKEOFF  DISTANCES 

OBSERVABLES  (RAOAR/IR  SIGNATURES) 

AVIONICS  FUNCTIONS  AND  CAPABILITIES 
SUSTAINABILITY 

MEAN  TIME  BETWEEN  FAILURES 
MEAN  TIME  TO  REPAIR 

COST  LIMITATION 
ACQUISITION  COSTS 
LIFE  CYCLE  COSTS 


HOUSE  23 


PRINCIPLE  ISSUES  IN  DEFINING  FIGHTER 
REQUIREMENTS 


CLOSE  IN  COMBAT 
BEYOND  VISUAL  RANGE  COMBAT 
SORTIE  GENERATION  (SUSTAINABILITY) 
AIR-TO-SURFACE 


FIGURE  2k 


2-24 


FIGURE  25 


TYPICAL  SPECIFIC  EXCESS  POWER  PLOTS 
FOR  FIGHTER  AIRCRAFT 


1 


2-25 


1 

I 

l 


EFFECT  OF  INCREASING  Ps  REQUIREMENT 


GROSS  WEIGHT 
LBS x  IQ’3 


FIGURE  27 


GROSS  WEIGHT  TRADEOFF  ANALYSIS  FOR 
CONSTANT  MAXIMUM  SUSTAINED  RATE  REQUIREMENT 


2-26 
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SUPERSONIC  PERSISTENCE  OPENS  THE 
AIR  DEFENSE  ENVELOPE 
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SUPERSONIC  MANEUVER  REQUIREMENTS 
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F-POLE  VS  SPEED  AND  MANEUVER 
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DESIGN  OF  MINGS  AND  WING/BOOY  CONFIGURATIONS  FOR 
TRANSONIC  ANO  SUPERSONIC  SPEEDS 


H.  Yoshlhara 

Boeing  Military  Airplane  Company 
Seattle,  MA,  98124,  USA 


SUMMARY 

Procedures  to  design  wing/fuselage  configurations  at  transonic  and  supersonic  conditions  are 
described.  This  Is  preceded  by  an  Introductory  section  sketching  the  significant  flow  features  as  the 
shock  wave  and  separation  patterns  for  typical  fighter  wings  which  affect  the  performance,  followed  by  a 
description  of  the  interference  effects  due  to  the  fuselage. 


1.  INTRODUCTION 

In  the  present  chapter  we  consider  primarily  the  transonic  and  supersonic  design  of  the 
wing/fuselage  for  a  supe.Ciulser  Tighter  at  cruise  conditions.  Variable  geometry  concepts  are  then  used 
on  the  cruise  design  to  meet  other  mission  requirements  as  the  supersonic  and  transonic  maneuverability 
for  survivability  and  weapons  delivery.  Constraints  on  the  aerodynamic  design  may  be  further  required 
to  alleviate  non-aerodynaralc  consequences  as  excessive  wing  root  bending  moments.  The  expected  flows  at 
cruise  lifts  are  relatively  well-behaved  and  well -understood  compared  to  the  flows  at  the  higher  angle 
of  attack  maneuver  conditions. 

The  starting  point  for  the  optimization  Is  the  baseline  wing/fuselage  conf louratlons  evolved  from  a 
pre-design  study  which  yields  candidate  configurations  that  meet  approximately  the  mission 
requirements.  When  the  design  Is  biased  to  the  supersonic  cruise  condition,  typical  wings  evolved  are 
highly  swept  with  a  subsonic  leading  edge  (65°-70°  for  a  Mach  number  2  cruise)  with  small  thickness 
ratio  and  aspect  ratio.  If,  however,  some  weighting  Is  given  to  the  transonic  maneuver  condition,  wings 
with  less  sweep  result  which  have  sharp  supersonic  leading  edges  (40°-50°  sweep  at  Mach  2).  Here 
for  example  a  supersonic  leading  edge  Is  defined  as  that  for  which  the  Mach  number  normal  to  the  leading 
edge  Is  supersonic. 

In  the  Introductory  sections  we  describe  the  flows  for  the  above  wings  at  cruise  and  maneuver  lifts 
for  a  sequence  of  Mach  numbers  In  the  transonic  and  supersonic  range.  Salient  features  as  the  shock 
configuration  and  viscous  effects  sre  sketched.  The  Interference  effects  of  adding  a  fuselage  are  then 
described. 

Current  wing/fuselage  optimization  procedures  are  next  outlined  for  the  cruise  optimization,  first 
for  the  simpler  supersonic  case  where  the  linear  Invlscld  theory  provides  a  viable  first  approximation; 
and  then  for  the  considerably  more  difficult  transonic  case  which  Is  essentially  nonlinear  and  viscous. 
In  the  latter  case  a  linear  optimization  procedure  Is  still  used  to  provide  a  starting  configuration. 
Nonlinear  analysis  methods  are  then  used  to  search  for  a  more  optimal  configuration.  Such  search 
procedures  are  either  ad  hoc  guided  by  prior  experience  incorporating  for  example  uniform  upper  surface 
Isobars,  or  more  formal  using  procedures  as  the  method  of  steepest  descent. 

The  flows  at  maneuver  lifts  are  essentially  nonlinear  and  viscous  for  both  the  supersonic  and 
transonic  cases  with  free  shear  layer  separations  and  shock-induced  separations  present.  Because  of  the 
complexity  of  these  flows,  only  Isolated  design  examples  using  nonlinear  analysis  methods  have  appeared 
In  the  literature.  Description  of  some  of  these  cases  will  conclude  the  chapter. 

2.  FLOW  STRUCTURE  FOR  SWEPT  ANO  DELTA  WINGS 

We  now  describe  the  significant  flow  features  as  the  shock  wave  pattern  for  the  two  sample  wings 
described  In  the  Introduction.  In  Fig.  1  we  consider  first  the  sequence  of  shock  patterns  for  the  swept 
wing  of  moderate  sweep  at  cruise  lifts  for  various  free  stream  Mach  number*.  In  the  high  subsonic  case 
a  rear  shock  typically  first  appears  as  shown  In  Figure  la.  It  Is  usually  attributed  to  a  coalescence 
of  compression  waves  generated  along  the  sywetry  plane  (30  effect),  but  clearly  streamwlse  flow 
constraints  that  necessitated  the  terminating  shock  In  planar  airfoils  must  also  play  a  role  (20  effect). 

With  an  Increase  In  the  free  stream  Mach  ntaber  towards  one.  the  rear  shock  Is  strengthened, 
displacing  downstream  and  extending  laterally  primarily  In  the  Inboard  direction.  Additionally  a 
forward  shock  now  appears  (Fig.  lb)  which  originates  from  the  neighborhood  of  the  wing  apex.  This 
shock  wave  Is  weak  and  hence  swept  approximately  at  the  Mach  angle  corresponding  to  the  “plateau" 
pressure.  It  c’osely  forms  the  upstream  Influence  limit  of  the  leading  edge  kink  and  the  symmetry  plane 
In  much  the  same  manner  as  the  shock  wave  for  a  wing  at  supersonic  speeds  with  a  supersonic  leading 
edge.  In  Figure  lb  the  forward  shock  Is  shown  Intersecting  the  rear  shock.  The  rear  shock  outboard  of 
the  Intersection  point  Is  relabeled  the  outboard  shock  because  of  Its  significance  as  the  strongest 
shock  segment.  Shock-Induced  separation  will  usually  first  arise  aft  of  the  outboard  shock.  As  the 
Mach  number  Is  Increased,  the  separVion  suddenly  worsens,  and  the  outboard  shock  reverses  Its 
downstream  displacement  and  moves  upstrec^.  This  occurs  when  the  reattachment  1$  abruptly  displaced 
downstream  of  the  trailing  edge  by  a  Type  B  Interaction  which  we  shall  shortly  describe.  This  upstream 
movement  will  decrease  the  shock  sweep,  still  further  strengthening  the  shock  wave  and  worsening  the 
shock-induced  separation.  This  severely  separated  flow  Is  highly  unsteady,  and  If  It  occurs  over  a 


sufficient  stretch  of  the  trailing  edge,  a  significant  wing  buffet  will  arise. 

The  sequence  of  flows  In  the  transonic  range  for  the  above  wing  at  a  given  moderate  transonic  Mach 
number  and  for  Increasing  angle  of  attack  Is  physically  similar  to  the  sequence  described  above. 
Deteriorations  of  the  flow  that  arise  for  the  Increasing  lifts  are  the  direct  consequence  of  the 
strengthening  of  the  outboard  shock  leading  first  to  drag  divergence  and  then  to  the  onset  of  buffet  and 
to  Its  worsening.  For  sufficiently  large  angles  of  attack,  leading  edge  separation  appears  greatly 
complicating  the  flow.  We  shall  defer  description  of  these  flows  to  a  later  paragraph  In  this  section. 

Let  us  now  return  to  the  sequence  of  flows  at  the  cruise  lift  and  consider  the  flows  In  the 
supersonic  range.  With  the  Increase  of  the  Mach  number  to  supersonic  values  the  rear  shock  eventually 
displaces  downstream  to  the  trailing  edge  In  the  usual  case  of  a  supersonic  trailing  edge,  thereby 
eliminating  the  rear  serration  responsible  for  the  buffet.  A  detached  bow  shock  will  now  appear,  and 
the  forward  shock  adjusts  Its  sweep  approximately  to  the  new  “plateau"  pressure.  As  the  supersonic 
cruise  Mach  number  Is  approached,  the  wing  leading  edge  becomes  exposed  to  the  free  stream  as  the  bow 
shock  sweeps  across  the  leading  edge  onto  the  wing  assunlng  Its  cruise  location.  The  forward  shock  will 
disappear  when  the  bow  shock  sweeps  onto  the  planform. 

The  shock  configuration  for  the  case  of  the  highly  swept  delta  wing  with  a  subsonic  leading  edge  Is 
generally  similar  to  that  described  above,  but  a  given  flow  pattern  sketched  above  Is  displaced  to  a 
higher  Mach  number  due  to  the  unloading  effect  of  the  higher  leading  edge  sweep  and  lower  aspect  ratio. 
The  effects  due  to  the  higher  leading  edge  sweep  Is  illustrated  In  Figure  2  for  the  case  of  a  flat  swept 
wing  of  53.5°  leading  edge  sweep,  aspect  ratio  of  2.8,  and  with  a  6%  RAE  102  airfoil.  This  sequence 
of  flow  features  for  varying  Mach  ntmber  and  angle  of  attack  was  obtained  by  Rodgers  and  Hall  (Ref.  1) 
from  surface  oil  fiow  pictures.  Here  the  angles  of  attack  are  extended  well  Into  the  maneuver  range. 
The  shock  patterns  to  be  expected  for  the  above  delta  wing  at  the  cruise  condition  would  then  follow 
those  at  3°  In  Fig.  2. 

The  shock  and  separation  patterns  for  a  given  wing  at  a  specific  Mach  number  and  angle  of  attack  are 
directly  dependent  upon  the  planform  shape  and  the  twist  and  camber  distributions  and  may  accordingly 
differ  In  detail  to  those  described  above.  Thus  for  example  the  wing  leading  edge  radius  and  comber 
will  affect  the  upper  surface  plateau  pressures  which  In  turn  will  affect  ths  sweep  of  the  forward  shock 
and  hence  the  location  of  the  outboard  shock. 

Consider  finally  the  viscous  effects  and  In  particular  the  separation  patterns.  In  the  upper  part 
of  Fig.  3  we  first  show  the  viscous  Interactions  arising  over  the  upper  surface  of  an  airfoil  to 
Illustrate  a  Type  B  Interaction  (Ref.  2)  which  plays  an  important  role  In  the  separation  phenomena  for 
swept  wings.  Type  B  Interactions  arise  when  the  boundary  layer  encounters  two  successive  adverse 
pressure  gradients  as  for  example  the  shock  wave  and  the  trailing  edge  pressure  recovery-  Here  the 
boundary  layer  thickness  and  the  displacement  thickness  (measure  of  the  loss  of  velocity  profile 
fullness)  both  Increase  abruptly  afte>  passage  through  the  shock  wave  making  the  boundary  layer  more 
susceptible  tc  separation  as  it  encounters  the  second  adverse  pressure  gradient.  In  Ref.  3  a  3D  version 
of  the  Type  B  Interaction  was  described  where  additionally  the  Influence  of  the  degraded  state  of  the 
boundary  layer  at  an  Inboard  span  station  propagated  tlpward  along  the  limiting  (surface)  streamlines 
and  worsened  the  separation  further  outboard  as  shown  In  the  lower  part  of  Fig.  3.  TMs  3D  Type  B 
viscous  effect  plays  a  direct  role  In  the  pronotlon  of  severe  separation  Aft  of  the  outboa-d  shock  of 
Figure  lb.  These  Type  B  interactions  are  reflected  In  both  the  2D  and  3D  Integral  boundary  layer 
equations  by  the  greatly  enhanced  growth  rate  of  the  form  factor  H  (jhlch  governs  separation)  as  the  H 
Increases  and  exceeds  a  value  of  the  order  of  2.  (Here  the  form  far'.cr  H  Is  Increased  when  the  boundary 
layer  encounters  an  adverse  prec' .re  gradient.) 

The  above  separation  aft  of  the  outboard  shock  wave,  labeled  the  bubble-type,  must  be  contrasted  to 
the  free-shear  layer  separation  arising  along  a  swept  leading  edge  or  along  the  forward  shock  as  shown 
for  example  In  Figure  ?  at  a  Mach  nijxber  of  0.6  and  ingle  of  attack  of  9°  and  at  a  Mach  number  of  1.15 
and  angle  of  attack  of  9°  respectively. 

Of  major  Importance  In  maneuver  flows  Is  the  free  shear  layer  separation  vortices  which  arise  both 
on  the  fuselage  and  on  the  forward  portion  of  the  wing.  The  properties  of  such  vortices  are  well 
understood,  so  that  we  shall  briefly  suarearlze  those  features  that  affect  the  performance.  In  Fig.  4  we 
first  shew  the  principal  effects  of  the  separation  vortices  on  the  spanwlse  pressure  distribution  for  a 
thin  delta  wing  at  subcrltlcal  Mach  numbers  (Ref.  4).  Here  the  primary  vortex,  formed  by  the  vortlclty 
shed  fron  the  leading  edge,  eliminates  the  large  theoretical  nose  suctions  that  arise  In  attached  flow 
(see  Fig.  4)  and  Induces  a  suction  peak  further  inboard  beneath  the  vortex.  At  a  larger  angle  of 
attack,  the  adverse  pressure  gradient  formed  on  the  outboard  side  of  the  suction  peak  becomes 
sufficiently  strong  to  cause  a  secondary  separation.  The  secondary  separation  then  alters  the  pressure 
distribution  as  shown  in  Fig.  4  by  lowering  the  suction  peak  and  Increasing  the  suctions  outboard  of  the 
lowered  peak. 

The  presence  of  the  leading  edge  separation  vortices  In  the  case  of  a  sharp  leading  edge  stabilizes 
the  flow  relative  to  the  highly  unsteady  separated  flow  for  a  more-conventional  blunted  leading  edge, 
producing  steady  enhanced  lift.  Kuchemann  advocated  this  use  of  vortices  In  designs  In  his  concept  of 
controlled  separations.  The  severe  drawback  of  using  vortex  flows  for  maneuver  enhancement  is  the  large 
accompanying  drag.  Or.  Lamar  later  will  describe  the  use  of  leading  edge  flaps  to  take  advantage  of  the 
Increased  lift  with  tl»e  vortices  without  incurring  the  severe  drag  penalty- 

With  regard  to  the  calculation  of  these  vortex  flows,  vdven  the  leading  edge  is  sharp,  Invlscld  Euler 
methods  can  be  used  to  predict  the  effects  of  the  primary  vortex  since  the  location  of  the  separation 
line  Is  fixed  at  the  leading  edge.  If  secondary  separations  are  present,  Invlsclc  Euler  methods  are  no 
longer  adequate  (sec  Fig.  4);  and  viscous  flow  methods  must  be  used.  For  wings  with  rounded  leading 
edges  or  for  the  case  of  the  fuselage,  the  separation  line  Is  not  known  a  priori,  so  that  a  viscous  flow 
method  as  the  Mavier/Stokes  code  must  be  used. 
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The  property  of  vortex  flows  that  decisively  limits  the  maneuver  performance  Is  the  appearance  of 
vortex  bursting  where  the  well-ordered  spiraling  vortex  Is  suddenly  changed  to  a  chaotic  flow.  Bursting 
occurs  In  two  forms,  the  spiral  type  ana  the  bubble  type.  These  types  are  shown  occurring 
simultaneously  on  the  same  delta  wing  In  the  classical  photograph  from  Ref.  5,  which  Is  reproduced  In 
Fig.  5.  Much  Is  known  about  vortex  bursting  (see  Ref.  6),  but  also  there  Is  much  that  Is  not  fully 
understood;  most  Importantly  for  applications,  methods  to  predict  Its  occurrence  do  not  exist.  In  mapy 
respects  bursting  has  similarities  with  boundary  layer  separation,  both  being  triggered  by  adverse 
pressure  gradients.  Evidence  however  Indicates  bursting  to  be  Independent  of  Reynolds  number. 

For  a  delta  wing  of  given  sweep,  vortex  bursting  will  first  arise  downstream  of  the  trailing  edge. 
W1  v  i  Increase  of  the  angle  of  attack,  the  burst  point  will  move  upstream  and  will  eventually  move  onto 
the  wing  at  which  point  wing  stall  occurs.  There  Is  a  strong  Influence  of  the  leading  edge  sweep  on  the 
movement  of  the  burst  point  with  angle  of  attack.  With  Increasing  sweep,  the  burst  point  for  a  given 
angle  of  attack  Is  pushed  further  downstream,  delaying  the  burst  stall  to  a  higher  angle  of  attack. 
This  behavior  results  from  the  stronger  more  burst-resistant  vortex  formed  with  the  greater  sweer.  The 
arrival  of  the  burst  point  at  the  trailing  edge  and  hence  the  onset  of  the  burst  stall  Is  shown  as  a 
function  of  the  angle  of  attack  and  the  leading  edge  sweep  In  Fig.  6  from  Ref.  7. 

The  burst  stall  dependence  on  the  leadlnr  edge  sweep  can  have  a  disastrous  effect  on  lateral 
stability  just  below  the  burst  stall  boundary.  Here  a  wing  yaw  can  push  the  upwind  wing  with  reduced 
sweep  Into  the  stall  region,  while  the  downwind  wing  will  move  further  Into  the  unstalled  region.  A 
catastrophic  roll  moment  will  result.  Finally,  the  possible  Interference  of  the  separation  vortices 
from  the  nose  and  strakes  on  the  rear  stabilizing  surfaces,  under  high-lift  yaw  conditions,  poses  a 
challenging  design  problem  for  the  proper  placement  of  the  rear  surfaces. 

With  the  Increase  of  the  Mach  number  to  supersonic  values,  leading  edge  separation  will  still  occur 
so  long  as  the  leading  edge  Is  subsonic.  Relative  to  the  subcrltlcal  case,  the  primary  vortex,  though 
closer  to  the  wing.  Is  weaker  Inducing  significantly  smaller  suctions  on  the  wing.  Cross-flow  shocks 
can  arise  with  Increase  of  the  angle  of  attack  resulting  In  a  variety  of  flow  configurations  as  shown  In 
Fig.  7  from  Ref.  (1.  Also  shown  here  is  a  sketch  of  the  sequence  of  flows  arising  at  M  •  3.5  for 
Increasing  angles  of  attack. 

3.0  WING/FUSELAGE  INTERFERENCE 

We  shall  now  describe  the  significant  Interference  effects  due  to  the  fuselage  restricting  the 
discussion  to  the  transonic  case  where  the  effects  are  more  profound.  These  effects  are  well  known,  and 
thqy  will  be  Illustrated  by  several  examples  taken  from  a  recent  review  by  A.  B.  Haines  (Ref.  9).  We 
consider  first  the  case  of  an  untwisted  swept  wing  of  30°  sweep  mounted  centrally  on  a  fuselage  with  a 
circular  cross-section.  In  Fig.  8  we  show  the  pressure  distributions  with  and  without  the  fuselage  at 
two  Mach  nunbers,  M  •  0.4  and  G.8.  In  this  figure  we  shall  consider  only  the  experimental  results  given 
by  the  symbols.  (The  solid  and  dashed  lines  are  computed  results  which  are  described  In  Ref.  9.)  If  we 
compare  the  pressure  distribution  for  the  wing  alone  (curve  A)  with  the  wing/fuselage  distribution 
(curve  B)  along  the  juncture  where  the  largest  Interference  arises,  we  see  the  typical  effect  of  the 
fuselage  of  depressing  the  wing-alone  suctions.  This  effect  Is  larger  at  the  higher  Mach  nimber.  Such 
an  unloading  will  deteriorate  the  span  load  distribution,  leading  not  only  to  a  reduced  lift,  but  to  an 
Increase  of  the  Induced  drag.  This  inboard  unloading  Is  usually  eliminated  by  locally  increasing  both 
the  angle  of  attack  and  the  wing  chord.  In  Fig.  8  we  cannot  show  the  spanwlse  extent  of  the  fuselage 
Interference  since  the  wing-alone  pressure  distribution  was  not  given  at  the  outboard  station.  It  Is 
however  well  known  that  at  low  speeds  the  fuselage  Interference  rapidly  attenuates  In  the  spanwlse 
direction  being  confined  to  the  Inboard  stations.  With  Increase  of  the  Mach  nusber  Into  the  transonic 
range,  there  Is  some  spanwlse  spread  of  the  Interference,  but  at  some  point  a  forward  shock  will  appear 
confining  the  fuselage  Interference  to  the  region  downstream  of  the  shock.  This  will  next  be  shown  In 
the  second  example. 

I?«  F ij,  5  hC  cons idsr  ths  esse  of  s  “flat"  untapered  wing  mounted  centrally  on  a  cylindrical 

fuselage  of  circular  cross-section.  Here  the  fuselage  interference  Is  shown  by  a  calculation  with  an 
exact  potential  method.  For  this  transonic  case  the  fuselage  Interference  has  generated  a  significant 
forward  shock.  As  described  In  the  previous  section  for  the  wing,  this  shock  forms  the  upstream  limit 
of  the  fuselage  Interference  which  limits  the  spanwlse  extent  of  the  Interference.  Experimental 

wing/fuselage  pressure  distributions  are  also  given  In  Fig.  9  to  support  the  calculations. 

In  the  final  example  given  In  Fig,  10  another  aspect  of  the  fuselage  Interference  Is  Illustrated  by 
comparing  the  Interference  due  to  two  different  fuselages  with  an  elliptic  or  square  cross-section. 
Here  the  significant  differences  of  the  two  fuselages  are  not  only  the  cross-section  shapes  below  the 
wing  but  the  streamwlse  rate  of  change  of  the  cross-sectional  area  upstream  of  the  wing.  Thus  If  we 
compare  the  two  cases  at  the  same  angle  of  attack  (curves  A  and  B),  we  see  the  greater  suction  plateaus 
and  a  stronger  shock  system  on  the  wing  for  the  elliptic  fuselage.  This  Is  primarily  due  to  the  greater 
Mach  numbers  generated  upstream  of  the  Inboard  portion  of  the  wing  by  the  elliptic  forebody.  (Here  for 
example  slender  body  theory  would  suggest  the  lift  to  be  dependent  on  the  streamwlse  rate  of  change  of 
the  fuselage  cross-sectional  area.)  The  effect  of  the  Increased  oncoming  Mach  ntaber  for  the  elliptic 
fuselage  Is  seen  to  have  a  dramatic  effect  at  the  Innermost  span  station  at  0.74  semi-span.  The  large 
difference  of  the  suctions  at  the  Inboard  station  for  the  two  fuselages  now  propagates  spanwlse  along 
the  characteristics  producing  the  difference  (n  the  pressures  seen  at  the  outermost  span  station.  Here 

also  changes  In  the  forward  shock  have  contributed  to  the  outboard  Interference  by  altering  the  outboard 

shock. 


In  iuSHirjf  the  addition  of  the  fuselage  In  the  transonic  case  produces  significantly  reduced 
suction*  in  tne  inboard  region  of  the  wing  which  wiii  be  confined  downstream  of  the  forward  shock  when 
such  a  shock  is  present.  The  fuselage  may  additionally  produce  changes  In  the  Inboard  wing  flow  by 
altering  the  onccmlng  Mach  ntabers  upstream  of  the  wing.  The  resulting  Inboard  wing  flow  change  Is  then 
propagated  »panwi$e  along  the  characteristics. 
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With  such  significant  Interference  effects  due  to  the  fuselage,  It  Is  not  difficult  to  anticipate 
the  Importance  of  the  interference  effects  that  will  arise  by  the  addition  of  strakes  and  canards  In  the 
transonic  case. 

The  Interference  effects  of  the  fuselage  at  supersonic  conditions,  though  not  unimportant,  are  less 
profound  being  confined  laterally  by  the  characteristic  zone  of  influence.  We  shall  thus  omit  this 
subject  In  the  present  review. 

4.  SUPERSONIC  CRUISE  DESIGN 

The  specific  problem  on  hand  Is  to  evolve  changes  to  the  baseline  configuration  at  the  cruise  Mach 
nimber  which  minimize  the  drag  for  a  prescribed  lift  and  pitching  moment.  Geometric  constraints  on  the 
fuselage  and  wing  may  be  additionally  required  for  structural  and  Internal  volume  requirements  and  for 
the  avoidance  of  flow  separations  when  an  Invlscld  method  Is  used  for  the  optimization.  In  the  following 
we  shall  describe  how  this  problem  Is  typically  addressed  for  the  simpler  supersonic  case. 

In  the  supersonic  case  linear  small  disturbance  Invlscld  theory  serves  as  a  good  first  approximation 
for  supercruiser  fighter  configurations  at  cruise  lifts.  Here  viscous  interactions  are  weak.  With 
planar  boundary  conditions  valid  for  the  wing,  the  optimization  problem  can  be  divided  Into  the 
thickness  problem  and  the  lifting  problem. 

Consider  first  the  thickness  problem.  For  the  determination  of  the  wave  drag,  the  farfleld 
perspective  Is  used  In  the  form  of  the  well-known  supersonic  area  rule.  In  brief  the  drag  of  a  given 
configuration  Is  obtained  by  evolving  Its  equivalent  axial  symmetry  body  as  follows.  The  area  of  the 
equivalent  body  at  a  given  Ho1nt  along  the  fuselage  axis  Is  obtained  by  Introducing  the  aft  free  stream 
Mach  cone  with  the  cone  apex  at  the  given  point.  A  sequence  of  tangent  planes  around  the  cone  are 
constructed,  and  the  area  of  the  configuration  Intersected  by  each  of  these  tangent  planes  Is 
determined.  The  average  of  these  areas  then  yields  the  local  area  of  the  equivalent  axial  symmetric 
body.  Configuration  changes  respecting  the  geometry  constraints  are  made  to  drive  the  equivalent  body 
towards  an  optimal  shape  as  the  Sears-Haack  body.  In  general  the  thickness  distribution  of  the  wing  is 
kept  unchanged,  it  being  selected  initially  by  structural  considerations.  Addition  of  Inboard  strakes 
and  permissible  fuselage  variations  are  frequently  considered  to  obtain  the  smoothest  equivalent  shape 
approaching  the  optimal  shape.  Practical  guidance  In  the  use  of  the  area  rule  Is  given  by  Harris  (Ref. 
10). 


In  the  lifting  problem,  the  correct  procedure  would  be  to  mount  the  zero  thickness  wing  onto  the 
optimized  fuselage.  Frequently  to  simplify  the  problem,  the  wing  alone  Is  considered.  A  variational 
problem  Is  then  posed  seeking  the  camber  distribution  for  the  given  planform  which  minimizes  the  wave 
drag  for  a  prescribed  Mach  nunber,  lift,  pitching  moment,  and  possibly  with  geometric  constraints. 

A  representative  optimization  procedure  is  due  to  Carlson  and  Miller  (Ref.  11).  Here  a  sequence  of 
significant  loadings  1<  (1  »  1,2,..,N)  Is  defined,  and  the  corresponding  cambers  ci  yielding  these 
loadings  are  then  determined  by  quadrature  distributing  lifting  doublets  or  elemental  horseshoe  vortices 
on  the  planform.  For  non-simple  planforms  the  integrations  must  be  carried  out  numerically. 

For  the  optimization  the  sequence  of  loadings  is  now  superimposed  with  coefficients  aj,  and  the 
functional 


F  *  D  +  k i ( L-L0 )  +  k2(M-M0) 

Is  formed  where  k-|  and  k2  are  the  constant  Lagranglan  multipliers,  Lg  and  M0  are  the  constrained 
values  of  the  lift  ano  moment,  and  the  total  lift  L,  the  drag  D,  and  the  pitching  moment  M  are  given  by 

L  */£afltds  D  *  /(£a^  1  ^ ) ( X «i  cj  )ds 

1  l  i. 

M  *  / x(£a<lj Ids. 
l 

The  functional  F  Is  therefore  a  function  of  tne  coefficients  and  k|  and  k2.  The  minimum  of  F 
will  yield  the  minimun  of  D  when  the  lift  and  moment  constraints  are  fulfilled,  and  It  is  obtained  by 
setting  the  partial  derivatives  of  F  with  respect  to  each  a{  and  kj  to  zero;  that  is, 

«F/ea1  ■  0  (1-1,2,  ...N); 

SF/ek]  «  L  -  L0  «  0 

flF/flk2  *  M  -  Mo  »  0. 

Note  that  the  second  set  of  equations  will  Insure  the  lift  and  moment  constraints.  The  solution  to  the 
above  system  of  equations  then  yields  the  aj's;  and  the  optimize  camber  is  then  given  by  C  *£afCf. 

The  above  procedure  is  Illustrated  by  an  example  from  Ref.  12  for  the  planform  shown  In  the  lower 
part  of  Fig.  11  at  the  Mach  number  of  3.5,  for  a  lift  coefficient  of  0.1,  and  with  a  pitching  moment  of 

zero  about  the  center  of  gravity  shown  In  Fig.  11.  Eight  elemental  loadings  shown  In  Fig.  11  were 

used.  These  are  arbitrary,  but  if  they  are  skillfully  chosen  such  that  each  Is  physically  significant 
In  an  unique  manner,  fewer  elemental  loadings  will  be  required.  In  fig.  12  the  resulting  optimal  camber 
Is  shown.  Here  It  Is  seen  that  a  large  negative  displacement  of  the  root  chord  trailing  edge  has 
resulted  making  It  difficult  to  mount  the  wing  on  the  fuselage.  The  optimization  was  repeated  adding  an 
additional  constraint  on  the  vertical  coordinate  at  the  root  chord  trailing  edge  using  the  Lagranglan 
multiplier  k3.  The  resulting  constrained  camber  shape  Is  compared  to  the  original  unconstrained 
camber  In  Fig.  12.  A  comparison  of  the  resulting  drag-due-to  lift  factors  is  shown  In  Fig.  13.  The 

penalty  of  adding  the  moment  and  trailing  edge  constraints  Is  seen  to  be  small  in  this  case.  The 

performance  penalty  due  to  constraints  In  general  will  depend  strongly  on  the  case  on  hand. 
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In  the  above  example  the  leading  edge  ms  supersonic,  so  that  a  leading  edge  suction  force  did  not 
arise  nor  were  large  upper  surface  suctions  generated. 

In  the  case  of  a  subsonic  leading  edge,  upwash  upstream  of  the  leading  edge  arises  generating  large 
upper  surface  suctions.  More  Importantly,  a  leading  edge  suction  force  Is  generated.  Theoretically  the 
latter  force  Is  due  to  the  linear  solution  singularity  at  the  leading  edge  of  the  zero  thickness  wing. 
The  significance  of  the  leading  edge  suction  force  Is  shown  In  Fig.  14  where  the  drag-due- to-1 1ft  factor 

Cq//S Ci 2  determined  by  linear  theory  Is  plotted  versus  j9cotAie.  Here  C[>  and  Cl  are  the  drag 

and  lfft  coefficients,  A]*  the  leading  edge  sweep  angle,  and  /3Z  =  M2-  1  where  M  Is  the  free  stream 
Mach  number.  Here  also  the  significant  effect  of  the  trailing  edge  sweep  Ate  of  the  drag  factor  Is 
shown  due  primarily  to  the  Influence  of  the  aspect  ratio  on  the  Induced  drag. 

The  theoretical  leading  edge  suction  force  used  above  In  Fig.  14  Is  not  fully  realized  In  a  real 

flow  due  to  flow  separation.  For  design  purposes  an  attainable  leading  edge  suction  force  was  defined 
In  Ref.  13  using  local  sweep  theory  and  Incorporating  empirical  Inputs  to  account  for  flow  separation. 
It  was  expressed  In  terms  of  a  thrust  factor  k*,  the  fraction  of  the  theoretical  suction  force 
attained  In  a  real  flow;  and  It  was  given  as  a  function  of  the  local  sweep  and  leading  edge  radius,  the 
inviscld  flow  loading  about  the  leading  edge,  and  the  free  stream  Mach  number  and  Reynolds  number. 

In  Fig.  14  we  show  an  example  from  Ref.  15  for  a  wing/fuselage  with  a  70°-sweep  wing  showing  the 
appreciable  leading  edge  suction  force  that  can  arise.  Here  the  chordwlse  force  coefficient  C^,  which 
ref'ects  directly  the  leading  edge  suction  force,  Is  plotted  versus  the  angle  of  attack  at  four  values 
of  the  free  stream  Mach  number  In  the  range  1.6-2.95.  Here,  aside  from  the  experimental  values,  three 
calculated  values  are  shown,  with  and  without  the  full  theoretical  suction  force,  and  with  the 
attainable  thrust  from  Ref.  13.  The  relative  amount  of  the  suction  force  generated  can  be  gauged  by 
comparison  with  the  calculated  values  with  and  without  the  theoretical  suction.  The  results  here  show 
that  the  measured  suction  force  Is  of  the  order  of  one-half  of  the  theoretical  value  up  to  an  angle  of 
attack  of  4°.  The  calculated  values  of  the  (4  using  the  attainable  suction  are  seen  to  agree 
closely  with  the  measurements. 

Another  Interesting  test/theory  comparison  Is  from  Ref.  15  for  a  series  of  70°-sweep  arrow  wings 
at  M  ■  2  optimized  at  several  design  Ci ‘s  using  the  linear  optimization  code  omitting  the  leading  edge 
suction  force.  In  Fig.  16  the  resulting  maximum  llft-to-drag  ratio  (L/D)max  and  the  zero-lift 
pitching  moment  Cjk,  are  plotted  against  the  design  lift  coefficient  Cl^.  Here  the  measured  values 
are  compared  with  two  calculated  results,  with  the  attainable  suction’  and  without  it.  Though  the 
pitching  moment  1$  closely  predicted  by  both  calculations,  the  linear  theory  calculations  without  the 
leading  edge  suction  have  greatly  over-predicted  the  (L/Dlnax-  The  results  using  the  attainable 
suction  closely  match  the  measurements. 

The  cause  for  the  poor  test/theory  match  In  Fig.  16  In  the  case  of  the  linear  theory  without  the 
suction  was  due  to  the  large  nose-down  leading  edge  camber  generated  by  the  optimization  vhlch 
Invalidated  the  linear  theory.  In  the  absence  of  the  leading  edge  suction  force,  the  optimization  drove 
the  leading  edge  camber  to  large  negative  values  to  create  forward- facing  surface  elements  on  which  the 
large  upper  surface  suction  pressures  could  act  to  create  a  thrust.  With  leading  edge  suction  Included, 
this  drive  towards  large  negative  cambers  Is  halted  by  the  decrease  In  the  leading  edge  suction  force, 
thereby  preventing  an  Invalidation  of  the  linear  theory.  The  above  results  point  to  the  need  of  a 
twist/camber  optimization  method  which  Incorporates  the  attainable  leading  edge  suction.  Such  a 
procedure  was  developed  In  Refs.  16  and  17.  We  shall  conclude  this  section  by  an  example  from  the 
latter  reference. 

The  objective  of  Ref.  17  was  the  redesign  of  an  existing  Mach  2  supersonic  fighter  with  a 
40°-sweep  wing  biased  In  part  for  a  transonic  maneuver  requirement,  to  a  new  configuration  biased 
solely  for  supersonic  cruise.  The  use  of  the  existing  fuselage  was  required,  though  a  more  slender 
fuselage  nose  was  permitted  In  the  new  design.  The  pre-design  analysis  for  a  cruise  lift  coefficient  of 
O.OB  resulted  In  the  planform  shown  In  FI g.  17  where  also  the  baseline  fighter  model  Is  shown.  Here  the 
leading  edge  sweep  Ai«  was  selected  such  that  0cot  A^e  «  0.75  where  02  *  M2-  1;  that  Is,  a 
leading  edge  sweep  of  55.6°  at  K  *  2.  The  trailing  edge  sweep  was  selected  at  20°,  a  compromise  of 
the  aerodynamic  preference  of  a  large  sweep  for  reduced  drag-due-to-llft  and  the  structural  preference 
for  reduced  structural  sweep.  A  break  In  the  leadlhg  edge  sweep  was  additionally  Incorporated, 
Increasing  the  Inboard  sweep  to  obtain  an  Increased  Inboard  structural  depth  without  an  Increase  of  the 
local  thickness  ratio. 

The  wing  camber  was  optimized  In  the  presence  of  a  simplified  fuselage  using  a  total  of  14  elemental 
loadings,  constraining  the  lift,  pitching  moment,  and  the  root  chord  geometry  to  enable  the  resulting 
wing  to  be  mounted  on  the  existing  fuselage.  In  the  optimization  the  attainable  leading  edge  suction 
force  was  used.  The  resulting  design  was  further  modified  by  trial  and  error  to  limit  the  leading  edge 
suction  to  0.7  of  the  vacuum  pressure  coefficient  and  the  maximum  adverse  pressure  gradient  to  a 
specified  empirical  value  to  prevent  flow  separations. 

In  addition  to  the  wing  change,  the  fuselage  nose  was  made  more  slender.  The  resulting  Imoroved 
(smoother)  normal  area  distribution  Is  contrasted  to  the  original  distribution  In  Fig.  18  .  A 
significant  decrease  of  the  zero-lift  drag  should  result  from  the  smoother  area  distribution.  The 
expected  estimate  of  the  drag  Improvements  Is  simmarlzed  In  Fig.  19  where  also  the  effect  of  the 
redesigned  Inlet  Is  shown  which  was  tailored  to  the  supersonic  cruise  condition. 

The  resulting  research  model  was  tested,  and  In  Fig.  20  the  measured  untrlmned  (L/DJjax  and  the 
MIL/OJmx  compared  to  those  for  the  baseline  fighter  model.  At  the  M  ■  2  cruise  point,  an 
Improved  value  of  (L/0)wx  *  5.5  was  achieved  In  the  redesign  compared  to  the  original  value  of  4.1. 
The  Improvement  here  must  oe  largely  attributed  to  the  planform  Improvement  permitted  by  the  removal  of 
the  transonic  maneuver  bias. 
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Also  shown  in  Fig.  20  are  the  results  for  three  designs  from  an  earlier  NASA/Langley 

Interceptor/fighter  study.  Ref.  17  attributes  the  higher  performance  of  the  SCIF  4  and  5  models  to  the 
absence  of  the  geometric  constraints  on  the  wing  root  chord  required  In  the  research  model  by  the 
mounting  considerations  on  the  existing  fuselage. 

Finally  some  results  are  given  showing  the  viability  of  the  computational  method  used  in  Ref.  17. 
In  Fig.  21  the  measured  drag  polars  for  the  research  model  with  and  without  the  camber  are  compared  to 
the  three  calculated  values  with  no  suction  force,  with  the  theoretical  suction  force,  and  with  the 
attainable  suction  force.  Remarkable  test/theory  match  Is  seen  here  for  both  models  when  the  attainable 
suction  Is  used. 

5.  TRANSONIC  CRUISE  DESIGN 

The  problem  on  hand  Is  again  one  of  starting  from  a  baseline  wing/fuselage  configuration  evolved 
from  a  predesign  stucty  and  Incorporating  changes  to  the  wing  and  fuselage  such  that  the  drag  Is 

minimized  for  a  given  lift  and  pitching  moment.  Permissible  configuration  changes  are  usually 

constrained  by  non-aerodynamlc  considerations  as  described  earlier.  The  fundamental  aspects  of  the 
cruise  design  of  the  wing/fuselage  can  be  Illustrated  by  considering  the  configuration  typified  by  that 
given  earlier  in  Fig.  10  with  a  wing  sweep  of  40°.  We  shall  in  the  following  confine  the  discussions 
to  such  configurations. 

The  transonic  problem  Is  non-linear,  and  viscous  effects  are  significant.  Direct  optimization 

procedures  as  used  In  the  supersonic  case  are  no  longer  possible,  and  one  must  turn  to  a  laborious 
search  process  using  both  the  wind  tunnel  and  the  computer.  Here  the  search  is  greatly  expedited  by 
prior  experience. 

The  cause  of  the  flow  degradation  that  limits  the  transonic  cruise  performance  is  well  known  and  is 
due  to  shocks  and  their  Interaction  with  the  boundary  layer.  Drag  divergence,  the  abrupt  increase  of 
the  drag  with  Mach  number  at  a  constant  lift,  is  the  direct  consequence  of  the  entropy  generation  by  the 
shock  and  the  concomitant  displacement  pressure  drag  arising  from  the  shock/boundary  layer  Interaction. 
To  avoid  a  strong  shock  wave,  wing  sweepback  and  twist  are  employed  together  with  fuselage  contouring 
maintain  adequately  swept  shock  waves.  Additionally  high  performance  airfoil  sections,  as  the 
supercritical  airfoils,  are  Incorporated  Into  the  fighter  wing  as  a  starting  point  despite  the  absence 
of  a  locally  planar  environment. 

A  typical  design  procedure  starts  by  using  the  subcrltlcal  theory  In  the  form  of  the  Mach  one  area 
rule  to  contour  the  fuselage  and  to  modify  the  Inboard  portion  of  the  wing,  perhaps  adding  a  wing 
glove.  The  panel  method  Is  then  used  to  determine  the  wing  Incidence  and  twist  as  well  as  additional 
thickness  modifications  of  the  wing  to  obtain  uniformly  swept  upper  surface  Isobars  as  well  as  an 
elliptic  spanwlse  load  distribution  for  minimum  Induced  drag.  In  some  cases  the  elliptic  loading  Is 
relaxed  to  a  less  fuller  distribution  to  moderate  the  root  bending  moment.  This  linear  subcritlcal 
analysis  surprisingly  yields  a  useful  first  approximation,  particularly  the  wing  twist  which  has  been 
found  to  be  satisfactory  for  the  supercritical  design  point.  The  next  step  is  the  refinement  of  the 
subcrltlcal  design  using  for  example  an  exact  potential  code  together  with  a  boundary  layer  code.  This 
Is  followed  by  a  final  tailoring  of  the  design  In  the  wind  tunnel  assisted  by  computations. 

To  Illustrate  one  aspect  of  the  transonic  cruise  design  problem,  an  example  from  Ref.  18  Is 
considered  where  fuselage  fairings  at  the  wing  juncture  region  were  added  to  Improve  the  wing/fuselage 
Interference.  Two  fairings  A  and  B  shown  In  Fig.  22  ,  were  added  to  the  wing/fuselage  (elliptic 
cross-section)  of  Fig.  10.  Fairing  A  was  shaped  to  fit  the  wing-alone  streamline  at  the  fuselage 
juncture  location,  whereas  .'airing  B  was  shaped  to  fit  the  wing-alone  streamline  at  the  40t  semi -span. 
In  Fig.  23a  the  chordwlse  pressure  distributions  obtained  In  a  wind  tunnel  test  are  compared  with  and 
without  the  fairings  at  the  24S  semi-span  station.  The  Mach  number  was  0.82,  and  the  angle  of  attack 
was  4.12°.  As  might  be  expected,  fairing  A  showed  the  best  performance  largely  eliminating  the 
forward  shock  and  greatly  weakening  the  rear  shock.  The  addition  of  the  fairings  however  reduced  the 
lift  coefficient  from  tne  original  value  of  0.42  to  0.288.  A  more  meaningful  comparison  Is  given  In 
Fig.  23b  where  the  lift  coefficients  were  more  closely  matched.  Relative  to  the  baseline  case  the 
forward  shock  was  displaced  upstream  and  the  rear  shock  significantly  weakened  by  the  fairing  A.  In 
Fig.  23  the  spanwlse  variations  of  the  difference  of  the  sectional  drags  between  the  two  fairings  are 
compared  for  several  Mach  numbers.  Here  the  fairing  Interference  is  seen  to  spread  rapidly  spanwlse 
with  Increase  of  the  Mach  number.  The  difference  of  the  total  drags  plotted  versus  the  Mach  nunber  Is 
also  given  In  Fig.  24,  again  showing  the  superiority  of  the  fairing  A.  In  summary  the  fairings  have 
clearly  decreased  the  drag,  but  this  gain  was  moderated  by  an  accompanying  decrease  of  the  lift. 

The  second  example  Is  from  Ref.  19  which  demonstrates  a  nonlinear  optimization  procedure  using  the 
exact  potential  code  In  a  steepest  descent  search.  The  starting  point  is  the  selection  of  a  series  of 
relevant  elemental  shape  changes  each  characterized  by  a  parameter.  The  configuration  with  various 
combinations  of  the  elemental  shape  changes  are  calculated  with  the  nonlinear  flow  code,  and  the 
resulting  drag  and  lift  are  determined.  Only  those  cases  with  the  prescribed  lift  are  retained.  For 
these  cases  the  drag  Is  plotted  as  a  function  of  the  shape  parameters,  and  the  direction  of  the  greatest 
drag  decrease  In  the  parameter  space  Is  ascertained.  A  suitable  point  along  this  path  of  steepest 
descent  Is  then  used  to  define  an  improved  configuration.  The  above  procedure  is  repeated  starting  from 
this  Improved  configuration.  With  many  nonlinear  calculations  necessary,  essential  Ingredients  in  the 
above  procedure  are  a  computer  code  that  is  fast  and  easy  to  use,  a  geometry  code  with  an  accurate 
Interpolation  scheme,  and  finally  an  effective  mesh  generator. 

The  example  from  Ref.  19  Is  the  C-141  swept  wing  shown  In  Fig.  25  at  the  Mach  miaber  of  0.77  and  a 
design  lift  coefficient  of  0.60.  The  shape  changes  considered  were  the  variations  of  the  coordinates  at 
four  points  along  the  upper  surface  chord  at  three  span  stations.  The  location  of  the  four  points  were 
selected  to  cover  the  expected  location  of  the  supersonic  region  (see  Fig.  25).  That  Is,  a  combination 
of  12  parameters  defined  the  optimal  shape  change.  In  Fig.  26  the  optimized  shape  and  corresponding 
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pressure  distributions  are  shown  compared  to  the  baseline  shape  and  pressure  distribution.  It  Is  seen 
that  the  shock  wave  has  been  essentially  eliminated.  The  airfoil  thicknesses,  except  for  the  root 
chord,  have  been  slightly  decreased  by  the  optimization.  Finally  Fig.  27  shows  the  drag  divergence  Mach 
number  to  be  Increased  by  approximately  0.02.  The  above  optimization  required  12  Iterations  and  1.43 
hours  on  the  Cray  XH>  computer  with  a  single  CPU.  Nonlinear  optimization  procedures  such  as  the  above 
method  using  the  steepest  descent  search  will  become  an  Important  design  tool  In  the  not  too  distant 
future. 

Finally  some  comments  are  appropriate  on  the  role  of  shockless  airfoils  and  wings  which  can  be 
generated  with  available  techniques.  To  be  sure  a  shockless  airfoil  will  have  zero  pressure  drag,  but 
the  general  experience  has  been  that  a  greater  llft-to-drag  ratio  (L/D)  can  be  achieved  by  permitting  a 
weak  shock.  In  the  case  of  the  shockless  airfoil  the  recompression  on  the  upper  surface  must  be 
Initiated  sufficiently  far  upstream  to  generate  the  smooth  gradual  pressure  recovery  required  to  avoid 
the  shock  wave.  By  permitting  a  benign  shock  the  recompression  can  be  delayed  to  a  point  further 
downstream  thereby  generating  greater  lift  without  significantly  adding  an  entropy  Increase  and  hence  a 
drag  Increase.  With  the  benign  shock  the  (L/D)  Is  Increased  relative  to  the  snockless  airfoil. 

6.  SUPERSONIC  MANEUVER  DESIGN 

As  the  angle  of  attack  is  Increased  Into  the  maneuver  lift  range,  the  flow  becomes  highly  nonlinear, 
and  the  linear  Invlscld  optimization  methods  are  no  longer  valid.  As  described  earlier,  separation 
vortices  on  the  fuselage  and  wing  leading  edge  region  arise  us  well  as  ^ross-flow  shocks  on  the  wing 
with  accompanying  shock-induced  separations.  The  flow  becomes,  not  only  nonlinear,  but  rotational  and 
viscous  as  well.  When  the  flow  Is  nonlinear,  there  are  no  convenient  optimization  methods  as  In  the 
linear  cruise  case. 

The  basic  features  of  the  wing/fuselage  are  usually  established  by  the  supersonic  cruise 
requirements.  High  lift  performance  Is  then  addressed  by  Incorporating  variable  geometry  devices  as 
leading  and  trailing  edge  flaps.  The  detailed  performance  of  high-lift  devices,  both  at  supersonic  and 
transonic  speeds,  will  be  covered  in  a  later  lecture  by  Dr.  John  Lamar.  In  the  present  section  we 
shall  confine  our  attention  to  two  specific  high-lift  wing  design  examples  using  exact  potential 
methods.  Wind  tunnel  tests  are  available  for  these  cases. 

The  first  example  Is  from  Ref.  20  where  the  problem  of  moderating  the  cross-flow  shock  Is  addressed 
using  the  exact  potential  method.  Potential  methods  can  be  used  when  the  viscous  effects  are  weak  and 
the  shocks  are  sufficiently  weak  that  the  entropy  generation  Is  negligible.  The  configuration 
considered  Is  shown  In  the  upper  part  of  Fig.  28  which  was  conical  except  In  the  aft  portion.  The 
surface  of  a  conical  configuration  can  be  generated  by  straight  lines  passing  through  the  wing  apex. 
Such  a  configuration  was  selected,  since  In  a  supersonic  flow  the  velocities  are  Invariant  along  rays 
passing  through  the  wing  apex,  and  the  3  dimensional  (3D)  potential  equation  can  be  simplified  to  a  2D 
equation  In  the  cross-flow  plane. 

The  leading  edge  sweep  A]e  was  57°.  The  design  Mach  number  M  was  chosen  such  that  the  leading 
edge  was  subsonic  with  /3cotAie  *  0.B3  where  /32  *  M2-1.  The  value  0.83  was  found  to  be  more 
appropriate  for  the  nonlinear  high-lift  conditions  than  the  value  of  0,75  evolved  from  linear 
exoerlence.  For  A]e  «  57°,  the  resulting  Mach  number  was  1.62.  The  design  lift  coefficient  was  0.4. 

The  starting  baseline  configuration  Is  the  flat  wing.  The  calculated  spanwlse  pressure  distribution 
for  this  wing  Is  given  In  the  left  part  of  Fig.  28  which  shows  the  presence  of  a  strong  cross-flow 
shock.  Experiments  further  indicated  the  presence  of  a  shock-induced  separation.  Also  shown  In  the 
left  part  of  Fig.  28  are  the  measured  pressures  which  are  seen  to  agree  closely  with  the  calculations. 
Such  an  agreement  Is  surprising  In  view  of  the  strong  shock /boundary  layer  Interaction  present. 

The  objective  was  to  modify  the  above  baseline  wing  to  eliminate  or  greatly  weaken  the  cross-flow 
shock  keeping  the  lift  coefficient  Invariant.  To  accomplish  this,  the  leading  edge  portion  cf  the  upper 
surface  was  modified  to  reduce  the  large  nose  suctions  and  the  large  Mach  manbers  upstream  of  the 
shock.  This  was  accomplished  by  tailoring  the  nose  radius.  Incorporating  a  nose-down  leading  edge 
camber,  and  reducing  the  convex  curvature  upstream  of  the  shock.  For  the  present  highly  nonlinear  flow 
a  trial  and  error  search  was  required  to  evolve  the  proper  combination  of  the  above  changes.  The 
resulting  configuration  and  pressure  distribution  are  shown  In  the  right  part  of  Fig.  28.  The  design  is 
seen  to  be  highly  successful  with  the  cross-flow  shock  essentially  eliminated.  Comparison  of  the 

calculated  results  with  the  experiments  here  again  shows  excellent  agreement.  Finally  In  Fig.  29  the 
drag-due-to-llft  for  the  two  wings  Is  plotted  versus  the  lift  coefficient.  Notable  here  was  the  drag 
reduction  of  65X  of  the  theoretically  possible  reduction  determined  by  linear  theory.  Here  the 
theoretical  “worst  and  best*  values  predicted  by  the  linear  theory  are  oily  approximate,  but  they  are 
the  only  available  estimates. 

The  second  example  Is  from  Ref.  21  where  the  above  design  approach  was  applied  to  a  fighter  wing 
shown  In  the  right  part  of  Fig.  30.  The  optimization  search  was  carried  out  with  the  3D  exact  potential 
code.  The  design  Mach  number  and  lift  were  respectively  1.62  and  D.4.  The  resulting  pressure 

distribution  Is  given  In  the  left  part  of  Fig.  30  showing  a  relatively  weak  cross-flow  shock.  Here 
again  excellent  test/theory  agreement  was  obtained.  The  success  of  the  design  Is  more  clearly  seen  In 
Fig.  31  where  a  drag  reduction  of  52*  of  the  theoretically  possible  reduction  as  estimated  by  linear 
theory  was  achieved.  The  resulting  drag  coefficient  at  the  design  lift,  not  surprisingly,  was  very 
large. 

7.  TRANSONIC  MANEUVER  DESIGN 

Tne  use  of  leading  edge  vortices  to  Improve  the  transonic  maneuverability  of  a  fighter  (a  Harrier 

model)  from  Ref.  22  Is  next  described.  The  resulting  flow  problem  is  ~jch  tco  complex  ror  analysis  hy 

existing  methods.  Ref.  22  Is  an  outstanding  example  wnere  prior  experience  and  the  skillful  use  of  the 
wind  tunnel  have  evolved  a  successful  design. 
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An  Inboard  strake  was  added  to  the  existing  model  as  shown  In  the  upper  part  of  Fig.  32.  The 
purpose  of  the  strake  is  to  generate  a  leading  edge  vortex  that  trails  downstream  over  the  Inner  part  of 
the  wing  Inducing  a  tipward  surface  flow.  This  then  thins  the  boundary  layer,  essentially  eliminating 
the  severe  separation  that  was  present  In  the  Inboard  region.  The  strake  vortex  further  promotes 
earlier  leading  edge  separation  outboard  of  the  strake/wlng  juncture  creating  a  second  (wing  panel) 
separation  vortex  starting  at  the  juncture.  This  vortex,  trailing  diagonally  downstream  over  the  Inner 
half  of  the  outboard  wing  panel,  sweeps  out  the  separation  In  this  region.  Sketches  of  the  oil  flow 
pictures  with  and  without  the  strake  from  Ref.  22  are  given  In  the  left  part  of  Fig.  32  showing  the 
elimination  of  the  separation  In  the  Inboard  half  of  the  wing.  Note  also  that  the  forward  shock  with 
the  strake  now  originates  at  the  further  outboard  strake/wlng  juncture  leading  to  a  considerably 
shortened  outboard  shock. 

The  resulting  performance  Improvements  due  to  the  strake  can  be  seen  In  the  right  part  of  Fig.  32 
where  the  lift,  rolling  moment,  and  the  rms  value  of  the  root  bending  moment  are  plotted  versus  the 
angle  of  attack.  Here  the  root  bending  moment  Indicates  the  onset  of  buffet  and  gives  a  measure  of  the 
buffet  intensity  for  the  model.  In  summary  one  finds 

1.  significant  delay  of  stall  (lift  plot); 

2.  removal  of  wing-drop  tendency  (rolling  moment  plot);  and 

3.  greatly  reduced  buffet  Intensity  (root  bending  moment  plot). 

Not  shown  above  Is  the  drag.  Skillful  tailoring  of  the  strake  was  required  in  Ref.  22  to  achieve 

I  the  above  performance  without  the  large  drag  Increases  associated  with  the  vortex  flows.  Having  to  fit 

the  strake  on  Kie  existing  structure  was  a  further  design  constraint. 

Obtaining  meaningful  results  at  large  angles  of  attack  In  the  wind  tunnel  1$  at  best  a  difficult 
task  due  to  the  severe  unsteadiness  of  the  flow.  The  above  wind  tunnel  results  obtained  In  the  ARA 
(Bedford)  Hind  Tunnel  were  subsequently  confirmed  by  a  flight  test. 

8.  SUMMARIZING  REMARKS 

The  fluid  dynamics  of  the  flow  over  fighter  configurations  at  transonic  and  supersonic  cruise 
conditions  is  reasonably  well  understood.  Optimization  procedures  for  the  supersonic  case,  based  on 
linear  Invlscld  theory,  yield  a  good  first  approxlaatlon.  For  wings  with  subsonic  leading  edges, 
i  Inclusion  of  the  attainable  leading  edge  suction  force  leads  to  Improved  results.  Improved  more-global 

modeling  of  the  attainable  suction  Is  required,  but  It  may  be  more  expedient  In  the  future  to  turn 
Instead  to  Navler/Stokes  analyses. 

Transonic  flows  at  cruise  conditions  are  essentially  nonlinear  and  viscous.  Optimal  designs  must 
then  be  evolved  by  a  search  process  using  prior  experience  with  the  wind  tunnel  and  the  computer  as 
complementary  tools. 

The  above  search  can  be  guided  for  example  by  the  method  of  steepest  descent.  In  such  a  nonlinear 
design  approach  an  essential  Ingredient  Is  an  applicable  computer  code  which  Is  fast  and  relatively  easy 
to  use.  The  speed  of  the  computer  code  Is  essential  to  enable  an  economic  calculation  of  the  many  cases 
required  In  the  search  process. 

1  Present  theoretical  design  tools  are  also  Inadequate  to  treat  the  maneuver  problem  at  all  Mach 

numbers.  Here  a  skillful  use  of  the  wind  tunnel  Is  the  only  recourse  at  the  present. 

The  examples  used  In  the  present  review  are  r>ot  fully  representative  of  the  material  existing  within 
NATO.  Examples  were  used  that  were  readily  available  to  the  author  which  Illustrated  the  design  problem. 
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Figure  1.  Sketch  of  Transonic  Flow  Features  over  Swept  Wings. 


Figure  2.  Upper  Surface  Flow  Features  for  a  Highly  Swept  Wing.  (Ref.  1) 
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Figure  4.  Primary  and  Secondary  Separation  Vortex  Flows. 
(From  Ref.  4) 
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Figure  5.  Spiral  and  Bubble  Type  Vortex 
Bursting.  (From  Ref.  5) 


Figure  6.  Vortex  Burst  Point  Location. 
(From  Ref.  7) 
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Figure  7.  Classes  of  Lee-Side  Separated  Flows.  (From  Ref.  8) 
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(b)  Pressures  ot  design  Mach  number,  M=  0  87 
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Figure  10.  Wing/Fuselage  interference:  Effect  of  Fuselage  Shape.  (From  Ref.  9) 
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Figure  12.  Resultant  Camber  Shapes  for  76 
Sweep  Delta  Wing.  (From  Ref.  1?) 
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Figure  11.  Supersonic  Camber  Optimization, 
Basic  loadings.  (From  Ref.  1Z) 


Figure  13.  Effect  of  Constraints  on  Drag-due-to 
Lift.  (From  Ref.  1Z) 
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Figure  14.  Linear  Theory  Drag-due-to  Lift  with  Full 
Leading  Edge  Suction.  (From  Ref.  15) 
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Figure  15.  Axial  Force  Coefficient,  Measure  of  Leading 
Edge  Suction  Force.  (From  Ref.  15) 
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Figure  16.  Test/Theory  Comparison  Using  Attainable 

Leading  Edge  Suction  Force.  (From  Ref.  15) 
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Figure  17.  Fighter  (Before)  and  Research  (After)  Models 
(From  Ref.  17) 


Figure  18.  Comparison  of  the  Mach-One  Area 
Distributions.  (From  Ref. 17) 


Figure  19.  Pre-Design  Drag  Improvement 
Estimates.  (From  Ref.  17) 
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Figure  20. 


Comparison  of  the  (L/D)  and  M(L/D).  Figure  21. 

(From  Ref.  17) 


Test/Theory  Comparison  of  the  Drag 
Polars  Using  Attainable  Suction.  (Ref.  17) 
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Figure  28.  Supersonic  Maneuver  Improvement, 
Conical  Case.  (From  Ref.  20) 


Figure  29.  Resultant  Drag-due-to-Lift  Improvement, 
Conical  Case.  (From  Ref.  20) 
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Figure  30.  Supersonic  Maneuver  Improvement, 
Fighter  Wing.  (From  Ref.  21) 


Figure  31.  Drag-due-to-Lift  Improvement,  Fighter 
Wing.  (From  Ref.  21) 


Figure  32.  Use  of  a  Wing  Strakc  to  Improve  the  Transonic 
Maneuverability.  (From  Ref.  22) 
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SUMMARY 


Nonlinear  lift  control  at  subsonic,  transonic  and  low  supersonic  speeds  owes  its 
origin  to  the  separated  but  organized  vortical  flows  interacting  with  the  wing  upper 
surface.  Since  most  of  this  flow  originates  near  the  wing  or  control-surface  leading- 
edge,  a  variety  of  devices  have  been  studied  experimentally  which  interact  with  and/or 
control  this  flow  in  order  to  gain  a  beneficial  effect.  The  benefits  (effects)  origi¬ 
nally  studied  were  only  associated  with  lift  enhancement.  Whereas,  now  the  studied 
benefits  encompass  performance  increase,  attention  to  changes  in  trimmed  conditions  and 
longitudinal  stability,  improvements  in  lateral  stability,  and  the  attendant  variation 
with  changing  Mach  number. 

For  those  devices  that  can  be  th  oretically  modeled,  state-of-the-art  computer  codes 
have  been  used  for  device  design  and/or  analysis.  Comparisons  at  design  and  off-design 
conditions  are  presented  for  validation  purposes. 
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g  acceleration  due  to  gravity;  also,  inequality  constraint  in  optimization  process 

h  vertical  distance  between  inlet  centerline  of  the  pumped  vortex  suction  appara¬ 

tus  and  wing  chord  plane;  also,  equality  constraint  in  optimization  process 

L/D  lift-to-drag  ratio,  Ci/Cp 

M  Mach  number 

A  mass  flow  rate 

p  static  pressure 

q  dynamic  pressurt- 

Ra  ratio  of  exposed  strake  area  to  wing  reference  area,  Ss/Sref 

S,  Sref  wing  reference  area 

V  velocity 

V„  X-component  of  the  total  velocity  vector 

Vy  Y-component  of  the  total  velocity  vector 

Vz  Z-coraponent  of  the  total  velocity  vector 

X,  Y,  Z  coordinate  axes  centered  at  wing  leading  edge  apex  for  LEE  study 

vortex  flap  coordinate  axes  centered  at  the  apex  of  the  flap,  see  figure  34 
X  vector  of  design  variables 

AX j  incremental  step  of  ith  design  variable 

x/c  fractional  distance  along  the  local  chord  of  the  called  out  surface 
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INTRODUCTION 

Historically,  up  to  end  Including  the  1960's,  fighter  aircraft  were  designed  to 
perform  their  primary  functions  best  with  attached  flow,  and  to  handle  the  occurrence  of 
separated  flow  in  such  a  way  that  resulting  control  problems,  such  us  loss  of  aileron 
effectiveness,  were  avoided  or  delayed.  Experimental  experience  and  theoretical  tocls 
available  for  configurations  made  it  clear  (then  and  now)  that  attached  flow  would  be 
best  for  obtaining  the  lowest  drag  and/or  highest  lift/drag.  For  configuration.:  that 
must  satisfy  an  ex  ensive  set  of  multisission  requirements,  references  1  and  2  point  out 
that  the  variable-sweep  wing  was  found  to  be  an  appropriate  geometrical  and  aerodynamical 
solution.  This  wing  promotes  attached  flow  during  each  phase  of  the  mission.  Examples 
of  implementations  of  this  concept  are  the  United  States  Air  Force  (USAF)  F-lll,  Navy 
(USN)  P-14  (see  fig.  1),  the  European  Tornado,  and  the  large  variety  of  planes  developed 
by  the  Soviet  Union. 

However,  there  exists  a  need  for  design  concepts  which  provide  some  degree  of 
multimission  capability  without  resorting  to  variable  sweep.  One  particularly  Important 
combination  of  mission  capabilities  is  that  of  very  high  transonic  maneuverability 
coupled  with  supersonic  capability  in  a  relatively  lightweight  fighter.  To  perform  these 
tasks  the  design  flow  field  will  encompass  both  attached  and  vortical  flows  (ref.  1). 
Both  the  European  Fighter  Aircraft  and  the  USAF's  Advanced  Tactical  Fighter  are  examples 
of  vehicles  which  will  likely  have  this  particular  mission  combination. 
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Organized  vortical  flow  was  successfully  employed  in  the  1960's  by  SAA'3  of  Sweden  in 
their  closely-coupled  canard-wing  Viggen  aircraft.  This  arrangement  used  a  canard  with 
trailing-edge  flaps  to  control  the  aircraft  and  to  delay  gross  upper  surface  separation 
on  the  wing.  The  latter  occurred  through  a  favorable  interaction  with  the  stable  canard 
tip  vortex  and  led  to  a  more  maneuverable  aircraft  at  higher  angles  of  attack.  In  the 
1970's  and  into  the  1980' s  the  concept  of  using  a  trailing  vortex  system  to  control  the 
flow  on  the  main  wing  upper  surface  downstream  was  extended  to  include  the  direct  lift 
benefits  from  the  forward  surface,  e.g.,  strake,  and  has  been  incorporated  into  the  F-16, 
F-18  and  F-16XL  aircraft  (see  fig.  2).  This  type  of  flow  may  be  generated  along  the 
leading  and/or  side  edge  of  a  strake  or  the  inner  portion  of  a  highly-swept  cranked 
wing.  The  latter  can  be  thought  of  as  an  extension  of  the  off-design  (and  perhaps  even 
on-design)  vortex  flow  present  on  the  Concorde  (ref.  3). 

Strakes  and  highly  swept  portions  of  cranked  wings  are  only  two  means  of  generating 
stable  vortex  systems  for  main  wing  flow  control.  There  are  other  fixed  geometries  or 
passive  devices  which  have  also  been  shown  to  perform  similar  functions.  In  addition,  a 
variety  of  variable  geometry  devices  have  also  been  experimentally  and  analytically 
investigated  which  successfully  manage  the  wing  flow  field  through  vortex  flow  creation 
or  suppression  as  required.  Also,  the  validated  tools  for  the  analysis  and  design  of 
configurations  generating  significant  amounts  of  vortical  flow,  which  were  lacking  during 
the  1960's,  began  to  become  available  during  the  197Q's.  Futhermore,  continued  progress 
has  been  made  in  the  development  of  these  computational  methods  to  the  extent  that  now 
they  are  useful  for  both  analysis  and  design  (ref.  4).  In  particular,  for  some  devices, 
among  them  the  vortex  flap  (ref.  5),  both  the  estimation  of  the  aerodynamic  character¬ 
istics  and  the  design  may  be  done  effectively  using  analytical  tools. 

This  paper  deals  with  the  control  of  the  nonlinear  lift  associated  with  vortical 
type  flow  at  high  angle  of  attack  in  various  speed  regimes.  Since  control  is  associated 
with  the  impact  of  a  deployed  device,  there  is  considerable  emphasis  in  this  paper  on 
devices,  be  tney  fixed  or  variable.  The  devices  highlighted  are  either  relatively  new, 
or  older  ones  which  have  been  the  subject  of  new  research.  In  addition,  published  theo¬ 
retical  solutions  in  either  the  analysis  or  design  mode  are  presented  with  respect  to 
pertinent  data  and  the  comparisons  discussed.  Where  no  computational  solutions  exist, 
selected  data  sets  are  given  to  illustrate  the  aerodynamic  impact  of  representative 
devices . 


VORTICAL  FLOW  CONTROL  DEVICES 
TYPES  AND  WIND  TUNNEL  CHARACTERISTICS 
Fixed 

Three  fixed  vortex  flow  control  devices  are  covered  in  this  section;  including  strakes, 
leading-edge  extensions,  and  vortex  generators. 

Strakes 

The  general  longitudinal  aerodynamic  effects  of  adding  a  strake  to  a  wing-body  are  well 
known,  but  are  repeated  in  summary  form  on  figure  j  for  completeness.  In  particular, 
strakes  organize  the  wing  flow  field  to  a  higher  value  of  a,  i.  e.,  increase  wing 
obd»  which  leads  to  a  larger  nose-up  pitching  moment  when  this  vortex  system  breaks 
dowr..  Also,  on  this  figure,  two  experimental  studies  are  highlighted.  The  first  is  to 
determine  the  effect  of  strake  shape  on  the  strake  vortex  system  with  emphasis  on  its 
ago  characteristics;  and  the  second  is  the  effect  of  strakes  on  lifting  surfaces  which 
inter ict . 

Planform  Effects.-  The  photograph  on  the  left  of  figure  3  shows  a  typical  strake- 
wing-Eocly  Tn  the  strake  effectiveness  study.  Reference  f>  reported  that,  for  a  range  of 
analytically  and  empirically  designed  strakes,  those  which  developed  a  higher  value  of 
the  section  leading-edge  suction  force  at  their  spanwise  extremities  generally  had  the 
higher  values  of  ago  at  the  wing  trailing  edge.  Related  low-speed  wind-tunnel  studies, 
reported  in  references  7  ar.d  8,  show  the  magnitude  ot  the  effect  of  planform  shaping  to 
be  significant  on  Cg,  both  in  terms  of  Cl  max  (fig.  4)  and  the  post  Cl  max  behavior 
(fig.  5),  as  well  as  on  Cm  (fig.  6).  Figure  4  shows  the  gothic-like  strafces  to  be  more 
area  efficient  in  terms  of  overall  Cg  max  production  than  the  reflexive  type  for  Ra  , 
ratio  of  exposed  strake  area  to  wing  reference  area,  less  than  0.25.  This  figure  also 
shows  that  both  types  generate  Cl, max  values  significantly  above  what  one  could  expect 
to  occur  from  a  wing  area  enlargement  by  the  same  amount.  Figure  5  shows  the  post 
Cl, max  variation  to  be  at  a  higher,  almost  constant,  level  for  the  gothic  strake  in 
comparison  with  the  others  in  that  Ra  range.  For  nearly  the  same  slenderness  ratio 
(total  length  over  exposed  semispan)  as  the  gothic  steaks,  the  middle-sized  reflexive 
strake  configuration  on  the  right  has  similar  post  Cl, max  characteristics  to  those  of 
the  gothic  configuration,  but  at  an  overall  reduced  Cl  level.  So,  whereas  increasing 
Ra  does  lead  to  an  increase  in  Cg  max»  making  the  strake  less  slender  does  not 
necessarily  improve  the  post  C[  ,max  behavior. 

Regarding  Cm,  the  addition  of  any  strake  to  the  wing-body  produces  a  configuration 
which  is  often  less  stable,  as  seen  in  figure  6,  and  has  pitchup  near  Cl, max*  Tne 
general  reduction  in  stability  before  pitchup  is  due  to  vortex  system  enlargement,  which 
puts  the  highest  induced  velocites  farther  from  the  lifting  surface,  and  strake  vortex 
burst  or  breakdown  ahead  of  the  wing  trailing  edge.  At  higher  values  of  a,  the  burst 
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position  moves  forward  across  the  wing  upper  surface  and  causes  the  aerodynamic  load 
center  to  have  a  similar  shift,  hence  pitchup  results. 

Figure  7  presents  a  summary  (from  ref.  8)  of  strake-wing-body-vertical  tail  lateral- 
directional  characteristics  reported  by  Luckring,  from  which  it  is  apparent  that  all 
combinations  were  generally  stable  up  to  approximately  20®.  For  larger  values  of  a  the 
data  become  highly  nonlinear  and  adverse,  with  this  occurrence  being  delayed  to  a  higher 
a  for  the  largest  reflexive  strake  arrangement. 

Even  for  strakes  which  have  good  characteristics  in  combination  with  one  planform, 
may  not  produce  a  net  benefit  when  a  configuration  embraces  several  strake-wing  plan- 
forms.  An  example  of  such  an  arrangement  is  a  "Space-Jet"  concept  (configuration  of  ref. 
9)  shown  on  the  right  of  figure  3.  It  is  conceived  of  as  being  a  candidate  for  a  follow- 
on  to  the  Space  Shuttle,  in  which  the  inventors,  Jackson  et  al.  (ref.  10)  envisioned 
using  vortex  lift  to  help  chis  turbo- jet-powered  vehicle  takeoff  horizontally.  However, 
the  resulting  closely  spaced  interacting  vortical  flow  systems  were  determined  not  to 
interact  favorably. 

Mach  Number  Effects.-  Figures  8  and  9  (from  ref. 7)  show  the  effects  of  Mach  number 
on  the  wing-afterbody  and  strake-forebody  Cl  and  Cm  components,  respectively,  for  a 
strake-wing-body  model  having  a  metric  break  and  two  balances.  There,  the  Cm  is 
plotted  with  Cl, tot  80  that  the  contributions  to  the  total  model,  shown  in  figure  10, 
can  be  isolated  and  presented  in  a  similar  format.  Figure  10  shows  that  for  the  total 
configuration  the  Cl  increases  with  Mach  number  at  a  fixed  a.  From  figure  8  the  wing- 
afterbody  is  seen  to  behave  in  the  same  manner  as  the  total  configuration;  whereas,  from 
figure  9  the  strake-forebody  shows  a  reduction  in  lift  with  increasing  Mach  number.  It 
is  somewhat  surprising  that  the  strake-forebody  lift  coefficient  should  fall  off  with 
increasing  Mach  number  since  it  is  basically  a  low-aspect-ratio  lifting  surface  and  hence 
should  exhibit  very  little  sensitivity  to  changes  in  Mach  number.  Evidently  the  cause 
for  the  reduction  in  Cl  is  the  decrease  in  wing  upwash  associated  with  the  increasing 
subsonic  Mach  number,  as  reported  in  reference  8. 

However,  it  is  not  surprising  that  the  increase  in  Cl, max'  which  occurs  at  M  * 
0.5,  shows  up  on  the  wing-afterbody  graph  since  the  wing  is  a  moderate-aspect-ratio 
lifting  surface  and,  therefore,  Mach  number  sensitive.  Due  to  model  and/or  balance 
limitations.  Cl, max  was  not  reached  at  M  -  0.7.  Lastly,  the  overall  pitchup  tendency 
previously  mentioned  results  from  the  pitchdown  tendency  of  the  wing-afterbody  at  higher 
values  of  a  or  Cl, tot  being  exceeded  by  the  pitchup  of  the  strake-forebody.  Configu¬ 
rations  of  this  type  with  vortex  breakdown  on  the  lee  side  would  need  to  employ  a  low 
tail  for  stability  and  control. 

Leading  Edge  Extensions  -  LEE 

Enhancing  the  aerodynamic  characteristics  of  moderate  aspect  ratio  wings  in  the  low- 
to-moderate  a  range  can  be  accomplished  by  employing  a  leading-edge  extension  or  LEE. 
Two  examples  are  given.  The  first  is  for  a  LEE  applied  to  a  thick  round-edged,  60® 
diamond  shape,  low-speed  glider  called  the  DM-1.  the  problem  to  be  solved  with  this 
device,  shown  in  figure  11,  was  to  energize  the  flow  on  the  leeward  side  of  the  wing  so 
as  to  generate  a  Cl, max  value  closer  to  that  measured  on  thin  sharp-edged  wings.  (Note 
that  this  device  was  successful  as  seen  by  the  organized  flow  in  the  photograph  on  this 
figure  at  e  ■  18.9®.)  This  figure,  developed  from  reference  11,  shows  the  final  place¬ 
ment  of  the  LEE  to  be  inboard.  The  lower  drag  is  associated  with  low  surface  pressures 
acting  between  the  LEE  and  the  maximum  thickness  line  of  the  wing  section,  thereby 
producing  an  aerodynamic  thrust. 

An  ideal  arrangement  would  be  for  the  LEE  to  be  mounted  to  a  thick  round-edge  wing 
along  the  stream  surface  associated  with  smooth  onflow  at  the  attached  flow  design 
condition.  For  flight  attitudes  above  that  for  smooth  onflow,  which  would  occur  for 
takeoff,  landing,  and  maneuver,  a  vortex  would  be  generated  in  the  region  between  it  and 
the  upper  surface.  This  would  energize  the  leeward  surface  flow  and  produce  the  lower 
pressures  needed  for  drag  reduction  and  lift  enhancement.  A  methodology  for 
accomplishing  this  is  given  later. 

The  second  application  is  more  recent  and  is  to  the  outer  wing  panel  of  a  transonic 
fighter  model  where  improvements  were  sought  in  the  drag  polar  by  using  vortices  to 
energize  the  wing  flow  in  the  tip  region  at  the  higher  values  of  a.  This  investigation, 
illustrated  in  figure  12,  is  intriguing  because  it  involves  the  interaction  of  a  vortical 
flow  over  the  outboard  portion  of  a  fighter  wing  designed  for  attached  supercritical 
flow.  The  early  and  advanced  designs  depicted  in  the  figure  are  maneuver  configurations 
developed  by  Mann  et  al.  (ref.  12)  using  transonic  methodology.  In  this  effort  to  alle¬ 
viate  the  shock-induced  flow  separation  that  eventually  occurs  in  the  wingtip  region  as 
lift  increases,  the  attached  flow  design  was  supplemented  with  a  sharp  LEE  (intended  to 
be  deployable  for  this  application)  on  the  outer  part  of  the  wing.  Pressure  measurements 
reported  in  reference  12  indicated  that  there  was  less  flow  separation  on  the  outer  panel 
with  the  LEE,  which  corresponds  to  the  drag  reduction  obtained  at  high  Cl*  Further 
research  of  this  vortex  control  concept  is  necessary  in  order  to  fully  understand  the 
implications  of  combining  vortical  flows  with  supercritical  attached  flows  for  maneuver 
wing  di  iigns. 
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Vortex  Generators 


The  aerodynamic  changes  brought  about  by  the  introduction  of  vortex  generators  are 
highlighted  in  figure  13.  There  it  is  pointed  out  that  the  alteration  in  fiow  field 
results  in  a  drag  reduction  due  to  improved  leading-edge  suction,  and  a  slight  lift  loss 
due  to  the  suppression  of  the  leading-edge  vortex.  Another  significant  feature  of  the 
vortex  generators  is  their  ability  to  improve  longitudinal  stability.  The  devices  delay 
the  inboard  movement  of  the  tip  vortex,  which  increases  tip  vortex  lift  and  delays 
pitchup,  compared  to  a  wing  without  these  devices. 

Typical  devices,  and  the  ones  reported  on  herein,  are  the  pylon,  fence,  and  slot. 
These  fixed  devices  are  generally  placed  at  the  leading  edge  (refs.  13-16)  of  round-edged 
wings.  Each  device  produces  a  vortex  that  flows  streamwise  over  the  upper  surface  of  the 
wing  and  splits  the  primary  leading-edge  vortex  into  segments.  The  outer  vortex  helps  to 
keep  the  flow  in  that  region  from  developing  into  a  large  scale  "stall  flow"  until  higher 
angles  of  attack  are  reached,  thus  alleviating  pitchup. 

Movable 


Roll  Control  Device 

An  in-plane  extension  or  retraction  of  the  side-edge  of  a  cropped  delta  wing  (see 
fig.  14),  caused  by  pivoting  a  portion  of  the  wing  about  the  tip  leading  edge,  has  led  to 
a  roll  control  (raked-tip)  device  for  enhancing  the  high-a  lateral  characteristics. 
This  patented  device  (ref.  17)  was  first  discussed  in  reference  18.  Its  purpose  is  to 
modulate  the  strength  of  the  vortex  system  and  the  associated  reattachment  area  so  that 
significant  amounts  of  rolling  moment  can  be  generated  at  attitudes  where  other  devices, 
such  as  ailerons,  are  known  to  be  ineffective.  The  concept  works  best  when  the  raked 
tips  of  a  wing  move  laterally  in  the  same  direction  during  deployment.  The  device  has 
been  found  to  generate  essentially  a  linear  growth  rate  of  rolling  moment  with  either 
increasing  a  or  tip  rake  angle,  as  opposed  to  a  nearly  constant  value  with  aileron 
deflection,  as  shown  by  figure  14.  Furthermore,  the  deployment  of  this  device  produced 
either  no-  or  a  proverse-yawing  moment. 

Articulating  Strikes 

An  alternate  approach  for  improving  usable  lift  at  high  a  is  to  utilize  variable 
strake  geometry  as  a  lifting  and  control  device.  Moss  (ref.  19)  evaluated  variable 
incidence  and  camber,  while  Rao  and  Huffman  (ref.  20)  studied  the  effects  of  anhedral  on 
a  hinged-strake  concept.  The  hinged  strakes  are  articulated  to  suppress  the  strake 
vortices,  and  thus  eliminate  or  reduce  the  vortex  breakdown  effect.  The  hinged  strakes, 
which  are  structurally  separate  from  the  wing,  are  attached  to  the  fuselage  through 
longitudinal  hinges.  The  effect  of  hinged  strakes  on  high-a  aerodynamic  characteristics 
is  shown  in  figure  15  for  a  wing-body-vertical  tail  configuration.  With  respect  to  the 
strake-off  configuration,  the  addition  of  the  planar-strake  ( 6 ^  ■  0°)  leads  to 

the  characteristic  vortex  breakdown  condition  evidenced  by  a  peak  in  Cl  accompanied  by 
pitchup.  Note  also  the  opposite  lateral-directional  behavior  as  a  approaches  30*  due 
to  the  asymmetric  breakdown  of  the  strake  vortices  being  different  from  that  of  the  basic 
configuration.  Deflecting  the  strakes  to  30°  anhedrai  greatly  alleviates  these  vortex 
breakdown  effects.  Rao  presents  (ref.  21)  additional  data  analysis  to  show  that 
horizontal-tail  effectiveness  is  increased  by  symmetric  deflections  of  the  strakes,  and 
that  large  rolling  moments  occur  due  to  asymmetric  deflections  that  become  larger  than 
conventional  ailerons  at  high  a. 

Vortex  Flaps  -  Various  Kinds 

Concept  and  History.-  Since  the  vortex  flap  concept  has  been  well  documented  by 
varioui  authors  (e.g.,  refs.  5  and  22-24)  only  a  brief  review  of  the  NASA  Langley 
contribution  will  be  presented.  A  depiction  of  its  history  is  presented  by  figure  16. 
In  1978,  an  attempt  to  utilize  leading-edge  vortex  flow  for  a  transonic  maneuver 
configuration  was  jointly  pursued  by  NASA  and  General  Dynamics  for  a  cranked  arrow  wing 
called  "Pre-Scamp".  The  resulting  transonic,  point-design,  highly-warped,  surface 
produced  an  impressive  L/D  and  close  to  7C-percent  effective  leading-edge  suction  at  a 
design  Cl  ■  0.5  at  M  ■  0.85  (ref.  25).  Naturally,  the  camber  was  off-design  under  other 
conditions,  especially  at  low  Cl«  so  ways  were  sought  to  achie.’e  the  same  benefit  of 
vortex  flow  utilization,  but  without  fixed  camber.  During  the  same  wind-tunnel  entry,  a 
flat  wing  of  the  same  planform  with  simple  leading-  and  trailing-edge  devices  was  also 
tested.  The  drag  polar  for  this  flapped  configuration  (fig.  17)  indicated  that  effective 
suction  levels  approaching  those  of  the  designed  camber  shape  could  be  achieved  at  the 
design  conditions.  The  middle  sketch  on  figure  16  shows  that  within  a  short  time  the 
general  plan  for  implementing  the  vortex  flap  concept,  by  a  combination  of  appropriately 
deflected  leading-  and  trailing-edge  flaps,  was  well  understood.  Experimental  studies  by 
Rao  (ref.  26),  among  others,  in  which  only  the  leading-edge  flap  was  deployed,  continued 
to  provide  additional  evidence  of  the  validity  of  using  a  device  of  this  type  in  order  to 
reap  improvements  in  L/D  or  effective  suction. 

In  order  to  have  a  proper  implementation  of  the  leading-edge  vortex  flap  (LEVF) 
concept  for  drag  reduction,  it  is  important  that  two  fluid  mechanics  phenomena  occur. 
The  first  is  that  the  shed  leading-edge  vortex  system  be  entirely  confined  to  the  flap 
upper  surface,  which  allows  for  the  high  suction  pressures,  associated  with  the  nearby 
vortex,  to  generate  significant  amounts  of  aerodynamic  thrust.  This  is  accomplished  by 
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having  a  proper  combination  of  design  variables,  discussed  later.  The  second  is  the 
avoidance  of  hingeline  separation  by  having  flow  reattachment  occur  there. 

To  explore  the  LEVF  concept,  mary  analytical  and  experimental  studies  were  conducted 
by  employing  various  combinations  of  design  variables;  as  typified  by  the  sketches  at  the 
lower-left  and  upper-right  of  figure  16,  respectively.  The  Free  Vortex  Sheet  (FVS) 
method  (ref.  27)  was  demonstrated  by  Frink  (ref.  28)  to  be  a  useful  tool  in  this  process. 
The  experimental  studies  were  performed  by  many  researchers  and  typical  results  reported 
in  references  21  and  29.  An  examination  of  the  results  from  these  and  other  studies  led 
Frink,  in  1982  (ref.  30),  to  the  development  of  a  LEVF  design  procedure.  A  typical 
result  is  shown  oi.  the  lower  right  of  figure  16. 

Types .-  The  typical  vortex  flap  used  for  drag  reduction  is  a  lower  surface  device 
(or  a  simple  hinged  device  deflected  downward)  and  has  been  found  to  be  effective  at 
transonic  speeds  in  the  angle  of  attack  range  generally  between  10“  and  15°.  Figure  18, 
taken  from  reference  5,  shows  typical  lower  surface  devices  which  could  be  of  the  folding 
(Krueger),  hinged,  or  tabbed  types  along  with  accompanying  flow  sketches.  There  are 
other  uses  for  vortex  flaps,  as  indicated  on  the  left  and  top  right  parts  of  figure  18. 
These  devices  and  flow  sketches  show  how  large  amounts  of  lift  can  be  generated  at  low 
wing  angles  of  attack  by  deflecting  an  upper  surface  (ref.  31)  or  apex  vortex  flap  (refs. 
21  and  32)  upward. 

Apex  Fence.-  A  variation  of  the  last  two  devices  is  the  apex  fence  (see  fig.  19  and 
ref.  33).  The  fence  is  a  variation  of  the  upper  surface  flap  in  that  it  is  deployed  from 
there,  is  only  part  span,  and  works  best  when  its  hingeline  is  near  the  leading  edge. 
Its  relationship  to  the  apex  flap  is  twofold:  both  devices  are  located  on  the  forward 
portion  of  the  wing;  and  the  fence  provides  a  practical  way  of  generating  an  apex  flap 
type  of  vortex  flow.  The  latter  is  mentioned  because  in  an  actual  application  the  apex 
region  of  the  wing  would  be  covered  by  the  fuselage.  The  apex  flap  and  fence  are  both 
pitch  controllers  in  that  the  provide  a  nose-up  Cm  ahead  of  the  center  of  gravity  at 
low  a  which  requires  a  nose-down  Cm  aft  for  trim.  This  leads  to  a  downward  deflec¬ 
tion  of  the  trailing-edge  flap  and  an  overall  increase  in  C^.  At  high  a,  the  apex 
fence  generates  a  nose-down  Cm  which  aids  in  pitch  recovery. 

Lower  Surface  LEVF.-  Since  transonic  maneuver  is  one  of  the  key  items  for  future 
fighters,  only  the  lower  surface  type  will  be  considered  for  the  remainder  of  this 
discussion;  although  it  is  interesting  to  note  how,  with  appropriate  articulation,  the 
vortex  flap  may  play  a  multimission  role  and  even  promote  STOL-like  performance.  Con¬ 
ceptual  sketches  are  shown  in  figure  20  for  a  simple  hinged  leading-edge  device  to  work 
in  conjunction  with  trailing-edge  flaps  so  as  to  yield  benefits  over  the  entire  flight 
envelope.  The  best  sustained  maneuver  capability  is  obtained  with  the  vortex  flap 
deflected  down  causing  a  forward  rotation  of  the  vortex  force  vector.  Takeoff  and 
instantaneous  maneuver  lifts  are  maximized  with  the  flap  undeflected,  while  Increases  in 
lift  and  drag  for  landing  are  achieved  with  the  flap  deflected  up.  Deflecting  the  flap 
down  at  large  angles  on  touchdown  orients  the  vortex  on  the  back  side  of  the  flap, 
increases  drag,  and  provides  negative  lift  on  the  wheels  for  shorter  stopping  distance. 
At  subsonic  and  supersonic  cruise,  the  flow  may  be  attached  and  the  flap  functions  like  a 
cambering  surface.  Research  is  underway  to  quantify  these  benefits  and  e  summary  of 
recent  experimental  and  theoretical  work  can  be  found  in  reference  34.  Futhermore,  from 
research  reported  in  this  reference,  the  LEVF  has  been  determined,  in  general,  not  to  be 
harmful  to  the  lateral  characteristics  of  the  model  to  which  it  is  applied. 

The  characteristics  associated  with  many  of  the  low<  surface  flap  geometry  changes 
are  depicted  in  figure  21.  Rao  (refs.  21,  23,  and  26)  demonstrated  that  reducing  the 
length  of  the  vortex  flap  inboard  improved  efficiency.  In  addition,  shaping  the  flap 
inboard  improves  the  vortex  formation  while  shaping  outboard  promotes  vortex  flow  attach¬ 
ment  at  the  hingeline,  both  of  which  reduce  drag  and  delay  pitch-up.  Increasing  flap 
size  was  shown  by  Rao  (ref.  26)  and  Schoonovet  (ref.  35)  tc  delay  the  inboard  movement  of 
the  vortex,  which  combines  with  the  increased  flap  frontal  area  to  reduce  drag. 

In  recent  studies  on  an  arrow  wing  configuration  (ref.  36)  and  a  cropped  delta  wing 
model  (ref.  37),  Rao  demonstrated  that  flap  segmentation  is  an  effective  technique  to 
reduce  the  flop  area  while  still  achieving  the  same  L/D  as  without  segmentation.  The 
flap  segments  generate  multiple  vortices  that  remain  closer  to  the  leading  edge. 
Improving  the  efficiency  of  the  vortex  flow  in  the  tip  region,  which  delays  tip  stall  and 
improves  the  longitudinal  stability  characteristics. 

Another  variation  of  the  folding  flap  (fig.  18}  has  been  devised  by  Rao  (ref.  38)  in 
which  the  hingeline  is  moved  away  from  the  leading  edge  so  that  upon  deflection  the 
device  resembles  a  forward  facing  split  flap,  much  like  one  of  the  upper  surface 
devices.  It  is  called  the  'cavity'  flap  and  is  shown  in  figure  22.  When  applied  to  a 
60*  delts  wing  in  a  preliminary  test,  improvements  in  the  subsonic  L/D,  relative  to  a 
LEVF  hinged  at  the  leading  edge,  were  found  to  exist  over  a  wide  Cl  range  fot  a  20* 
deflection,  but  not  at  40*.  This  device  is  one  which  still  needs  to  be  optimized. 

Staudacher  in  reference  39  summarizes  data  from  a  number  of  sources  on  wings  with 
single-  and  double-hinged  leading-edge  and  trailing-edge  flaps.  One  conclusion  reached 
is  that  only  lower  surface  LEVFs  applied  to  wings  with  leading-edge  sweeps  greater  than 
65*  will  show  higher  aerodynamic  efficiencies,  L/D,  relative  to  the  flap  systems  devel¬ 
oped  for  attached  flow.  This  is  a  rational  conclusion  from  his  paper  and  it  is  acknowl¬ 
edged  that  an  attached  flow  solution  will,  in  general,  be  the  better  one.  The  difficult} 
occurs  in  the  transonic  maneuver  when  attached  flow  cannot  be  maintained  all  over  the 
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flap  system  and  thin  wing  even  for  some  moderate  sweep  wings.  The  flow  will  first 
separate  in  the  tip  region  or  along  a  hingeline  without  reorganizing.  (This  led  Mann  et 
al.f  reference  12,  to  incorporate  a  LEE-type  device  on  their  moderately  swept  wing  to 
organized  the  tip  flow  and  hence  produced  a  higher  L/D.)  The  utilization  of  the 
available  shed  vortex  system  is  one  of  the  major  reasons  for  using  a  LEVF.  Flap  systems 
designed  for  attached  flow  may  work  as  well  in  this  environment  as  a  poorly  designed  LEVF 
system  (i.e.,  one  which  violates  the  two  fluid  mechanics  phenomena  stipulated 
previously),  in  that  they  do  not  promote  vortex  system  capture  on  the  flap  surface. 
However,  should  vortex  capture  occur  on  the  attached  flow  flap  system,  the  ability  to 
maintain  it  there  is  inferior  to  that  of  a  properly  designed  LEVF  system. 

Trailing  Edge  Flap 

In  general,  the  trailing-edge  flap  (TEF)  performs  the  same  whether  the  flow  type  be 
vortical  or  attached;  in  that  its  downward  deflection  causes  a  significant  increase  in 
Cl  and  L/D  to  occur.  Futhermore,  when  the  TEF  operates  in  combination  with  the  LEVF, 
the  aerodynamic  benefit  of  deflecting  the  TEF  may  be  larger  than  that  associated  with  the 
leading-edge  device  alone.  A  negative  synergism  may  occur  upon  the  deployment  of  both 
devices,  as  reported  by  Staudacher  in  reference  39  and  illustrated  on  figure  23.  Just  as 
in  attached  flow,  TEF  hingeline  separation  will  occur  on  the  upper  surface  for  this 
device  at  too  large  deflection  angles.  The  most  effective  range  of  downward  deflection 
angles  is  from  0°  to  20°. 


Jet  Augmented 

Another  approach  for  favorably  effecting  high- a  aerodynamic  performance  is  to  use 
jet  flows  to  augment  and  control  the  wing  vortex.  Many  jet-augmented  vortex  concepts 
have  been  studied  and  three  promising  ones  are  shown  in  figure  24.  These  concepts  are 
the  fluid  strake,  spanwise  blowing,  and  pumped  vortex.  Their  function  is  to  delay  vortex 
breakdown  and  organize  the  wing  upper-surface  flow  field  to  yield  the  desired  aerodynamic 
benefits  by  the  addition  of  energy  to  the  system. 

Fluid  Strake.-  The  fluid  strake  concept  (refs.  40  and  41)  uses  a  jet  sheet  fotmed  by 
blowing  through  a  series  of  small  in-line  orifices  located  symmetrically  on  the  sides  of 
the  fuselage  ahead  of  the  wing.  The  intent  is  to  create  the  effect  of  a  "fluid"  strake 
that  can  be  activated  to  obtain  the  high-a  benefits  of  a  solid  strake,  such  as  those 
discussed  in  figures  3  and  15.  (Note  this  may  be  done  either  symmetrically  or  asymmetri¬ 
cally,  depending  upon  the  individual  blowing  rates.)  The  jet  sheet  generates  a  stable 
vortex  flow  over  the  wing,  which  increases  C ^  max  and  improves  the  drag  polar  and 
vertical  tail  effectiveness  at  high  a.  The  lift  augmentation  of  the  fluid  strake  is 
comparable  to  that  obtained  with  spanwise  blowing. 

Spanwise  Blowing.-  This  concept  energizes  the  leading-edge  vortex  by  blowing  a  jet 
spanwise  over  the  upper  surface  of  a  wing  in  a  direction  approximately  parallel  to  the 
leading  edge.  Pressure  data  obtained  by  Campbell  (ref.  42)  demonstrated  that  full  vortex 
lift  could  be  achieved  at  inboard  wing  stations  with  relatively  small  blowing  rates,  but 
progressively  higher  values  are  required  to  obtain  full  vortex-lift  levels  at  the  more 
outboard  span  stations.  Research  by  Erickson  and  Campbell  (ref.  43)  and  Staudacher  et 
al.  (ref.  44)  on  fighter  models  showed  that  spanwise  blowing  increases  lift,  improves  the 
drag  polar,  and  linearizes  pitching  moment  at  moderate  to  high  a.  Spanwise  blowing  has 
significant  effects  on  lateral-directional  aerodynamics,  which  appear  to  be  configuration 
dependent.  Both  rudder  and  aileron  effectiveness  are  improved  by  spanwise  blowing  (ref. 
44).  Futhermore,  it  results  in  more  stable  roll  damping  and,  as  demonstrated  in  a  free- 
f light  experiment  (ref.  45),  helps  eliminate  wing  rock. 

Pumped  Vortex.-  Building  on  the  work  of  Hummel  (ref.  46),  Taylor,  et  al.  (ref.  47) 
investigated  a  p  mped-vortex  concept  and  showed  the  criticality  of  the  location  of  the 
suction  device  used  to  pump  the  vortex  downstream.  Using  an  injector  drive  system,  they 
were  able  to  significantly  increase  the  axial  flow  in  ttu  vortex  which  stabilizes  the 
system  to  a  higher  value  of  a.  The  effects  of  the  suction  device  on  the  lift  character¬ 
istics  for  a  blended  delta  model  are  shown  in  figure  25,  which  indicates  that  increas¬ 
ing  Cjj  increases  Cl  at  moderate  a  and  increases  Cl, max*  The  augmented  lift  levels 
obtained  here  are  higher  than  those  obtained  in  Hummel’s  suction  experiment  because  of 
the  much  higher  C^  values  used  for  this  test.  These  larger  values  induce  higher 
velocities  over  the  wing  upper  surface  which  even  increases  the  potential  flow  lift 
contributions. 


PROGRESS  IN  ANALYTICAL  DESIGN 

Much  of  the  design  work  on  devices  for  vortex  flow  aiarugement  continues  to  be  done 
empirically  by  creative  engineers  who  are  guideo  by  a  thorough  understanding  of  the 
ptinciples  of  fluid  mechanics  and  aeronautical  engineering.  However,  for  some  devices, 
Including  the  strake,  leading-edge-extension  and  vortex  flap,  sufficient  progress  has 
been  made  with  available  analytical  tools  to  produce  useful  geometrical  shapes.  These 
are  the  topic  of  thi*  section.  In  particular,  details  from  two  recently  published  design 
methods,  one  each  for  the  LEE  and  LEVF,  are  presented  for  the  convenience  of  the  reader. 


Fixed  Devices 
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Strake 

Reference  48  describes  a  correlation  that  was  found  to  exist  between  the  stability  . 

of  the  leading-edge  vortex  system  and  the  leading-edge  suction  distribution.  Those 

distributions  which  were  roughly  triangular  and  had  high  peaks  near  the  tip  developed  \ 

stable  vortex  systems.  This  may  be  interpreted  in  a  physical  sense  for  separated  flows, 
with  the  aid  of  the  leading-edge  suction  analogy,  in  that  they  are  more  stable  for  shapes 
which  have  higher  levels  of  separation  induced  vorticity  near  the  tip. 

However,  to  take  advantage  of  this  correlation  for  planform  design,  a  simplification  I 

of  the  flow  field  was  necessary  in  order  to  be  able  to  solve  the  problem  efficiently  for  1 

the  planform  variables  in  terms  of  the  leading-edge  suction  distribution.  The  assump¬ 
tions  employed  in  going  from  3-D  potential  flow  to  the  simplified  flow  field,  called 
"Related  Flow",  ire  given  in  figure  26.  Note  the  other  assumptions  which  specifically 
impact  the  resulting  planform.  It  is  intended  that  these  shapes  would  be  used  for 
strakes  which  would  carry  their  isolated-planform  performance  characteristics  from 
•Related  Flow"  over  to  the  3-D  integration  with  a  wing-body  configuration.  A  typical 

resulting  shape  is  gothic,  as  indicated  in  this  figure.  Strake  shapes  developed  using  1 

this  approach  have  been  tested  on  a  wing-body  in  both  the  water  and  wind  tunnel,  and 
selected  wind-tunnel  results  have  been  reported  previously  in  this  paper. 

Leading  Edge  Extension  -  LEE 

This  section  presents  a  summary  of  a  methodology  for  LEE  design,  which  is  detailed 
in  reference  49.  It  has  as  its  goal  the  enhancement  of  the  off-design  aerodynamic 
characteristics  of  thick,  swept,  cambered  and  twisted  wings  at  high-subsonic  and  low- 
supersonic  speeds  without  altering  the  on-design  flow.  (The  particular  configuration 
that  prompted  this  work  is  a  58*  delta  for  which  a  wing  alone  data  base  exists.)  In 
order  to  do  this,  the  LEE  is  to  be  mounted  to  the  wing  along  the  dividing  stream  surface, 
called  herein,  the  "pseudo"-stagnation  stream  surface  (PSSS),  associated  with  the 
attached  flow  design  lift  coefficient  (C^d*  0).  The  surface  -  to  be  determined  -  is 
called  "pseudo"  stagnation  because,  at  its  intersection  with  the  wing,  the  velocity 
components  are  not  all  zero.  The  PSSS  is  a  dividing  stream  surface  which  separates  the 
incoming  flow  into  two  regimes,  in  general,  over  the  upper  and  under  the  lower  wing 
surface.  Two  streamwise  cuts  through  the  PSSS  are  shown  schematically  on  the  upper  right 
of  figure  27  and  illustrate  the  surface  curvature. 

A  summary  of  the  assumptions  employed  in  determining  the  PSSS  (fig.  27}  is  as 
follows: 

There  exists  a  PSSS  associated  with  a  swept-wi.ng  aircraft  at  the  attached  flow 
design  condition. 

The  intersection  of  the  PSSS  with  a  number  of  parallel  XZ  planes  spanning  the  wing 
produces  curves  which  are  representative  of  the  Pseudo-Stagnation  Streamline  (PSS) 
leading  to  the  pseudo-stagnation  point  (i.e.,  |VX|  ♦  minimum,)  |VZ|  «  0.  (Note  that 
|Vy|  is  not  assumed  to  be  small  nor  zero,  it  is  just  not  initially  considered.) 

The  PSS  shapes  are  derived  from  the  local  slopes  of  the  resultant  velocities 

at  appropriate  points  in  the  XZ  plane. 

A  spanwise  surface  fitted  linearly  through  the  resulting  intersections  is  an 
approximation  of  the  PSSS  described  in  the  first  assumption. 

Constraints  associated  with  an  acceptable,  and  hopefully  optimum,  solution  for  the 
LEE  are  summarized  in  figure  27  as: 

Its  presence  on  the  wing  does  not  change  the  pressures  and  therefore  the  aerodynamic 
performance  of  the  wing  alone  at  the  design  lift  coefficient. 

The  net  lifting  pressure  across  it  approaches  zero  (targetted  value)  at  the  design 
lift  coefficient. 

It  maintains  a  minimum  pianiorm  area  and  chord  length  especially  in  the  tip  region 
where  the  wing  local  chord  becomes  shorter. 

Its  intersection  with  the  wing  remains  on  the  wing  lower  surface. 

At  the  bottom  of  figure  27  are  sketches  that  indicate  how  the  flow  is  envisioned  to 
behave  both  at  and  above  a<j. 

A  variety  of  analytical  tools  were  examined  for  potential  application  in  developing 
this  methodology,  as  discussed  in  reference  49,  but  the  ones  chosen  were  PAN  AIR  (ref. 

SO)  for  determining  the  PSSS,  and  the  VLM-SA  (ref.  51)  for  establishing  an  appropriate 
extent  for  the  LEE.  (Note:  Skin-f r ictlor:  drag  is  ignored  throughout.) 

PSSS  Sstcraination.-  To  find  the  PSSS  with  PAN  AIR,  its  survey  network  mode  (non¬ 
load  bearing  and  not  touching  the  surface)  was  invoked  at  some  16  spanwise  locations  for 
the  desired  Nach  and  «  associated  with  In  each  of  these  parallel  XZ  planes  the 
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resultant  of  each  set  of  Vx  and  Vz  velocities  is  drawn  at  its  corresponding  panel 
center  and  superimposed  with  the  adjacent  leading  edge.  A  typical  result  is  given  in 
figure  28.  From  these  velocity  vectors  a  PSS  curve  graphically  determined  by 
connecting  a  tangent  to  the  vectors  which  terminated  on  the  surface  near  where  V2  ■  0 
and  Vx  was  minimum.  After  all  these  streamwise  curves  were  determined  they  were  joined 
in  a  piecewise  linear  manner  to  produce  the  PSSS. 

It  is  essential  to  examine  ths  degree  of  accuracy  of  the  determined  PSSS  solution 
for  the  thick  delta  of  figure  29.  For  this  purpose,  the  PAN  AIR  code  was  employed  once 
again  to  model  the  wing+PSSS  combination  at  the  design  condition  (i.e.,  ad  =  6.0°,  M  = 
0.8)  by  specifying  the  PSSS  to  be  a  lifting  surface.  Figure  29a  shows  the  effect  of  the 
PSSS  presence  on  the  wing  pressure  distribution  at  a  typical  wing  section  to  be  insigni¬ 
ficant.  Also,  as  shown  in  figure  29b,  the  net  lifting  pressure  across  the  PSSS  appears 
small  except  at  the  local  leading  eCge  for  the  same  typical  section.  From  these  results, 
it  is  evident  that  the  addition  of  the  PSSS  surface  does  not  cause  much  change  in  the 
performance  of  the  wing  model  at  the  design  condition.  Therefore,  it  is  concluded  that 
the  determined  PSSS  solution  is  close  to  the  actual  dividing  stream  surface  (i.e.,  PSSS) 
and,  hence,  now  that  portion  which  is  to  be  occupied  by  the  LEE  must  be  determined. 

LEE  Planform  Optimization.-  The  VLM-SA  code  is  employed  in  an  attempt  to  optimize 
the  PSSS  planform  shape.  This  optimum  shape  would  then  be  designated  as  the  shape  of  the 
LEE  device.  The  aerodynamic  effectiveness  of  36  different  LEE  planform  shapes  were  exam¬ 
ined  for  the  given  wing  by  considering  the  influence  of  geometrical  parameters  such  as 
constant  chord  (clee)»  constant  sweep  (ALEE>»  and  span  extent  (tiLEE)*  The  planform  view 
of  these  parameters  relative  to  the  basic  wing  geometry  is  illustrated  schematically  in 
figure  30.  Although  the  twist  and  camber  of  the  basic  wing  is  represented  by  its  mean 
camber  surface,  the  thickness  effect  is  ignored  by  the  VLM-SA  code.  As  discussed  later, 
the  analytical  solution  for  the  basic  wing  model  which  was  first  .intended  to  provide  a 
base  line  for  comparative  assessments  of  the  LEE  device  appears  to  be  inadequate.  As  a 
result,  throughout  this  study  the  aerodynamic  effectiveness  of  different  wing-t-LEE  combi¬ 
nations  were  therefore  emphasized  relative  to  one  another  rather  than  to  the  basic  wing. 

Figure  31  was  prepared  for  the  purpose  of  comparing  the  relative  aerodyanmic 
effectiveness  of  the  different  LEEs  as  a  function  of  their  geometrical  parameters.  In 
general,  this  investigation  revealed  that,  with  the  same  planform  area,  constant  chord  is 
relatively  more  effective  than  LEEs  having  sweep  angles  less  than  that  of  the  wing. 
Therefore,  two  LEE  planforms,  each  with  89-peccent  span  extent  relative  to  the  wing  span, 
one  with  1.2"  and  the  other  with  0.8"  constant  chord,  were  selected  as  being  the  best 
candidates  for  the  final  LEE  design  planform. 

Towards  the  Design  Objective.-  Several  detailed  modifications,  described  in 
reference  49,  were  made  to  both  the  wing  and  LEE  in  order  to  have  the  lifting  pressure  on 
the  LEE  be  nearly  zero.  One  of  the  biggest  changes  was  rotating  the  LEE  downward  about  7 
degrees  to  account  for  the  three-dimensionality  of  the  flow,  i.e.  no  longer  neglecting 
Vy.  The  final  result,  using  the  1.2*  LEE,  is  shown  in  figure  32  where  the  configuration 
is  called  Mod-wing  and  Mod2-LEE  to  reflect  all  the  geometrical  changes  made. 

Movable  Device  -  LEVF 

Analytical  design  procedures  for  the  vortex  flap,  a  particular  movable  device,  will 
be  discussed  herein.  The  items  to  be  determined  for  its  design  are  flap  planform  shape, 
deflection  angle  and  wing  angle  of  attack  for  specified  Cl  and  Mach  number.  There  are 
some  four  different  schemes  which  have  been  developed  that  will  be  considered  in  this 
section.  All  are  summarized  and  one  is  described  in  detail. 


VORCAM  -  Lan  and  Chang 

Lan  and  Chang  in  references  52  and  53  developed  VORCAM  (VORtex  lift  of  CAMbered 
wings),  which  has  as  one  option  that  of  designing  a  portion  of  a  contiguous  wing  surface 
to  represent  an  integral  vortex  flap  inset  into  the  wing.  VORCAM  is  an  improved  version 
of  Woodward's  chord  plar.e  aerodynamic  panel  method  (ref.  54)  which  uses  the  suction 
analogy  (ref.  55)  to  calculate  the  vortex  induced  aerodynamic  effects  on  cambered  wings, 
including  those  with  vortex  flaps,  and  is  valid  in  the  linear  range  at  subsonic  and 
supersonic  speeds.  The  design  process  employed  is  that  of  determining  the  corner  points 
of  the  inset  flap,  its  deflection  angle  and  wing  angle  of  attack  by  repetitive  analysis 
using  the  optimizer  CONMIN  (ref.  56)  in  order  to  maximize  the  L/D  at  the  Cr,d-  Figure  33 
shows  an  example  of  a  initial  guess  and  final  planform  for  a  VORCAM  desianeo  vortex  flap. 
The  initial  a  and  firp  are  5"  and  0",  respectively,  with  the  final  values  being  17.5" 
and  54.9". 


Free  vortex  Sheet  -  Boeing 

The  Boeing  Company  designed  LEVFs  for  the  USAF  AFTI/F-111  program  using  the  subsonic 
FVS  method.  Reference  57  reports  solutions  were  obtained  at  high  values  of  Cl  and  Mach 
by  using  a  design  by  analysis  mode.  The  FVS  is  a  panel  method  which  models  both  the  wing- 
plus-flap  combination  and  free  sheet,  and  solves  for  the  singularity  strength  on  both, 
and  position  of  the  latter,  by  an  iterative  process  for  each  set  of  angle  of  attack  and 
Mach  number.  Hence,  this  is  a  two  level  convergence  processs  first  to  obtain  a  con¬ 
verged  answer  for  all  specified  parameters,  And  second  to  change  the  flap  and  angle  of 
attack  incrementally  until  an  acceptable  planform,  etc.  result. 


Modified  Linear  Theory  -  Carlson 
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Carlson's  method  (ref.  58)  has  similarities  to  the  previous  two,  in  that  it  uses 
linear  theory  which  has  been  modified  for  attainable  thrust  concepts  and  a  modeling  of 
the  distributed  pressures  associated  with  a  vortex  system  over  the  wing.  '  uses  flap 
segmentation  to  seek  a  deflection  set  which  yields  the  highest  effective  ading-cdge 
suction.  The  flop  planform  and  segmentation  are  based  on  representing  uhe  camber 
required  for  attached  flow  on  the  wing.  The  inclusion  of  trailing-edge  flap  segmentation 
and  deflection  is  an  integral  part  of  this  method. 

VORCAM  -  Huebner 

This  method  is  also  VORCAM  analysis  based,  but  differs  in  that  the  flap  geometry  can 
extend  beyond  the  wing  leading  edge,  i.e.  a  "bolt-on"  flap  implementation,  and  a  differ¬ 
ent  type  (more  efficient)  optimizing  procedure  is  employed.  The  work  reported  is  based 
on  reference  59  in  which  the  primary  goal  is  to  develop  the  vortex  flap  planform,  deflec¬ 
tion  angle,  and  wing  angle  of  attack  to  maximize  L/D  and  satisfy  at  M  =  1=5  for  the 

F-1C6E  aircraft.  This  speed  was  chosen  as  typical  of  a  supersonic  maneuver  for  an 
advanced  tactical  fighter.  The  F-106B  was  chosen  as  the  application  aircraft  since  its 
60s  swept  leading  edge  is  capable  of  generating  measurable  amounts  of  vortex  flow. 

Optimization  Background.-  This  new  design  procedure  uses  the  Automated  Design 
Synthesis  (ADS)  code  of  Vanderplaats  (ref.  60).  ADS  is  a  general  purpose  numerical 
optimization  program  containing  a  wide  variety  of  algorithms  to  solve  the  generalized 
constrained  optimization  problem.  It  minimizes  an  objective  function,  F,  which  is  a 
function  of  the  design  variables,  X,  and  the  subject  to  inequality  constraints  (g), 
equality  constraints  (h),  and  limiting  values  on  each  design  variable: 

g j (X)  <0  j  *  l,m 

hk(X)  =0  k  -  1,1 

x{  <  Xi  <  x“  i  -  l,n  (1) 

For  the  specific  task  of  designing  vortex  flaps  for  the  F-106B,  the  optimization  goal  is 
to  minimize  the  objective  function,  F(X),  given  by 

TCDI(X)  +  C„ 

r(X)  *  xclTX)  (2> 

where  TCDI(X)  is  the  calculated  total  induced  drag  coefficient,  Cj)0  is  the  value  of 
drag  coefficient  at  zero  lift,  defined  by 

CD  -  CD  ~  cn  (3) 

o  °o, experiment  o, VORCAM 

and  TCL(X)  is  the  calculated  total  lift  coefficient.  Minimizing  this  objective  function 
is  identical  to  maximizing  its  multiplicative  inverse,  which  is  the  lift-to-drag  ratio. 
This  is  accomplished  under  the  inequality  constraints 

gx(X)  -  TCL( X)/CLDEDU  -  1. 

g 2 ( X )  -  .  -  TCL( X)/CLDESL 

g3(X)  -  X ( 1 ) /X ( 2 )  -  1.  (4) 

where  gi  and  g2  are  upper  and  lower  Cl, a  constraints,  respectively,  and  gg  is  a 
geometry  constraint  discussed  in  the  next  section.  No  equality  constraints  were  used  in 
this  procedure  since  they  are  the  most  difficult  type  to  satisfy  without  relaxing 
convergence  tolerances.  Finally,  the  manner  in  which  the  flap  model  was  generated  from 
the  design  variables  required  bounds  on  their  values  that  can  be  expressed  by 

0.01  <  Xi  <  l.,i  -  1,7  (5) 

Analytical  Flap  Modeling.-  Figure  34  shows  a  typical  flap,  its  design  variables,  and 
its  important  features  Tn  flap  coordinates.  The  Xf  axis  corresponds  to  the  wing 
leading  edge  (hingeline)  in  global  axes,  and  the  dimensions  of  the  flap  have  been  normal¬ 
ized  to  have  a  range  of  zero  to  one.  The  'If  variable  determines  the  flap  planform 
shape.  Using  the  VF-D4  flap  (developed  by  Frink)  as  an  initial  guess,  this  procedure 
models  the  planform  shape  in  three  regions.  Regions  one  and  three  are  parabolas  which 
are  uniquely  defined  by  their  two  end-points  and  a  slope  condition  at  the  points  where 
they  meet  with  region  two,  whicn  is  a  straight  line.  The  specific  design  variables 
needed  to  define  this  flap  are  shown  in  the  figure.  X(l)  and  X(2)  determine  the  extent  of 
the  three  regions  in  the  X  direction;  X(3)  through  X(5)  provide  actual  planform  chord 
length  and  ultimately  planform  shape,  X(6)  specifies  the  flap  deflection  angle  and  X(7) 
is  the  model  angle  of  attack. 

It  is  worthy  to  note  a  few  things  about  this  method.  The  apex  of  the  flap  is  shown 
to  be  at  the  origin  of  the  flap  axes.  In  reality,  the  chord  length  at  this  point  need 
not  be  zero,  but  it  is  not  a  design  variable  and  remains  constant  throughout  the  design 
process.  The  value  of  X ( 1 )  can  go  to  zero  while  the  value  of  X(2)  can  go  to  one.  Thus, 
the  possibility  exists  that  a  flap  design  solution  could  yield  a  constant  chord,  taper. 
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or  inverse  taper  flap.  Furthermore,  the  value  of  X(6)  was  chosen  in  such  a  way  that  it 
represents  the  arctangent  of  the  flap  deflection  angle. 

Certain  geometrical  constraints  arise  based  on  this  method.  In  order  to  restrict 
the  flap  to  a  reasonable  size,  X(3)  through  X ( 5 >  are  constrained  such  that  their  maximum 
values  are  no  more  than  10  percent  of  the  leading-edge  hingeline  length.  Also,  to  avoid 
meaningless  flap  shapes,  the  value  of  X(2)  must  be  greater  than  or  equal  to  X(l). 

Optimization  Algorithm  Development.-  The  development  of  the  optimization  procedure 
is  based  on  a  programming  synthesis  system  described  in  reference  61.  VORCAM,  ADS,  and 
all  supporting  programs  and  subroutines  used  in  this  design  procedure  are  linked  by  a 
series  of  nested  procedure  files,  shown  schematically  in  figure  35.  Note  how  the 
analysis  module  is  not  called  directly  by  the  optimizer.  Moreover,  it  only  functions 
when  the  analysis  module  provides  the  necessary  values  and  gradients  of  the  objective 
function  and  constraints.  It  uses  this  information  in  design  space  to  determine  improved 
values  for  the  design  variables,  which  are  then  used  to  calculate  an  approximate  value  of 
the  objective  function  (constraints  also)  by  linear  extrapolation  using  the  following 
first  order  Taylor's  series: 

7  9Fi 

Fnew  =  Fo.'.d  +  ilx  ax  AXi  (6) 

j 

Once  the  objective  function  calculated  by  the  optimizer  and  linear-extrapolation-analysis 
loop  converges,  the  updated  design  variables  are  returned  to  the  analysis  preprocessor 
and  the  cycle  is  repeated  until  the  objective  function  does  not  vary  by  more  than  0.10 
percent  for  three  successive  cycles.  At  this  point,  the  final  design  variable  values  are 
input  into  VORCAM  to  produce  final  design  aerodynamic  values,  and  the  process  terminates. 

Applications.-  Two  specific  applications  for  the  F-106B  (60°  delta)  are  given.  The 
design  conditions  are  M  =>  1.5  at  Cl  =  0.223,  and  M  «*  0.3  at  CL  »  0.5. 

The  initial  geometric  design  variable  values  X(l)  -  X{5),  associated  with  the  super¬ 
sonic  application,  were  taken  from  the  design  solution  of  vortex  flap  VF-D4  at  M  =  0.3, 
along  with  X(6)  which  specifies  flap  deflection  angle.  The  design  variable  X(7),  which 
determines  a  was  started  at  an  arbitrary  value  corresponding  to  a  “  4".  Convergence 
was  achieved  in  11  cycles. 

Figure  36  shows  the  initial  and  final  planform  shapes  and  other  pertinent  results 
from  this  design  study.  The  flap  chord  has  decreased  for  most  of  the  flap,  designated 
VF-DOl,  except  near  the  flap  tip  where  it  increased  slightly.  Flap  planform  area 

decreased  by  6.5  percent.  The  flap  deflection  angle  converged  at  18.47°,  which  is  quite 

close  to  the  slope  value  at  and  perpendicular  to  the  leading  edge  of  the  cambered  wing. 
Finally,  the  angle  of  attack  converged  at  5.06®. 

A  comparison  of  the  aerodynamic  performance  of  VF-DOl  and  VF-D4  on  the  F-106B  is 
sh'-'wn  in  figure  37.  The  VF-DOl  design  shows  an  improvement  in  L/D  of  0.6  at  CL,d  or  9 
pe.  'ent  over  the  L/D  value  for  the  VF-D4  at  10*  deflection.  Further,  the  improved  L/D 
values  extend  throughout  the  entire  Cl  range.  The  initial  design  solution  is  also 
included  to  show  the  total  performance  improvement  from  the  beginning  to  the  end  of  the 
design  process. 

Figure  38  shows  the  aerodynamic  characteristics  of  these  two  flap  designs  at  6le  * 
30"  and  M  ■  0.3.  The  purpose  of  this  is  to  determine  the  aerodynamic  characteristics  of 
flap  VF-DOl  at  an  off-design  Mach  number.  Minor  variations  occur  for  Cl  and  Cm 

versus  a;  however,  a  measurable  improvement  in  L/D, max  is  noted.  Thus,  the  flap 

optimized  for  M<j  ■  1.5  would  be  quite  satisfactory  at  M  »  0.3. 

The  subsonic  design  conditions  are  the  same  as  used  for  the  VF-D4  and  the  initial 
planform  design  variables  were  taken  from  that  shape.  Only  eight  cycles  were  required  to 
reach  a  converged  solution  for  a  new  flap,  designated  the  VF-D02,  and  it  is  compared  in 
figure  39  with  the  initial  design.  The  inboard  20  percent  of  the  VF-D02  : s  nearly  ident¬ 
ical  to  the  initial  design,  followed  by  a  slightly  smaller  flap  chord  over  the  next  20 
percent,  and  an  increased  chord  on  the  outer  60  percent  of  the  flap.  The  table  on  this 
figure  allows  for  a  comparison  of  the  alpha  and  deflection  angles  required  by  each  to 
meet  the  design  Cl«  The  values  for  these  parameters  are  seen  to  be  close. 

A  comparison  of  the  theoretical  aerodynamic  characteristics  for  the  initial  and 
final  VORCAM  vortex  flap  design  solutions  are  shown  in  figure  40.  The  changes  in  Cl  and 
Cm  vs.  a  are  minimal;  however,  there  is  again  a  measurable  improvement  in  L/D, 
approximately  0.4  or  4  percent,  at  CL,d- 

CORRELATIONS  WITH  THEORY 

Fixed 

Strake-Wing-Body  Combination 

Figures  41  and  42  (from  ref.  7)  present  comparisons  between  measured  and  theoretical 
data  for  a  complete  strake-wing-body  and  for  its  components,  strake-forebody  and  wing- 
afterbody,  respectively.  The  theoretical  results,  called  high-  and  low-a,  are  based  on 
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extensions  to  the  suction  analogy,  outlined  on  figure  43,  and  described  in  reference  7. 
For  the  complete  configuration  (fig.  41)  at  M  =  0.2  it  is  seen  that  up  to  Cl, max  the 
data  are  better  predicted  by  the  high-a  method.  Above  the  corresponding  a,'  neither 
theory  appropriately  models  the  flow,  hence  the  agreement  is  poorer.  It  is  also  seen 
that  the  two  theories  generally  bracket  the  Cm  data,  again  up  to  Cl, max  or  vortex 
breakdown.  The  ability  of  these  two  simple  theories  to  do  this  is  encouraging,  in  that 
they  are  able  to  estimate  collectively  the  nonlinear  Cm  versus  Cl, tot  characteristics 
for  this  class  of  configurations.  It  can  be  noted  that  the  low-a  theory  estimates  better 
the  Cm  results  than  those  obtained  with  the  high-a  theory.  This  occurs  because  the 
low-a  theory  produces  a  load  center  farther  aft  at  a  particular  value  of  Cl, tot  even 
though  this  value  is  larger  than  the  data  at  the  same  angle  of  attack.  The  potential- 
flow  curve  is  added  to  the  Cl, tot  versus  a  plots  for  reference. 

The  wing-afterbody  and  strake-forebody  longitudinal  aerodynamic  data  and  the  high-a 
anc  low-a  theories  are  given  in  figure  42  for  M  =  0.2.  Just  as  for  the  complete  config¬ 
uration,  the  individual  data  components  are  generally  well  estimated  by  the  high-a 
theory  or  a  collective  combination  of  theories  up  to  Cl, max  or  large-scale  vortex 
breakdown.  What  is  particularly  useful  is  that  the  individual  Cm  components  are 
tigh-.ly  bracketed  by  the  high-a  and  low-a  theories.  The  Cl  data  for  the  strake- 
foretody  and  wing-afterbody  are  well  estimated  by  the  high-a  theory  until  the  strake 
vortex  begins  to  breakdown  on  the  strake  or  ahead  of  the  wing  trailing  edge,  respec¬ 
tively.  Lastly,  note  that  at  the  higher  angles  of  attack  the  wing-afterbody  lift  vari¬ 
ations  follow  the  potential  curve  even  though  the  flow  is  closer  to  a  Helmholtz  type. 

LEE  Related 

PAN  air  Evaluation.-  In  order  to  evaluate  the  PAN  AIR  code  for  thick  delta  witgs  at 
high  subsonic  speeds,  the  surface  pressures  for  the  basic  58°  wing,  used  in  the  computa¬ 
tional  studies  with  the  LEE,  were  computed  at  a  =  6.06  and  M  =  0.8.  The  result  at  n  = 
0.30  is  presented  in  figure  44  with  data  from  reference  62,  taken  in  the  NASA  Langley 
7-  by  10-Foot  High-Speed  Tunnel.  The  comparison  shows  good  agreement  between  the  theo¬ 
retical  and  experimental  data  except  in  the  peak  pressure  region  on  the  upper  surface. 
The  difference  may  be  due  to  either  differences  in  geometry  (sting  shroud  omitted  in  PAN 
AIR)  or  flow  types  between  the  experimental  configuration  and  theoretical  modeling. 

VLM-SA  Evaluation.-  As  part  of  the  utilization  of  VLM-SA  code  for  unusual 
configurations,  TTeT  wing+LEE  combinations,  it  is  important  to  examine  the  analytical 
results  relative  to  existing  data.  Two  data  sets  are  compared;  one  by  Wilson  and  Lovell 
(ref.  11),  on  the  thick  DM-1  with  and  without  the  LEE,  and  the  wing  used  in  the  wing+LEE 
design  study,  already  presented  in  figure  31. 

The  DM-1  is  a  symmetrical  wing  configuration  with  an  airfoil  section  like  the  NACA 
0015-64  and  no  twist,  so  the  LEE  design  lift  coefficient  (f'L.d)  was  zero.  Although  the 
effect  of  leading  edge  radii  is  included  in  the  resulting  VLM-SA  solutions,  the  thick  DM- 
1  is  approximated  by  its  projected  planform  (flat  DM-1)  in  this  study. 

Experimental  values  for  the  lift  and  drag  polars  obtained  by  Wilson  and  Lovell  are 
compared  in  figure  45  with  the  VLM-SA  solutions.  Obviously,  the  code  over  estimated  the 
lift  for  both  the  DM-1  and  DM-  1+LEE  combination  throughout  the  angle-of-attack  range. 
However,  the  drag  polar  comparison  shows  that,  for  the  basic  DM-1,  the  VLM-SA  solutions 
have  the  same  variation  as  the  experimental  data  up  to  Cl  *  0.6.  Beyond  this  lift  coef¬ 
ficient,  the  curves  differ  due  to  the  disorganized  flow  over  the  basic  DM-1,  which  causes 
both  a  drag  increase  and  lift  decrease  (ref.  11).  As  a  result,  the  theoretical  drag 
polar  is  lower  than  the  experimental  data.  For  the  DM-l+LEE  combination,  the  VLM-SA  over 
estimates  the  drag  in  the  lift  coefficient  range  of  about  0.05  to  0.80.  This  difference 
was  rather  expected,  because  th^  resulting  VLM-SA  solutions  do  not  include  the  effect  of 
the-  low  pressures  acting  betwee:  the  LEE  and  upper  surface  maximum  thickness  line  of  the 
wing  section  to  produce  a  thrust.  Hence  the  computed  Cj>  values  are  hiqher  than  the 
experimental  data.  Therefore,  by  analogy,  it  is  expected  that  the  VLM-SA  solution  for 
the  drag  would  be  higher  than  measured  for  the  configurations  considered  in  the  LEE 
design  section.  This  is  the  reason  why  only  relative  comparisons  are  offered  there. 

Figure  31  shows  a  sample  of  the  available  L/D  experimental  data  (ref.  63)  for  the 
basic  wing  (zero  LEE  area)  at  four  different  angles  of  attack  (6*,  8*,  10*,  and  12*)  and 
M  «  0.8,  These  data  appear  as  asymptotic  values  of  the  VLM-SA  solutions  for  the 
wing+LEE. 

Movable  -  Vortex  Flap 
VORCAM  Subsonic  Modeling  Studies 

Reference  59  presents  paneling  studies  for  modeling  the  F-106B  cambered  wing  and 
vortex  flap,  and  a  study  to  determine  the  best  method  of  modeling  its  cambered  fuselage 
from  the  various  options  available  in  VORCAM.  The  paneling  arrangement  which  agreed  best 
with  the  longitudinal  subsonic  data  was  4  spanwise  strips  within  the  fuselage  contour,  14 
spanwise  strips  on  the  wing-flap  combination,  and  10  chordwise  panels  on  both.  Figure  46 
shows  the  paneling  layout.  The  best  fuselage  modeling  that  could  be  accommodated  in 
VORCAM  was  the  ore  which  included  fuselage  cambering  and  no  accounting  for  body  thickness 
effects.  The  supersonic  solutions  were  obtained  using  the  same  modeling  as  determined 
best  for  the  subsonic  ones. 
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VORCAM  Supersonic  Results 

Figure  47  provides  a  comparison  of  longitudinal  results  for  the  F-106B  with  the 
VF-D4  vortex  flap  at  M  =  1.5  from  VORCAM  and  measured  data  (ref.  64).  In  general,  the 
theory  and  experiment  are  in  good  agreement,  although  is  slightly  underpredicted. 

Concentrating  on  L/D,  we  see  that  both  theoretical  solution?  overpredict  the  experimental 
results.  Further,  the  experiment  predicts  that  an  L/D  advantage  for  flap-added  solution 
is  not  obtained  until  Cl  -  0.45.  This  is  due  to  the  flap  being  greatly  overdeflected  for 
this  speed. 

As  a  result  of  the  experimental  data,  a  study  was  performed  to  determire  the 
theoretical  effect  of  flap  deflection  on.  L/D  versus  Cl-  Results  for  the  baseline  and 
F-106B  with  vortex  flap  VF-D4  at  three  deflection  angles  are  shown  in  figure  48.  As  can 
be  seen,  theoretical  predictions  for  flap  deflections  at  10°  and  20°  show  a  slight 
increase  in  L/D  from  the  baseline  solution.  Furthermore,  the  solution  for  the  10°  flap 
deflection  maintains  slightly  higher  L/D  values  than  the  baseline  throughout  the  Cl 
range . 

CONCLUDING  REMARKS 


A  variety  of  devices  have  been  discussed  for  providing  lift  control  by  use  of  vortex 
flow  technology.  Some  are  fixed,  like  the  strake  and  leading  edge  extension,  while 
others  are  movable,  like  the  leading-edge  vortex  flap.  Some  have  already  been  widely 
used  while  others  are  just  now  being  developed.  The  diversity  of  implementing  a 
particular  concept  has  also  been  highlighted,  which  reflects  the  variety  of  possible 
solutions  to  a  single  problem.  For  some  devices  there  are  theoretical  techniques  which 
can  be  used  in  their  design,  while  for  others  wind  tunnel  testing  will  have  to  suffice 
for  now  in  an  empirical  design  process  employing  sound  engineering  principles  from  fluid 
mechanics.  Futhermore,  for  those  devices  which  can  be  modeled  theoretically,  the 
agreement  with  data  is  generally  good.  For  others,  the  application  of  available  theories 
needs  to  be  done  or  wind  tunnel  testing  performed  in  order  to  develop  the  needed  data 
correlations. 
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3.-  Effect  of  M  on  longitudinal  aero¬ 
dynamics  for  wing-afterbody;  Strake  AD 
24,  A  =  44°. 
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12.-  Effect  of  leading-edge  extension  (LEE) 
on  drag  polar  for  thin  transonic  fighter; 
A  -  3.28,  A  -  45*,  X  -  0.21,  M  -  0.85. 
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-  Effect  of  M  on  longitudinal  aerody¬ 
namics  for  strake-forebody;  Strake  AD  24, 
A  -  44*. 
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13.-  Vortex  generators. 
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.-  Effect  of  M  on  longitudinal  aerody¬ 
namics  for  strake-wing-body;  Strake  AD 
24,  A  -  44*. 
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14.-  Roll-control  device  effectiveness  on 
cropped  delta  wing;  M  =  0.2. 
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11.-  Effect  of  LEE  on  drag  polar  for  thick 
low-speed  glider  (OM-));  A  -  1.8, 

A  -  60*.  M  •  0. 


15.  Effect  of  hinged  strake  on  high-a 
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16.-  Vortex  flap  history;  transonic 
aerodynamics. 
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20.-  Uses  of  a  vortex  flap- 
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21.-  Characteristics  of  various  lower 
surface  vortex  flap  geometries. 
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18.-  Types  of  vortex  f’  os;  flow  patterns. 
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19.-  Apex  fence  concept. 


23.-  Changes  in  L/D  due  to  camber  devices 
from  planar  wing  values. 
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24.-  Jet-augmented  vortex  concepts. 
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28.-  Graphically  determined  PSS  from 
typical  section  velocity  field. 
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25.-  Effect  of  pumped  vortex  on  blewded- 
delta  lift  characteristics;  A  -  1.75, 

M  -  0.15. 
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26.-  Features  of  isolated  strake  design 
process. 


29.-  Effect  of  wing  and  PSSS  pressures  from 
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27.-  L«ading-edg«  extension  (LEE)  design 
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31.-  Effect  of  LEE  plenform  geometricel 
parameters  on  lift-to-drag  ratio; 
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32.-  Effect  of  mod-wing  and  mod2-LEE 
pressures  from  combination;  r;  *  0.34, 
ad  =*  6.0*,  M  ■  0.8. 
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37.-  Performance  of  VF-D01  with  VF-D4  on 
F-106B  at  M  -  1.5. 
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34.-  Analytical  vortex  flap  model  with 
design  variables. 
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38.-  Assessment  of  longitudinal  aerody¬ 
namics  for  two  vortex  flaps  on  F-106B  at 
M  “  0.3. 


35.-  Supersonic  design  method  flow  chart 
using  analysis-optimisation  process. 
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39.-  Initial  arx!  iinal  vortex  flap  design 
results  for  the  F-106B;  H<j  ■  0.3, 

CL,d  -  0.5. 
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40.-  Assessment  of  longitudinal  aerody¬ 
namics  for  two  designed  vortex  flaps  on 
F-106B;  Ma  -  0.3. 


43.-  Effect  of  a  on  vortex  flow  models 
for  complex  configurations;  VLM-SA/Lamar , 
Luckring. 
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44.-  Experimental  and  theoretical  pressures 
for  the  mod-wing;  n  ■  0.30.  a<j  «  6.0*, 
and  M  ••  0.8. 
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41.-  Complete  longitudinal  aerodynamic 
characteristics  for  strake-wing-body; 
Strake  AD  24 ,  A  ■  44*,  M  *  0.2. 
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42.-  Component  longitudinal  aerodynamic 
charactariatics  for  strake-wing-body; 
Strake  AD  24.  A  -  44*.  M  -  0.2. 
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45.-  Exparimental  and  thaoratical  lift  and 
drag  porar;  A  ■  1.8,  M  •  0. 


Vortex  flipi. 
Flap  hinge  line  - 


46.-  Typical  scheme  for  F-106B  with  vortex 
flap;  VF-D4,  6le  *  30*. 
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47.-  Effect  of  vortex  flap  addition  on 
longitudinal  aerodynamics  for  F-106B; 
VF-D4,  M  -  1.5. 
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48.-  Effect  of  flap  deflection  on  L/D  for 
F-106B)  VF-D4,  M  -  1.5. 
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1.  INTRODUCTION 

The  dynamic  behaviour  of  modern  fighter  aircraft  depends  much  more  on  the  unsteady  aerodynamics 
considerations  than  in  the  past.  Until  quite  recently  an  aircraft  designer  would  display  only  a  passing  interest  in 
that  subject,  concentrating  probably  on  classical  problems  such  as  aeroelasticity  and  flutter.  Dynamic  stability 
parameters  were  most  often  determined  by  low  angle-of-attack  calculation  methods,  without  much  recourse  to 
experiments;  indeed  suitable  facilities  were  rather  scarce  ana  the  priority  habitually  assigned  to  dynamic  stability 
testing  very  low  indeed.  The  results  obtained  from  those  few  dynamic  experiments  that  were  performed  were  most 
often  used  to  confirm  that  there  were  no  particular  problems  present  rather  than  to  be  applied  as  one  of  the  design 
parameters  or  inputs.  And  yet,  for  most  of  the  aircraft  of  vhe  past,  such  a  modest  level  of  investment  in  unsteady 
aerodynamics  and  dynamic  characteristics  of  aircraft  was,  in  fact,  quite  adequate,  and  many  excellent  aircraft 
were  successfully  designed  in  this  fashion. 

li  was  only  with  the  advent  of  modern  advanced  requirements  for  a  fighter  aircraft  performance  that 
this  time-honoured  methodology  had  become  clearly  inadequate.  The  new  requirements  include  the  ability  to  fly  at 
high  angles  of  attack  in  the  presence  of  extensive  regions  of  separated  or  vortical  flows,  relaxed  static  stability, 
greatly  increased  agility  and  the  interest  in  unorthodox  geometries  such  as  ciosely-coupled-canard  or  tail-first 
configurations.  There  is  also  considerable  interest  in  the  ability  to  perform  very  rapid  maneuvers  and  in  the 
aerodynamic  characteristics  of  large  amplitude  notions.  The  time  lags  and  the  unsteady  phenomena  associated 
with  the  resulting  flow  fields  may  significantly  affect  the  dynamic  behaviour  of  modern  fighter  aircraft  and  may 
become  as  important  for  aircraft  design  as  the  classical  static  performance  criteria. 

The  unsteady  aerodynamics  involved  is  mostly  very  complex  and,  although  consi  Jet  able  effort  is  now 
applied  to  the  development  of  various  analytical  and  numerical  methods  of  calculations,  the  most  important  source 
of  data  -  at  the  present  time  -  consists  of  experimental  techniques.  Consequently,  in  this  lecture,  a  review  will 
first  be  made  of  the  various  aerodynamic  aspects  affecting  aircraft  dynamic  behaviour,  to  be  followed  by  a  survey 
of  the  most  pertinent  experimental  techniques.  In  both  cases  the  presentation  will  emphasize  applications  to  high 
performance  fighters,  such  as  are  exemplified,  for  instance,  by  flight  at  high  angles  of  attacks. 

2.  AERODYNAMIC  ASPECTS 

The  aerodynamic  aspects  of  aircraft  dynamics  were  reviewed  by  the  present  author  in  an  1983  survey 
paper  in  the  Journal  of  Aircraft  (Ref.  1).  For  completeness,  this  reference  is  reproduced  in  full  at  the  end  of  notes 
for  this  lecture.  It  therefore  only  remains  to  add  a  few  remarks  about  some  of  the  most  recent  developments  in 
this  field. 


2.1  Rapid.  Large-Amplitude.  Pitch-up  Motions 

High-angular-rate,  large-amplitude  pitch-up  motions  may  result  in  maximum  lift  coefficients  far 
beyond  the  steady  maximum  values.  In  iow  speed  experiments  involving  two-dimensional  airfoils  that  p<  .'form 
pitch-up  motions  at  constant  pitch  rate,  8,  up  to  a  maximum  angle  of  attack,  a  max,  and  then  remain  at  that  angle, 
dynamic  lift  levels  of  three  times  the  corresponding  steady  lift  values  rave  been  observed  (Ref.  2).  This  is 
illustrated  in  Fig.  1,  where  the  maximum  lift  coefficient,  Ci,max,  Is  plotted  versus  a  dimensi  “i!ess  pitch  rate, 
k"ac/2V,  for  different  values  of  a  max'  where  c  is  the  airfoil  chord  and  V  the  free  stream  teiocity.  As  deduced 
from  measurements  of  the  unsteady  pressure  distributions  during  such  motions,  this  lift  augmentation  is  caused  by 
an  energetic  separation  vortex  which  originates  at  the  leading  edge  and  convects  downstream  as  the  angle  of 
attack  increases.  This  mechanism  is  similar  to  the  well-known  phenomenon  of  deep  dynamic  stall  (Fig.  2),  as 
described  e.g.  by  McCroskey  in  his  1982  review  of  Unsteady  Airfoils  (Ref.  3).  Although  dynamic  stall  has 
previously  been  of  interest  mostly  in  connection  with  the  helicopter  blade  oscillations  and  wind  turbines,  it  may 
now  prove  to  be  very  important  also  for  the  attainment  of  sustained  dynamic  maneuvering  in  the  post-stall  flight 
regime  such  as  e.g.  described  by  Herbst  (Ref.  4)  as  "supermaneuverabillty"  (Fig.  3).  Of  course,  for  such  a  purpose, 
the  characteristics  of  complete  configurations,  rather  than  merely  two-dimensional  data,  will  be  needed. 
Experiments  are  now  being  planned  to  cbtain  such  information. 

For  performance  evaluation  it  may  be  useful  to  present  the  effect  of  the  aircraft  motion-time  history  in 
some  integrated  fashion,  rather  than  as  the  maximum  lift  coefficient  that  can  be  achieved  only  momentarily.  One 
such  possibility,  proposed  in  Ref.  2,  is  to  consider  the  area  bounded  by  the  lift-time  curve  from  above  and  the 
static  maximum  lift  from  below,  which  may  be  said  to  define  an  effective  impulse  function,  Ic,  over  a  cycle.  Such 
a  representation  allows  for  comparison  of  airfoil  (or  aircraft)  performance  between  cases  where  the  motion-time 
history  is  fundamentally  different  and  this  approach  therefore  lends  itself  well  for  lift  optimization  analysis.  The 
variation  of  Ic  with  k  for  two  airfoils  is  shown  in  Fig.  4.  Results  are  depicted  for  several  values  of  a  max  df>d  V*  A 
rapid  increase  in  ^  at  low  k  is  followed  by  a  more  gradual  increase  or  even  a  gradual  decrease  at  higher  values  of 
k.  Furthermore,  the  maximum  performance  does  not  necessarily  increase  monotonously  with  a  max,  but  is 
achieved  by  terminating  the  unsteady  motion  and  maintaining  an  a^n  at  or  near  the  value  for  which,  for  a  given 
k,  the  maximum  Cl  cart  be  obtained.  It  is  believed  that  such  conditions  correspond  to  the  occurrence  of  the 
strongest  and  most  persistent  vortex. 

2.2  Wing  Rock 

Wing  rock  is  an  undamped  oscillation,  primarily  around  the  roll  axis,  that  is  exhibited  by  many  modern 
fighter  aircraft  when  flying  at  higher  angles  of  attack.  Several  possible  scenarios  for  the  occurrence  of  wing  rock 
have  already  been  discussed  in  Ref.  I.  Since  wing  rock  is  a  very  debilitating  phenomenon,  causing  maneuver 
limitations  ranging  in  severity  from  degradation  in  tracking  effectiveness  to  loss  of  control,  a  considerable  amount 
of  work  is  currently  being  done  to  alleviate  this  problem  by  increasing  our  understanding  of  the  underlying  basic 


aerodynamic  phenomena.  This  work  ranges  all  the  wav  from  efforts  to  postulate  mathematical  models  for  the 
prediction  of  wing  rock  characteristics,  such  as  reported  in  Refs  5-7,  to  systematic  low  speed  investigations,  such 
as  performed  at  NASA  Langley  Research  Center  and  described  by  Nguyen  et  al  in  Ref.  8. 

The  NASA  Langley  studies  comprise  (a)  wing  rock  encountered  on  highiy-swept  configurations,  such  as 
slender  delta  wings,  and  (b)  wing  rock  induced  by  slender  forebodies.  The  former  type,  already  discussed  in  Ref.  1, 
seems  to  be  associated  with  the  alternating  lifting-off  and  reattachment  of  leading  edge  vortices  during  each 
oscillation  cycle.  This  results  in  the  occurrence  of  incremental  rolling  moments  which  promote  and  oppose  the 
oscillation  in  an  alternating  fashion.  The  latter  type  of  wing  rock  is  associated  with  the  motion  of  forebody 
vortices  and  their  interaction  with  the  wing  and  empennage,  in  both  cases  strong  vortex  flows  are  present  and  it  is 
the  motion  of  these  vortices,  the  mutual  interaction  of  the  two  main  forebody  vortices  or  the  two  leading  edge 
vortices  (because  of  the  slenderness  of  the  wing),  and  possibly  the  phase  lag  between  the  motion  of  the  vortices  and 
the  motion  of  the  wing  or  aircraft,  that  provi  ie  the  basic  mechanism  for  the  wing  rock. 

The  importance  of  the  forebody  vortex  flow  for  the  occurrence  of  unstable  damping  in  roll  and, 
eventually,  wing  rock,  is  well  illustrated  in  Figs  5  and  6.  Damping  in  roll  is  shown  for  a  range  of  angles  of  attack 
for  an  F-5  configuration  with  3  alternative  wings.  The  roll  damping  becomes  highly  unstable  for  aii  three  wings  in 
about  the  same  range  of  angle  of  attack  from  30*  to  45“,  indicating  susceptibility  to  wing  rock  in  that  range  of  a. 
It  is  known  that  the  full-scale  F-5  aircraft  is  prone  to  large  amplitude  wing  rock  in  the  same  angie-of -attack  range. 
It  is  obvious  that  the  planform  of  the  wing  is  not  responsible  for  the  very  unstable  roll  damping  above  a  =  30°. 
Further  corroboration  was  recently  obtained  during  tests  of  a  model  of  the  X-29A  Forward  Swept  Wing  Airplane, 
which  incorporates  the  exact  fuselage  forebody  (which  has  a  flat  elliptical  cross-section)  of  the  F-5  but  is 
completely  different  from  the  F-5  in  almost  every  other  aspect.  Forced  oscillation  data  for  the  X-29A  showed  the 
same  iightiy  unstable  roll  damping  in  the  30°  to  45*  angle-of-attack  range.  It  seems  clear  that  the  basic  cause  of 
the  unstable  roll  damping  in  all  these  cases  is  the  flow  about  the  only  common  configuration  feature,  namely  the 
forebody. 

In  order  to  generate  sufficient  rolling  moments  to  cause  wing  rock,  the  basic  furebody  vortex  flow  must 
interact  with  some  aircraft  component  further  downstreams.  This  was  illustrated  during  the  Langley  experiments 
during  which  the  wing  and  vertical  tail  were  alternatively  removed  from  the  model.  It  was  shown  that,  with  only 
the  wing  or  only  the  vertical  tail  removed,  the  model  still  exhibited  the  wing  rock,  which  only  disappeared  when 
both  the  wing  and  the  vertical  tail  were  removed  at  the  same  time. 

With  the  forebody  playing  such  a  fundamental  role  in  the  generation  of  wing  rock,  it  was  only  natural  to 
investigate  in  some  detail  the  effect  of  the  forebody  cross-section  on  the  static  lateral  stability  as  well  as  on  the 
wing  rock  occurrence  and  amplitude.  This  is  now  being  done  at  NASA  Langley  (Ref.  8)  on  a  generic  fighter  model, 
as  part  of  a  larger  ongoing  investigation,  during  which  many  forebodies  and  wing:  are  systematically  varied.  Some 
preliminary  resu'ts  are  shewn  in  Figs  7  and  8  for  the  generic  model  configured  with  a  trapezoidal  wing  with  26* 
leading-edge  sweep  and  conventional  tail.  Four  forebodies,  ail  with  the  same  3.9:1  fineness  ratio,  but  different 
cross-sectional  shapes  (circular,  vertical  ellipse,  horizontal  ellipse  and  triangular)  were  initially  studied. 

The  preliminary  results  show  that  the  forebody  cross-section  has  a  very  strong  Influence  on  the  static 
lateral  stability,  Cjg  ,  with  the  horizontal-ellipse  and  triangular  cross-sections  providing  the  stiffest  "restoring 
spring"  effects  in  the  angie-of-attack  range  in  which  wing  rock  was  observed  in  the  free-to-roil  tests.  Above  that 
range,  the  forebody/wing/tail  flow  fields  appear  to  be  no  longer  strongly  coupled.  It  is  noteworthy  that  the  sari  e 
two  cross-sections  were  also  found  to  be  highly  susceptible  to  wing  rock,  causing  the  highest  wing-rock  amplitudes, 
reaching  30*.  It  is  also  interesting  that  the  horizontal-ellipse  forebody  is  similar  to  the  F-5  forebody  discussed 
earlier  and  that  the  wing-rock  characteristics  for  those  two  configurations  are  quite  similar. 

Work  is  continuing  at  NASA  Langley  tc  'urther  explore  the  forebody  induced  wing-rock  phenomenon. 
Although  most  of  the  present  effort  is  conducted  at  low  Reynolds  numbers  and  certainly  will  have  to  be 
complemented  by  experiments  at  higher  Reynolds  numbers,  certain  similarities  between  the  results  obtained  sc  far 
and  flight  test  data  (such  as  those  mentioned  above)  seem  to  indicate  that  at  least  the  basic  mechanism  is  being 
properly  identified. 

2.3  Tumbling 

Recent  design  trends  for  future  combat  aircraft,  such  as  the  use  of  tail-first  or  tailless  configurations 
and  highly  relaxed  static  stability,  have  rekindled  interest  In  a  dangerous  flight  phenomenon  known  as  tumbling. 
Last  investigated  during  and  immediately  after  World  War  11  (see  Ref.  9),  tumbling  was  Identified  as  a  potential 
danger  for  aircraft  with  design  features  that  included  one  or  more  of  those  mentioned  above;  It  was  also  pointed 
out  that  accelerations  in  a  tumble  may  be  exceptionally  dangerous.  Since  the  conventional  aircraft  will  not 
tumble,  no  more  work  in  this  area  was  conducted  for  approximately  35  years. 

Last  year,  however,  studies  were  conducted  in  the  NASA  Langley  20  -  Feet  Vertical  Spin  Tunnel  on  a 
dynamically  scaled  model  of  the  X-29A  aircraft,  which  makes  use  of  canards  and  highly  relaxed  static  stability. 
After  initially  confirming  the  occurrence  of  tumbling  (which  was  coupled  with  cyclic  variations  in  linear  as  well  as 
angular  rates)  in  a  series  of  free  -  tumbling  tests,  more  controlled  experiments  were  conducted  in  single-degree-of- 
freedom,  free-to-piteh  tests  (Refs  8  and  10).  Autorotation  was  obtained  by  either  imparting  an  initial  rotation  to 
the  model  in  the  proper  direction,  or  by  releasing  the  model  from  a  proper  attitude  with  zero  rate.  Once  initiated, 
the  autorotation  persisted  indefinitely.  It  was  found  that  the  canard  and  wing  flap  positions  had  little  effect  on  the 
motion,  while  the  strake  flaps  had  a  very  large  effect.  For  Instance,  with  strake  flaps  fully  down,  only  nose-down 
autorotation  could  be  induced,  regardless  of  the  initial  release  conditions.  Reversing  the  strake  flaps  to  full  up 
permitted  a  nose-up  autorotation. 

Figures  9  and  iO  show  the  static  pitching-moment  and  pitch  damping  data  obtained  from  static  and 
forced-oscillation  experiments,  respectively.  The  lughiy  unstable  pitch'ng  moment  characteristics  for  angles  of 
attack  lower  than  ^3*|  and  higher  than  1 145*  |,  as  well  as  pitch  undamping  in  the  regions  of  around  ♦  130*  and 
-120*,  are  clearly  visible.  Using  these  data  in  a  simulation  programme,  the  time  history  of  the  motion  for  a  full 
scale  aircraft  could  be  predicted  (Fig.  11)  and  compared  to  scaled-up  (in  time)  frame-by-frame  readings  of  movies 
taken  during  the  free-to-pitch  tests  (Fig.  12).  Average  pitch  rate  was  about  -  130* /sec,  and  maximum  recycling 
values  of  axial  and  normal  accelerations  at  the  pilot  station  were  0  to  -  3  g  and  ♦  1.5  g,  respectively.  Although  the 


attitude  data  are  predicted  quite  closely,  the  match  of  velocity  and  acceleration  data  is  not  nearly  as  good, 
indicating  the  need  for  further  work  in  both  obtaining  the  basic  data  and  improving  the  mathematical  model. 

The  above  experiments  were  all  performed  with  the  controls  fixed.  Although  it  is  unlikely  that  in  a 
highly  augmented  modem  aircraft  the  controls  would  remain  fixed  through  a  large  amplitude  motion  such  as 
tumbling,  the  susceptibility  to  tumbling  remains  as  a  possible  threat  In  off-nominal  situations  Involving  failures  in 
the  aircraft  control  system.  Unfortunately,  one  of  the  best  means  to  Increase  resistance  to  tumbling  is  to  limit  an 
aircraft's  agility  in  pitch.  However,  control  laws  are  now  being  developed  at  NASA  Langley  for  highly-relaxed- 
st ability  fighter  aircraft,  which  -  assuming  that  some  controls  are  still  operational  -  would  ensure  a  combination  of 
high  agility  and  good  resistance  to  pitch  departure. 

2.4  Flow  Control 

Any  attempt  to  achieve  high  agility  and  true  supermaneuverabillty  must  include  thu  ability  to  manage 
and  control  the  time  dependent,  separated  flows  that  are  characteristic  of  such  flight  conditions,  in  the  past  such 
attempts  were  primarily  aimed  at  reducing  or  eliminating  regions  of  separation  and  promoting  flow  attachment,  as 
exemplified  by  the  use  of  vortex  generators  on  wings  of  many  current  aircraft.  For  a  high  agility  fighter, 
however,  the  separated-flow  areas  can  be  expected  to  dominate  the  flow  around  the  aircraft,  and  it  is  the 
manipulation  and  even  enhancement  of  that  separated  flow  rather  than  its  reduction  or  elimination  that  becomes 
the  primary  goal  of  any  flow  control  procedure.  For  instance,  if  the  residence  time  of  the  leading  edge  separation 
vortex  mentioned  in  Section  2.1  could  be  extended,  beneficial  effects  on  the  dynamic  lift  enhancement  and  its 
duration  would  result. 

As  discussed  by  Lang  and  Francis  (Ref.  1 1)  we  are,  at  the  present  time,  only  taking  the  first  steps  in  any 
such  control  attempts  of  the  unsteady  separated  flows.  Most  of  these  first  efforts  use  the  idea  of  an  oscillating 
spoiler  to  force  and  manipulate  the  flow.  One  of  the  earliest  such  studies  dealt  with  the  unsteady  loading  induced 
by  a  harmonically  oscillating  fence  on  one  surface  of  the  airfoil  and  its  effect  on  both  a  fixed  and  a  moving 
trailing  edge  flap  (Ref.  12).  A  related  Investigation  of  the  spoiler -generated  flow  field  (Ref.  13)  revealed  the 
developing  vortical  character  of  the  separation  zone  and  described  the  behaviour  of  the  suction  peak  on  the  airfoil 
surface.  In  an  extension  of  these  experiments  to  higher  angles  of  attack  (Ref.  14),  a  spoiler  located  at  the  20% 
chord  location  was  found  to  induce  small  spanwise  vortices  which  greatly  affected  flowfield  curvature,  possibly 
increasing  lift.  Subsequent  measurements  confirmed  a  60  to  110%  unsteady  load  enhancement  over  the  maximum 
steady  flow  value.  It  was  also  shown  that  a  pulsed  air  jet  may  be  successfully  employed  in  place  of  a  spoiler. 

The  management  of  a  2  D  separated  flow  region  has  been  systematically  investigated  at  UT  (Ref.  13). 
Separated  flow  field  was  generated  by  using  a  wedge  of  a  height  equal  to  the  local  thickness  of  the  turbulent 
boundary  layer  and  the  unsteady  vorticity  field  was  controlled  by  an  oscillating  flap  with  a  variable  waveform. 
Results  have  shown  local  surface  pressure  coefficient  increases  of  nearly  one  hundred  percent  (Fig.  13)  and  a 
reduction  of  flow  attachment  length  to  thirty  percent  of  the  natural  steady  flew  separation  case.  It  was  observed 
that  the  most  effective  reattachment  control  occurred  for  reduced  frequencies  of  0.07  to  0.08  (Fig.  14),  and  that 
the  use  of  a  triangular  waveform,  with  a  90%  duty  cycle,  resulted  in  a  better  organized,  energetic  and  persistent 
vortex  than  some  other  cases  having  the  same  amplitude  and  period.  Similar  results  vere  subsequently  obtained  for 
a  separated  flow  generated  by  a  backward  facing  step  (Ref.  16);  in  that  work  It  was  also  suggested  that  the  control 
Imparted  by  an  active  flap  oscillation  is  independent  of  whether  the  Incoming  boundary  layer  Is  transitional  or 
turbulent. 

Separation  control  can  also  be  achieved  by  actively  stimulating  the  separated  shear  layer  by  sound  at 
selected  frequencies,  as  recently  shown  in  Ref.  1 7. 

An  example  of  manipulating  the  flow  in  a  3  O  case  is  provided  in  Ref.  18  »'hich  deals  with  the  wing 
rock  induced  by  leading  edge  vortices,  that  was  already  discussed  in  Ref.  I  and  Section  2.2.  It  was  shown  that  by 
mounting  a  small  delta  canard  in  front  of  a  main  delta  wing,  sell-induced  roil  oscillations  of  the  entire 
configuration  (in  a  free-to-roll  experiment)  were  obtained  in  a  much  larger  range  of  angle  of  attack  and  with  larger 
roll  amplitude  than  with  the  main  wing  alone  (Fig.  1 3).  This  was  ascribed  to  the  increased  time  iag  (because  of  the 
larger  length  of  the  canard-wing)  between  the  wing  response  and  the  movement  of  leading-edge  vortices.  Up  to 
30*  the  vortices  from  the  canard  and  the  wing  were  combined,  while  at  higher  angles  of  attack  the  resulting  vortex 
breakdown  at  the  wing  trailing  edge  was  providing  a  damping  which  reduced  the  roll  angle  amplitude.  In  the  range 
44*  <a<  46*  an  Interesting  unstable  asymmetric  oscillation  was  recorded  (Fig.  16),  which  could  easily  flip  from  the 
positive  to  the  negative  roli  angles  and  vlceversa,  and  which  was  related  to  the  capturing  of  one  of  the  canard's 
vortices  by  the  opposite  semiwing  while  the  other  vortex  was  shed  into  the  flow.  Also  at  the  lower  semiwing,  a 
major  vortex  breakdown  was  detected.  These  observations,  t  lthough,  in  a  sense,  describing  undesirable  results  of 
controlling  the  flow,  provide  a  useful  insight  into  the  fluid  dynamics  of  these  rather  complex  phenomena. 

2.5  Digital  Datcom 

Some  of  the  static  and  dynamic  stability  derivatives  may  be  obtained  from  a  computerized  version  of 
the  USAF  Stability  and  Control  Datcom,  called  Digital  Datcom.  This  includes  the  direct  and  the  cross  derivatives, 
but  not  any  cross-coupling  derivatives.  The  configurations  and  speed  regimes  for  which  Digital  Datcom  methods 
for  dynamic  derivative  prediction  are  available  are  listed  in  Fig.  17.  More  details,  including  a  comparison  with 
wind  tunnel  data  for  several  configurations  and  Mach  numbers  (see  examples  in  Fig.  18),  can  be  found  in  Ref.  19. 
All  Datcom  methods  for  dynamic  derivatives,  however,  assume  attached  flow  and  hence  are  restricted  to  the  low 
angle  of  attack  regime. 

3.  WIND  TUNNEL  TESTING  TECHNIQUES 

As  mentioned  in  the  Introduction,  the  most  important  source  of  dynamic  stability  data  for  the  advanced 
flight  conditions  or  unorthodox  configurations  which  are  of  interest  for  the  modem  fighter  design,  lies  in 
experimental  investigations.  Although,  in  principle,  experiments  can  be  performed  both  in  wind  tunneis  and  in  free 
flight,  the  latter  cannot  be  rigorously  carried  out  until  a  prototype  is  built  and  even  then  It  usually  does  not  provide 
the  well-defined  experimental  conditions  which  are  available  in  a  laboratory.  On  the  other  hand,  of  course, 
although  wind-tunnei  testing  is  usually  conducted  at  too  low  a  Reynolds  number  and  may  be  subject  to  some  form 
of  wind-tunnei  or  support-interference  effects,  it  does,  by  and  large,  provide  valuable  iraormation,  obtained  under 
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well  controlled  test  conditions.  It  is  often  only  through  a  combination  of  both  wind  tunnel  and  flight  data  with 
some  additional  data  sources  such  as  dynamic  model  flight  tests,  analytical  studies  and  piloted  simulation  that  a 
complete  data  set  required  for  a  satisfactory  design  can  be  obtained  (Fig.  19).  However,  as  discussed  by  Chambers 
et  al  (Ref.  20),  dynamic  wind  tunnel  tests  are  also  to  some  extent  involved  in  each  of  these  procedures.  For 
example,  conduct  cf  piloted  simulator  studies  cannot  be  accomplished  without  dynamic  stability  parameters,  and 
the  Interpretation  and  analysis  of  dynamic  model  flight  tests  and  airplane  flight  tasts  may  be  subject  to 
considerable  question  without  dynamic  wind  tunnel  data.  Dynamic  wind-tunnel  experiments  appear,  therefore,  to 
constitute  the  most  Important  experimental  source  for  dynamic  data  and  the  remainder  of  this  paper  will  be 
devoted  to  examining  the  various  techniques  that  are  presently  available  or  under  development  for  such  testing. 

Reviews  of  the  wlnd-tunnq)  techniques  for  dynamic  stability  testing  have  been  presented  by  the  present 
author  at  severfd  occasions  in  the  past  (Refs  21-24).  Since  Refs  23  and  24  are  easily  accessible  to  the  AGARD 
community,  the  material  presented  theiein  wili  not  be  reproduced  here  but  will  only  be  included  by  a  suitable 
reference,  as  appropriate.  Of  the  multitude  of  techniques  available  (Fig.  20),  only  those  that,  in  the  author's 
opinion,  are  currently  the  most  important  or  the  most  promising  for  the  future,  will  be  listed. 

3.1  Single  DOF  Forced  Oscillation  -  Measurement  of  Reactions 

This  is  commonly  referred  to  as  the  "forced  oscillation"  technique,  and  Is,  by  far,  the  most  often 
encountered  and  most  versatile  technique  in  use  today.  It  can  be  used  for  angular  oscillation,  such  as  in  pitch,  yaw 
or  roll,  as  well  as  for  translational  oscillation,  such  as  In  plunge  or  in  lateral  translation.  In  the  former  case,  the 
dynamic  derivatives  around  a  fixed  axis,  i.e.  composite  derivatives  (such  as  Cmq  +  Cm& )  (see  Ref.  1),  can  be 
obtained  while  In  the  latter  case  derivatives  due  to  linear  acceleration  (such  as  Cm^*),  -  which  in  a  linear  situation 
are  approximately  equal  to  the  derivatives  due  to  the  time  rate  of  change  of  the  angle  In  the  same  plane  of  motion 
(such  as  Cma)  are  measured.  In  most  cases  the  drive  is  Inexorable  (of  the  hydraulic  or  mechanical  type),  resulting 
in  a  constant  amplitude  sinusoidal  oscillation.  In  some  cases,  an  electromagnetic  drive  Is  used,  resulting  in  a 
constant  amplitude  of  the  applied  torque  (or  force),  unless  a  motion-amplitude  stabilizing  circuitry  is  used. 
Although  In  all  the  cases  the  motion  is  in  a  single  degree-of-freedom  (DOF),  all  three  aerodynamic  moments  and 
two  aerodynamic  forces  (normal  force  and  side  force)  can  be  measured,  usually  with  a  single-piece  construction 
strain-gauge  balance.  The  derivatives  are  obtained  from  the  in-phase  and  quadrature  components  of  the  measured 
aerodynamic  reactions  with  respect  to  the  model  motion,  and  the  frequency  and  amplitude  data.  All  direct,  cross 
and  cross-coupling  derivatives  can  be  obtained  using  this  technique  In  various  degrees  of  freedom.  The  direct 
derivatives  can  also  be  obtained  from  the  measurement  of  the  torque  and  Its  phase  with  relation  to  the  Induced 
motion.  Examples  of  the  Instrumentation  used  at  NAE  and  AEDC  and  of  the  required  data  acquisition  and 
reduction  systems  are  given  in  Ref.  25.  Numerous  applications  of  this  technique,  as  used  at  NA'A  Langley, 
ONERA  Chalais-Meudon,  ONERA  Modane,  AEDC-VKF,  AEDC-PWT,  DFVLR  and  NAE,  are  described  in  Section  5  of 
Ref.  24.  The  technique  Is  also  used  In  Sweden  (FFA,  Ref.  26)  and  China  (SARI,  NAI  and  B1A).  A  recent  sting- 
mounted  Swedish  pitch/yaw  apparatus  Is  shown  In  Fig.  21. 


3.2  Multi  DOF  Forced  Oscillation  -  Measurement  of  Motion 

In  this  technique,  the  model  is  suspended  elastically  In  such  a  way  that  It  can  oscillate  in  several 
degrees  of  freedom  simultaneously,  although  one  degree  of  freedom  (choice  depends  on  the  oscillation  frequency)  Is 
usually  predominant.  The  amplitude  and  phase  of  the  various  motions  (rather  than  of  the  various  reactions,  as  In 
the  preceding  section),  together  with  the  information  aoout  the  driving  force  or  torque  and  frequency,  are 
measured  and  fed  Into  a  system  of  equations  of  motion,  which  is  then  solved  for  the  unknown  stability  derivatives. 
In  the  limiting  case  of  a  single  DOF  oscillation,  the  above  technique  reduces  to  the  "constant-amplitude  torque" 
subgroup  of  the  preceding  section,  where  the  direct  derivatives  can  be  obtained  from  the  amplitude  and  phase  of 
the  forced  motion  and  the  forcing  torque  and  frequency  (In  the  same  DOF)  by  means  of  a  direct  calculation  rather 
than  Indirectly  by  solving  a  system  of  equations.  That  type  of  technique  Is  used  at  RAE  -  Bedford,  DFVLR-AVA 
and  NASA  -  Langley,  as  described  In  Section  6  of  Ref.  24.  In  the  latter  case  the  model  Is  elastically  suspended  for 
multl-DOF  experiments  by  a  system  of  cables,  whereas  at  RAE  and  DFVLR  the  model  Is  mounted  on  a  spring  unit 
(attached  to  the  sting)  which  limits  the  number  of  DOFs  to  2  or  3  (Ref.  27). 

3.3  Single  DOF  Free  Oscillation  -  Measurement  of  Motion 

This  technique  Is  the  oldest  and  the  simplest  of  the  various  oscillatory  techniques.  It  Involves  the 
evaluation  of  a  decaying  oscillatory  motion  performed  by  an  elastically  suspended  model  following  some  initial 
disturbance.  No  complicated  drive  or  control  system  are  usually  required  and  the  data  reduction  Is  relatively 
straight  forward.  Although  the  results  are  representative  of  an  amplitude  range  rather  than  of  a  discrete  value  of 
amplitude,  with  modern  instrumentation  this  amplitude  range  can  be  made  sufficiently  small  so  that  any  variations 
of  the  results  with  amplitude  can  be  obtained  as  conveniently  as  with  other  methods.  The  technique,  however,  Is 
limited  to  the  measurement  of  the  direct  derivatives  (damping  and  stiffness)  only,  and  In  Its  simplest  form  Is  nut 
suitable  for  use  under  conditions  of  dynamic  instability  or  In  the  presence  of  large  static  moments.  For  these 
reasons  the  tree-oscillation  technique  Is  now  gradually  being  replaced  by  the  various  forced-oscillation  techniques. 
Some  examples  of  Its  use  In  the  past  are  given  In  Section  7  of  Ref.  24. 

J.4  Half-Model  Testing 

The  use  of  half  models  (semi-span  models)  for  testing  of  symmetrical  configurations  at  symmetric  flow 
conditions  has  been  a  recognized  experimental  procedure  for  a  long  time.  The  technique  eliminates  Interference 
problems  usually  associated  with  the  presence  and  with  the  motion  of  the  sting,  permits  the  use  of  models  larger 
than  otherwise  possible  and  allows  for  a  more  convenient  arrangement  of  the  test  equipment  (utilizing  the  space 
outside  of  the  wind  tunnel).  On  the  other  hand,  the  use  of  half  models  has  some  problems  of  Its  own,  such  as  the 
possible  effect  of  the  gap  between  the  model  and  the  wind  tunnel  wall  and,  at  higher  speeds,  the  effect  of  an 
Interaction  between  the  shock  and  the  wall  boundary  layer.  Since  all  applications  are  strictly  limited  to 
symmetrical  flow  conditions,  the  technique  cannot  be  used  at  higher  angles  of  attack,  even  for  symmetrical 
configurations. 

Half  models  can  be  used  for  experiments  involving  pitching  or  plunging  oscillation  using  appropriate 
free  -  or  forced  -  oscillation  techniques  described  before.  The  technique  Is  particularly  recommended  for  cases 


where  static  or  dynamic  sting  interference  effects  may  be  significant  or  when  the  shape  of  the  model  afterbody  Is 
Incompatible  with  a  sting  mounting.  Other  possible  applications  include  the  determination  of  the  dynamic 
interference  between  two  oscillating  models  and  the  measurement  of  the  effect  of  the  jet  exhaust  plume  on  the 
pitching  or  plunging  oscillations  of  a  model  (Ref.  28).  The  technique  is  used  for  oscillatory  testing  in  many 
countries,  including  Sweden  (FFA),  Canada  (NAE),  USA  (AEDC),  China  (SARI,  B1A)  and  Japan  (NAL). 

3.5  Rotary  Motion 

There  are  a  number  of  wind  tunnel  techniques  where  the  model  is  performing  a  continuous  rotary  rather 
than  oscillatory  motion,  as  discussed  so  far.  The  two  most  important  varieties  of  such  a  rotary  motion  are  as 
follows: 

3.5.1  Rolling  -  a  rotary  motion  of  the  model  around  the  body  axis  or  around  the  wind  axis,  at  zero  to  moderate 
angles  of  attack,  usually  at  zero  sideslip  and  at  low  to  moderate  rotation  rates.  The  main  purpose  of  the  rolling 
experiments  is  to  determine  stability  derivatives  due  to  rolling,  such  as  encountered  during  a  rolling  maneuver. 
Although  •  strictly  speaking  -  quite  different,  such  derivatives  are  sometimes  used  interchangeably  with  those 
obtained  from  roll  oscillation  experiments.  Rolling  techniques  can  be  further  subdivided  into  techniques  using 
steady  roll  and  those  using  free  decay  of  the  roll  rate.  Apparatuses  employing  these  techniques  can  be  found  at 
NASA  -  Langley,  AEDC,  FFA,  BAC  -  Warton  and  DFVLR-Kcin,  and  are  described  in  Section  9.1  of  Ref.  24. 

3.5.2  Coning  -  a  rotary  motion  of  the  model  around  the  wind  axis,  at  arbitrary  angle  of  attack,  usually  non-zero 
angle  of  sideslip  and  low  to  moderate  rotation  rates.  Such  a  motion  is  sometimes  referred  to  as  the  iunar  motion 
and  the  apparatuses  employed  for  such  experiments  are  usually  called  rotary  balances.  The  main  purpose  of  the 
coning  experiments  is  to  obtain  the  aerodynamic  coefficients  (rather  than  derivatives)  as  functions  of  the  coning 
rate.  These  are  required  for  a  better  simulation  of  the  aerodynamic  phenomena  that  are  associated  with  the  steady 
spin  motion  of  aircraft  and  spin  recovery.  The  coning  motion  is  also  one  of  the  fundamental  characteristic  motions 
derived  in  the  mathematical  models  of  Tobak  and  Schiff  (Ref.  29)  and  the  aerodynamic  moments  measured  during 
such  a  motion  are  required  for  prediction  of  even  nonspinning  maneuvers.  It  should  be  noted  that  many  apparatuses 
used  for  steady  roll  about  the  wind  axis  can  be  used  Interchangeably  as  rotary  balances,  that  Is  for  die  purpose  of 
obtaining  the  various  aerodynamic  reactions  as  functions  of  the  roll  rate.  The  difference  lies  mainly  in  the 
instrumentation  and  in  the  data  reduction.  Several  rotary  balances  are  now  In  existence  for  both  low-speed  and 
high-speed  wind  tunnels,  including  those  at  NASA  Langley,  NASA-Ames.  BAC-Warton,  DFVLR-Koin,  Aeronautica 
Macchi  and  IMF.  These  were  described  in  Section  9.2  of  Ref.  24  and  in  Ref.  30.  A  new  rotary  balance  at  RAE- 
Bedford  (Ref.  31)  Is  shown  in  Fig.  22. 

All  rotary  balances,  of  course,  can  be  used  to  obtain  derivatives  due  to  the  rate  of  roll.  In  addition,  by 
slightly  tilting  the  axis  of  a  rotary  balance  with  respect  to  the  wind  axis,  it  is  possible  to  superimpose  an  oscillatory 
motion  In  pitch  and  yaw  on  the  main  rotary  motion.  Such  a  motion,  called  "oscillatory  coning",  may  permit  the 
determination  of  additional  derivatives,  viz.  those  due  to  oscillatory  pitch  and  yaw  (Ref.  32). 

3.6  Pure  Rotation 

Since  the  results  of  oscillatory  experiments  (such  as  in  pitch)  around  a  fixed  axis  are  in  the  form  of 
composite  derivatives  which  contain  derivatives  due  to  pure  rotation  (such  as  «j)  and  derivatives  due  to  the  time- 
rate-of -change  of  the  angular  deflection  In  the  same  plane  of  motion  (such  as  a ),  there  Is  a  need  to  separate  such 
component  derivatives  so  that  each  can  be  Inserted  at  Its  proper  position  In  the  equations  of  motion.  To  separate 
the  two  parts,  additional  experiments  are  required,  in  which  either  a  pure  angular  motion  (with  the  appropriate 
aerodynamic  deflection  angles  remaining  constant)  or  a  pure  translation  (with  the  appropriate  angular  rates 
remaining  zero)  is  simulated.  As  already  discussed,  under  certain  conditions  the  translational  acceleration  is 
aerodynamically  equivalent  to  the  time-rale-of -change  of  the  aerodynamic  angle  in  the  same  plane  of  motion. 
Effects  of  translational  acceleration  can  be  measured  by  single  DOF  forced  oscillation  experiments  in  vertical  or 
lateral  translation,  as  done  at  NAE,  using  methods  described  in  Section  3.1.  Simulation  of  pure  angular  motion  (or 
pure  rotation)  in  pitch  or  yaw  can  be  achieved  by  snaking  motion  experiments  or  experiments  in  a  suitably  curved 
flow,  while  pure  rolling  can  be  simulated  by  experiments  in  a  suitably  arranged  rolling  flow.  These  latter 
techniques,  which  were  ail  developed  at  NASA-Langiey  in  the  1950's  and  have  now  been  transferred,  together  with 
the  6  ft  Stability  Tunnel,  to  the  Virginia  Polytechnic  Institute,  will  be  briefiy  described  in  the  following  paragraphs. 
More  details  can  be  found  In  Ref.  33. 

3.6.1  Snaking  Motion  -  This  combines  yawing  and  lateral  motions  of  a  model  In  such  a  manner  as  to  produce  pure 
yawing.  The  apparatus  (Fig.  23)  generates  an  oscillatory  motion  in  the  xy  plane  so  that  the  del  always  heads  Into 
the  relative  wind  or.  In  other  words,  so  that  the  instantaneous  angle  of  yaw  •  which  includes  vector  components 
generated  by  the  two  basic  motions  -  remains  constant  at  all  times.  This  occurs  when  y  *  V  sin  p,  at  which 
condition  the  angle  of  yaw  contributed  by  the  yawing  oscillation  Is  exactly  cancelled  by  the  angle  of  yaw  induced 
by  the  lateral  oscillation.  A  comparison  of  data  obtained  by  algebraic  summation  of  snaking  and  translational 
oscillation  tests  with  the  data  obtained  from  angular  oscillation  tests  (around  a  .ixed  axis)  Is  shown  in  Fig  24. 

U2  Grved  Flow  -  This  technique  is  based  on  the  concept  of  simulating  a  steady  curved-flight  condition  by  using 
a  fixed  model  and  arranging  the  wind-tunnei  flow  in  such  a  way  that  it  is  curved  In  a  circular  path  In  the  vicinity  of 
the  model  and  that  it  has  the  velocity  variation  normal  to  the  streamlines  In  direct  proportion  to  the  local  radius  of 
curvature.  This  is  achieved  by  using  flexible  side  wails  for  curving  the  flow  and  by  employing  special  vertical-wire 
drag  screens  upstream  of  the  test  section  for  producing  the  desired  velocity  gradient  in  the  fiow  across  the  tunnel 
(Fig.  25).  These  screenc  vary  in  size  across  the  wind  tunnel,  with  the  most  dense  portion  of  the  screens  located  at 
the  inner  radius  of  the  curved  test  section.  The  technique  allows  measuring  pure  yawing  (due  to  r  only)  or  pure 
pitching  (due  to  q  only)  derivatives  with  a  fixed  model  mounted  on  a  static  balance.  The  simulation  of  the  steady 
curved  flight  is  not  exact,  however,  and  usually  corrections  have  to  be  applied  for  the  buoyancy  effect  caused  by 
the  static  pressure  gradient  normal  to  the  streamlines  (which  does  not  exist  in  curved  flight).  In  addition,  there  are 
dissimilarities  in  the  behaviour  of  the  modei  boundary  layer  (which  on  the  model  in  a  curved  flow  tends  to  move 
towards  the  center  of  curvature,  contrary  to  Its  normal  tendency  In  curved  flight),  and  possible  problems  due  to  a 
rather  high  degree  of  turbulence  behind  the  wire  screens.  Hopefully,  however,  in  many  cases  these  phenomena  may 
be  considered  to  have  only  a  minor  effect  on  the  measurements  of  the  purely-rotary  derivatives. 

WJ  Rolling  Flow  •  When  a  model  at  an  angle  of  attack  performs  a  rolling  motion  about  a  fixed  body  axis,  the 


5-6 


resulting  aerodynamic  reactions  are  functions  of  both  the  roll  rate  and  the  simultaneously  occurring  time  rate  of 
change  of  the  angle  of  sideslip.  This  is  similar  to  the  previously  discussed  composite  effect  resulting  from  pitching 
or  yawing  oscillation  around  a  fixed  axis.  To  obtain  aerodynamic  derivatives  due  to  "pure"  roiling,  one  can  use  a 
stationary  model  immersed  in  a  roiling  flow.  The  rolling  flow  must  be  generated  in  such  a  way  that  its  velocity 
component  normal  to  the  tunnel  axis  increases  proportionally  to  the  radial  distance.  This  can  be  achieved  by  using, 
upstream  of  the  test  section,  a  large  rotor  with  several  vanes  that  are  specially  shaped  in  order  to  impart  a  suitable 
solid  core  vortex  motion  to  the  flow.  One  fascinating  future  application  of  this  technique  would  be  to  impart 
pitching  or  yawing  oscillation  to  the  model  and  obtain  measurements  of  the  various  damping,  cross  and  cross- 
coupling  derivatives  in  the  presence  of  the  roiling  flow,  thereby  providing  valuable  data  for  studies  of  the  incipient 
spin  and  spin  entry  and,  in  particular,  oscillatory  spin  (Ref.  33). 

3.7  Control  Surface  Oscillation 


So  far  we  have  dealt  with  dynamic  stability  testing  of  full  or  half  models  of  complete  configurations.  A 
brief  comment  should  also  be  included  about  the  stability  characteristics  related  to  the  oscillation  or  motion  of  the 
various  control  surfaces.  These  are  normally  of  two  kinds:  (1)  the  hinge  moment  derivatives  of  an  oscillating 
surface  and  (2)  the  derivatives  of  the  aeroaynamic  reactions  imparted  to  the  model  by  the  oscillation  of  a  control 
surface.  Although  the  main  interest  lies  usually  in  the  static  control  derivatives,  the  trend  is  increasing  towards 
also  obtaining  some  dynamic  control  derivatives,  which  may  become  important  in  conn<s_'..on  with  high-rate 
maneuvers  and  quick-acting  controls.  The  necessary  experiments  are  most  conveniently  performed  using  a  half 
model  of  the  aircraft  configuration;  the  hinge  moment  measurements  can  be  performed  with  any  single  DOF 
oscillation  method  mentioned  before,  whereas  the  aerodynamic  reactions  on  the  model  itself  can  be  obtained  using 
methods  similar  to  those  employed  for  cross  and  cross-coupling  derivative  measurements.  Some  suitable 
experimental  techniques  are  mentioned  in  Section  14  of  Ref.  23. 

3.8  Non-Linear  Dynamic  Loads 

The  various  wind-tunnel  techniques  previously  mentioned  are  characterized  by  the  relatively  small 
amplitude  motion  that  they  impart  to  the  model.  It  has  traditionally  been  assumed  that  under  these  conditions  the 
resulting  aerodynamic  phenomena  are  linearly  related  to  the  model  motion,  implying  that  if  a  sinusoidal  motion  Is 
used,  as  is  typically  the  case,  the  aerodynamic  reactions  are  also  sinusoidal  and  of  the  same  frequency  as  that  of 
the  model  oscillation.  In  such  a  case  the  desired  aerodynamic  information  can  be  represented  In  the  form  of 
stability  derivatives  that  can  be  obtained  using  procedures  like  the  ones  discussed  in  Refs  25  and  28. 

The  applicability  of  the  iocaliy  linearized  aerodynamics  model,  implicit  in  the  derivative  formulation, 
to  large  amplitude  and  high  rate  maneuvers,  has  been  increasingly  questioned  over  the  last  few  years. 
Consequently,  a  new  wind-tunnel  technique,  specifically  designed  to  Investigate  the  aerodynamic  loads  acting  on  a 
model  subjected  to  large  amplitude  and/or  high  rate  motions  has  been  recently  developed  at  NAE. 

3.8.1  Data  Reduction  -  The  goal  is  to  measure  the  instantaneous  value  of  the  reactions  In  terms  of  the 
corresponding  Instantaneous  value  of  the  pertinent  motion  variables.  Since  no  assumption  of  linearity  Is  made,  the 
components  of  the  react'  'ns  at  the  oscillation  frequency  as  well  as  at  its  harmonics  need  to  be  determined. 
Therefore  the  technique  basically  consists  of  measuring  the  Fourier  coefficients  of  the  balance  outputs 
(deflections),  which  are  converted  into  their  causative  loads  by  using  the  appropriate  model-balance  system 
mechanical  transfer  functions.  The  inverse  Fourier  Transform  is  then  applied  to  the  above  coefficients  in  order  to 
represent  the  reactions  in  the  time  domain.  This  apparently  round-about  approach  Is  required  in  order  to  account 
for  the  dynamic  response  of  the  model-balance  system,  which  can  have  a  substantial  Impact  on  the  observed 
balance  outputs.  Inertial  effects  are  eliminated  by  means  of  tare  measurements.  Further  details  on  the  technique 
can  be  found  in  Ref.  34.  The  current  implementation  of  the  instrumentation  system  and  data  reduction  procedures 
are  described  In  Ref.  33. 

3.8.2  Reaction  Representation  -  Once  the  concept  of  stability  derivatives  can  no  longer  be  used,  it  becomes 
imperative  to  formulate  an  appropriate  representation  of  the  non-linear  aerodynamic  data  in  order  to  effectively 
utilize  it  in  flight  mechanics  computations.  One  possible  representation  (Ref.  36)  is  based  on  the  assumption  that 
there  is  a  weii  defined  (although  not  necessarily  single  valued)  relationship  between  the  instantaneous  value  of  any 
given  aerodynamic  reaction  and  the  corresponding  instantaneous  value  of  the  motion  variables.  In  a  topological 
sense,  this  representation  implies  the  existence  of  a  unique  (again  not  necessarily  single  valued)  "reaction 
hypersurface"  that  defines  the  reaction  in  terms  of  n  motion  variables. 

if  the  hypersurface  could  be  experimentally  obtained  In  its  entirety  -  e.g.  by  means  of  the  technique 
summarized  in  the  previous  section  -  it  could  be  used  to  carry  out  simulations  without  resorting  to  mathematical 
models.  Practical  considerations,  however,  limit  the  number  of  experiments  that  can  be  performed  to  obtain  the 
very  large  data  base  required  to  suitably  define  the  hypersurface,  therefore  necessitating  some  level  of 
mathematical  modelling  to  supplement  the  empirical  data. 

A  detailed  description  of  the  hypersurface  representation  with  its  rather  wide-ranging  implications  can 
be  found  in  the  above  refer ef tee  and  is,  therefore,  not  Included  here.  However  an  example  of  how  the 
representation  ran  be  applied  to  the  simple  case  of  a  single  DOF  motion  is  briefly  ment'oned  here  i or 
completeness.  Let  us  consider  a  hypotltetical  case  of  a  motion  about  the  roll  body  axis  where  the  reaction  is  a 
function  of  ♦  and  p  only,  in  which  case  the  reaction  surface  becomes  three  dimensional  and  can  thus  be  readily 
visualized.  A  schematic  hysteretical  surface  is  arbitrarily  postulated  as  an  Illustration  (Fig.  76).  The  motion  of  the 
model  is  represented  by  a  trajectory  in  the  6-  p  phase  plane  and  the  corresponding  value  of  the  reaction  is  defined 
by  the  reaction  surface.  The  surface  depicted  In  Fig.  26  is  characterized  by  threshold  values  that  are  independent 
of  the  rate,  corresponding  to  the  cate  of  "static  hysteresis",  as  opposed  to  the  situation  shown  in  Fig.  27  where  the 
thresholds  are  a  linear  function  of  rate,  indicating  a  convective  time  tag  effect  on  the  threshold  values,  doth 
reaction  surfaces  are  single  valued  everywhere  except  at  the  line  defining  the  "step"  indicating  that  "minor  loops" 
are  permissible  under  oscillation  amplitudes  below  the  threshold  value.  A  double  valued  reaction  surface  where 
such  minor  loop*  do  not  occur  is  shown  in  Fig.  28,  in  which  case  ttse  only  way  to  transfer  from  one  branch  of  the 
hysteresis  curve  to  the  other  is  by  exceeding  the  threshold  value. 

The  reaction  surface  for  an  80  degree  delta  wing  in  subsonic  flow  has  been  approximately  determined 
(Ref.  37),  on  the  basis  of  experimental  data  obtained  by  Nguyen  et  at.  (Ref.  38).  Although  sufficient  information 
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was  not  available  to  precisely  define  tlw  surface,  the  results  indicate  that  the  surface  concept  is  applicable  to  this 
case. 


4.  CONCLUDING  REMARKS 


In  this  lecture  a  brief  review  was  presented  of  some  of  the  aerod.  h?.  „c  aspects  of  the  dynamic 
behaviour  of  a  modem,  high  performance  fighter  aircraft  and  of  some  of  the  ns.*e  important  experimental 
techniques  tha*  are  available  for  measuring  the  dynamic  stability  parameters  ot  an  aircraft  in  a  wind  tunnel. 
Because  of  space  limitations  many  topics  had  to  be  omitted  and  the  reader  is  referred  to  the  three  volumes  listed 
In  "Bibliography",  and  in  particular  to  Refs  I,  23  and  24  by  the  present  author,  for  further  details.  More  recent 
pertinent  information  can  be  found  in  Refs  39-46.  It  is  hoped  that  the  present  review,  together  with  the  above 
additional  material,  may  provide  a  useful  insight  into  the  aerodynamics  of  a  maneuvering  modern  fighter  and  may 
serve  as  a  guide  to  the  large  variety  of  wind  tunnel  methods  that  have  to  be  used  in  order  to  obtain  the  dynamic 
data  required  for  the  design  of  such  an  aircraft. 
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Fig.  1.  Maximum  lift  coefficient  vs  pitch  rate  for 
NACA  0012  (open  symbols'  and  NACA  64  A012  (13) 
(half  solid  symbols)  (Ref.  2) 
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Fig.  2.  Sketches  of  flow  fields  during  dynamic  stall 
(Ref. 3) 
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Fig.  4.  Impulse  function  vs  pitch  rate  (Ref.  2) 


(b)  Time  histories 
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Fig.  3.  Supermaneuver  ability.  Minimum  time 
maneuvers  (Rel.  4) 


Fig.  >.  Wing  models  tested  with  model  based  on  F-5 
configuration  (Ref.  S) 
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Fig.  13.  Effect  of  oscillating  flap  on  flow 
separation  resulting  from  an  upstream  wedge, 
x'/H=-3,  (Ref.  13) 
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Fig.  1 3.  Angle  of  attack  range  for  self-induced  roll 
oscillations  for  a  76*  delta  wing  (Ref.  18) 


Fig.  19.  Effect  of  reduced  frequency  on  flow 
attachment  length  'Ref.  13) 
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Fig.  17.  Configurations  and  speed  regimes  for  which  Digital  Datcom  can  be  used  lor  prediction  of  dynamic  direct 
and  cross  derivatives  in  the  attached  flow  region  (Ref.  19) 


Fig.  20.  Wind  tunnel  techniques  for  dynamic  stability  testing 
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Fig.  21.  FFA  pitch/yaw  forced  oscillation  apparatus  (Ref.  26) 


(a)  Rotary  balance  mounted  in  RAE  4  m  x  2.7  m 
wind  tunnel 


Fig.  23.  NACA/VP1  apparatus  for  snaking  motion 
(Ref.  33) 


(b)  Details  of  rotor  and  sting 
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Fig.  22.  RAE  -  Bedford  rotary  balance  (Ref.  31) 


Fig.  24.  Comparison  of  combined  snaking  and  linear 
test  results  with  forced  oscillation  results  (Ref.  33) 


Fig.  28.  Schematic  reaction  surface  -  threshold 
values  independent  of  rate,  minor  loops  r»t 
permitted  (Ref.  36) 


Aerodynamic  Aspects  of  Aircraft  Dynamics 
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Introduction 

O  achieve  tactical  superiority  in  the  air,  a  fighter  aircraft 
must  be  capable  of  high-performance  maneuvers.  To 
perform  such  maneuvers,  the  aircraft  must  be  able  to  carry 
out  controlled  flight  at  high  angles  of  attack.  To  safely  predict 
and  analyze  such  flight  conditions,  our  understanding  of  the 
aerodynamics  of  aircraft  at  high  angles  of  attack  (high  o)  may 
require  further  improvements. 

In  the  context  of  this  review,  the  aerodynamic  phenomena 
at  high  a  will  be  discussed  mainly  from  the  point  of  view  of 
their  impact  on  stability  parameters  of  an  aircraft.  Adequate 
knowledge  of  these  parameters  is  required  for  the  prediction 
of  an  aircraft's  behavior  before  departure,  for  the  description 
of  its  depart ure/spin-resistance  characteristics,  and  for  the 
difficult  analysis  of  the  flight  range  between  the  departure  and 
the  fully  developed  spin,  if  such  an  analysis  is  required. 
Stability  parameters  arc  needed  also  for  the  assessment  of  the 
tracking  capabilities  of  an  aircraft,  for  the  efficient  design  of 
the  control  system,  and  for  the  evaluation  of  the  range  of 
maneuvers  that  can  safely  be  induced  by  the  pilot.  Such 
maneuvers  at  high  angles  of  attack  arc  not  only  relevant  in 
situations  involving  air  combat  and  missile  avoidance  actions, 
but  may  also  be  necessary  during  certain  phases  of  the  landing 
approach. 

Flow  Phenomena  in  Steady  and  Oscillatory  Flight 
at  High  Angles  of  Attack 

The  aerodynamics  of  an  aircraft  performing  a  steady  flight 
at  high  angles  of  attack  has  been  studied  for  several  years  and 
a  considerable  amount  of  information  is  now  available  in  this 
area.'-:  It  is  well  known  that  such  an  aircraft  is  exposed  to  a 
variety  of  flow  phenomena  that  usually  are  nonexistent  or 
have  much  less  significance  at  lower  angles  of  attack.  These 
phenomena  encompass  all  kinds  of  transitional,  separated, 
and  vortical  flows  over  the  body,  the  wings,  and  the  control 
surfaces  of  the  aircraft.  Of  particular  interest  therein  are  those 
flow  phenomena  (hat  significantly  vary  with  the  angle  of 
attack  and  that,  at  high  enough  values  of  that  parameter,  can 


cause  asymmetric  effects  even  if  the  aircraft  itself  continues  to 
head  symmetrically  into  the  wind  (i.e.,  has  zero  sideslip).  Two 
of  the  most  important  phenomena  of  that  kind  are  I)  the 
formation  and  asymmetric  shedding  of  forebody  vortices  and 
2)  the  formation  and  asymmetric  bursting  of  wing  leading- 
edge  vortices.  It  is  also  known  that  the  behavior  of  the 
forebody  vortices  can  be  affected  by  blowing*-4  or  by  in¬ 
troduction  of  a  mechanical  disturbance  near  the  nose  of  the 
forebody. 

tf  an  oscillatory  motion  is  superimposed  on  the  primary 
steady  flight  of  the  aircraft,  the  aforementioned  phenomena 
become  much  more  involved  due  to  the  introduction  into  an 
already  complex  picture  of  an  additional  variable,  namely,  the 
element  of  time.  Let  us  consider,  for  instance,  an  oscillation 
in  pitch.  During  such  an  oscillation  the  forebody  vortices  will 
change  their  lateral  and  vertical  positions  as  functions  of  the 
angle  of  attack,  which  itself  is  a  function  of  time.  Similarly, 
leading-edge  vortices  will  periodically  vary  the  longitudinal 
location  at  which  they  burst.  The  various  components  of  the 
aircraft,  such  as  the  fin(s)  and  the  horizontal  stabilize',  will 
move  in  and  out  of  the  local  flow  regions  in  which  they  are 
embedded.  To  make  matters  even  more  complex,  all  o>  these 
moiic-ns  will  take  place  not  in  a  manner  simultaneous  with  the 
motion  of  the  aircraft,  but  with  a  certain  delay,  mainly  due  to 
the  convective  time  lag.  This  delay  is  a  function  of  the 
distance  of  the  station  under  consideration  (say,  at  the  fin) 
from  the  station  at  which  a  particular  flow  phenomenon 
originates  (in  the  case  of  the  forcbody  vortices,  at  the  vicinity 
of  the  nose). 

The  response  of  the  forebody  vortices  to  the  oscillatory 
pitching  motion  of  a  symmetrically  mounted  cone  wing 
configuration  was  investigated  at  the  National  Aeronautical 
Establishment  (NAE)  by  flow-  visualization  motion  pictures 
made  in  a  water  tunnel.  The  periodic  lateral  motion  of  the 
vortices  as  well  as  the  time  delay  between  the  motion  of  the 
vortices  and  that  of  the  model  could  be  clearly  seen.  It  is 
obvious  that  such  a  lateral  motion  of  the  vortices  must  cause 
lateral  aerodynamic  reactions  in  response  to  the  pitching 
motion  and  that  the  observed  time  delay  requires  a  vectorial 
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Fig.  I  Phase  lag  oa  model  oscillating  la  pilch  la  water  taaaci  (NAE). 


Table  1  Dynamic  moment  derivatives 


Pure  rotation  Transitional  acceleration  Oscillation  around  fixed  axis 
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representation  of  those  reactions,  i.e.,  one  in  which  both  the 
components  in  phase  with  the  motion  of  the  model  and  the 
components  in  quadrature  with  that  motion  (or  in  phase  with 
the  angular  rate)  have  to  be  considered.  When  presented  in  the 
derivative  form,  such  components  are  usually  referred  to  as 
static  and  dynamic  derivatives,  respectively,  of  the 
aerodynamic  reactions  with  respect  to  pitching.  By  repeating 
the  flow  visualization  motion  pictures  for  several  values  of 
water  speed  V,  and  oscillation  frequency  w,  it  was  possible  to 
obtain  the  diagram  in  Fig.  I ,  showing  the  angle  of  attack  for 
the  onset  of  asymmetry,  a„  when  a  was  Increasing,  and  the 
angle  of  attack  for  the  return  to  symmetrical  flow  conditions, 
a,,  when  a  was  decreasing  during  the  oscillation.  Simple 
expressions  were  derived  for  a,  and  a,  in  which  the  phase  lag 
was  proportional  to  the  reduced  frequency  of  oscillation,  and 
it  is  shown  here  that  it  was  possible  to  obtain  a  good 
correlation  between  these  expressions  and  the  experimental 
points  when  the  phase  lag  was  assumed  to  be 

ux/ycm2.S(<J/2n 


where  Vc  is  the  convective  velocity  and  x/l  is  the  dimen¬ 
sionless  longitudinal  coordinate. 

The  NAE  film  also  demonstrated  how  the  direction  of  the 
vortex  asymmetry  on  a  symmetrically  mounted  modri  could 
be  controlled  by  normal  blowing  or  by  introducing  a 
mechanical  disturbance  on  the  forebody. 

Another  movie  Film,  made  in  the  Northrop  water  tunnel, 
showed  the  relation  between  the  oscillation  in  roll  of  a  highly 
swept  delta  wing  and  the  differential  oscillatory  displacement 
of  the  longitudinal  location  on  the  wing  at  which  the  vortices 
emanating  from  the  wing  leading  edge  break  down.  It  is 
known  that  vortex-burst  location  is  sensitive  to  both  the  angle 
of  attack  and  the  angle  of  sideslip,  and  the  effective  values  of 
these  angles  on  each  half  of  the  wing  vary  periodically  as  the 
wing  oscillates  in  roll.  Although  the  time  scale  of  the  Nor¬ 
throp  experiment  was  such  that  phase  legs  could  not  easily  be 
observed,  it  is  a  safe  assumption  that  sum  lags  must  have  been 
present  during  the  experiment,  with  the  resulting  static  and 
dynamic  aerodynamic  reactions  due  to  oscillation  In  roll. 
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It  should  be  noted  that  the  oscillatory  flow  phenomena, 
that  involve  shedding  of  the  forebody  vortices  and  their 
asymmetrical  motion,  will  occur  on  all  oscillating,  pointed, 
slender  bodies  that  fly  at  a  high  angle  of  attack  and,  therefore, 
have  impact  on  the  dynamics  of  not  only  high-performance 
aircraft  but  also  of  missiles.  Although  this  paper  deals  mostly 
with  problems  related  to  aircraft,  much  of  the  material  can 
also  be  applied  to  missiles  and,  indeed,  one  or  two  examples 
of  such  applications  will  be  included. 

Effects  on  Dynamic  Stability  Parameters 

The  aforementioned  high-a  flow  phenomena  have  large 
effects  on  all  of  the  aerodynamic  characteristics  of  the  aircraft 
including,  of  course,  the  sta.ic  and  dynamic  stability 
parameters.  For  the  dynamic  stability  considerations  that  are 
the  subject  of  this  review,  the  most  important  such  effects  are: 
1)  large  nonlinear  variations  of  stability  parameters  with  angle 
of  attack,  angle  of  sideslip,  a*id  rate  of  coning,  as  well  as  with 
amplitude  and  frequency  of  oscillation;  2)  significant 
aerodynamic  cross-coupling  between  longitudinal  and  lateral 
degrees  of  freedom;  3)  time-dependent  and  hysteresis  effects; 
and  4)  strong  configuration  dependence. 

Before  discussing  these  effects  in  seme  detail,  let  us  first 
briefly  consider  the  various  categoric-  of  dynamic  stability 
derivatives.  For  simplicity,  the  discussion  will  be  restricted  to 
dynamic  moment  derivatives,  which,  in  general,  are  much 
more  important  than  the  corresponding  dynamic  force 
derivatives.  The  two  main  categories  of  the  dynamic  intent 
derivatives  (Table  1)  are  those  due  to  pure  rotation  j.q,r) 
and  those  due  to  the  time  rate  of  change  of  the  two 
aerodynamic  angles  (a,  (5).  The  latter  is  equivalent,  in  the  first 
approximation,  to  the  translational  acceleration  in  the  same 
plane  of  motion.  In  oscillatory  experiments  around  a  fixed 
axis,  these  two  effects  are  present  at  the  same  time  and, 
therefore,  the  results  of  such  experiments  are  obtained  as  the 
sum  of  a  pertinent  rotaiy  derivative  and  a  pertinent  ac¬ 
celeration  derivative.  Such  sums  are  eaiied  composite 
derivatives.  Depending  on  the  degro  i  of  freedom  involved, 
we  can  further  distinguish  between  '.he  damping  derivatives 
and  the  cross  and  cross-coupling  derivatives,  as  indicaied  in 
(he  table. 

Noniinearities  with  Angle  of  Attack 

Large  variations  with  the  angle  of  attack  of  the  various 
complex  flow  features  discussed  in  the  previous  section 
frequently  cause  significant  noniinearities  in  the  dynamic 
stability  parameters.  Some  examples  of  these  nonlinearities 
are  presented  in  Fig.  2,  which  shows  two  damping  derivatives 
and  one  dynamic  cross  derivative  obtained  at  NAE  for  a  wing- 
body  configuration  at  a  Mach  number  of  0.7  (Ref.  5).  These 
results  amply  illustrate  both  the  magnitude  and  the  sud¬ 
denness  of  the  variations  in  dynamic  derivatives  with  the  angle 
of  attack.  It  can  be  appreciated  that,  if  the  angle  of  attack 
about  which  the  oscillation  takes  place  happens  to  be  in  the 
region  where  a  sudden  change  in  a  derivative  occurs,  large 
effects  of  the  amplitude  of  oscillation  may  be  expected.  In 
cases  like  this  the  derivative  concepi  can  only  give  an 
equivalent  linearized  description  of  the  dependence  of  the 
aerodynamic  reaction  on  the  variable  of  motion  and  a  better 
mathematical  formulation  may  be  need  d. 

Significant  nonlinear  effects  were  also  obtained  at  NASA 
Langley*’  for  fighter  aircraft  at  low  subsonic  speeds.  The 
damping-in-yaw  derivative  (Fig.  3)  exhibits  a  very  sudden  and 
very  large  (ten  times  the  low-o  value  and  the  sign  reversed) 
unstable  peak  at  angles  of  attack  about  60  deg,  while  the  two 
dynamic  cross  derivatives  (Fig.  4)  exhibit  an  equally  large  and 
sudden  variation  with  a,  but  occurring  at  different  values  of 
that  variable.  It  is  interesting  to  note  from  these  references 
that  the  angle  of  attack  at  which  these  peaks  occur  is  largely 
independent  of  both  the  wing  sweep  angle  and  the  presence  of 
vertical  tails,  suggesting  that  the  primary  mechanism  for  these 
effects  is  associated  with  some  flow  phenomena  located 


upstream  of  the  wing  and  tails,  a  likely  candidate  being 
forebody  vortices. 

An  example  of  the  variation  of  a  derivative  with  both  the 
angle  of  attack  and  the  oscillation  amplitude  is  shown  in  Fig. 
5,  where  the  damping-in-roll  derivative  of  a  fighter  con¬ 
figuration,  obtained  at  NASA  Langley6  at  low  subsonic 
speeds,  is  plotted  vs  angle  of  attack.  The  large  unstable  peak 
that  occurs  at  a  =  3?  deg  when  the  amplitude  of  oscillation  is 
±5  deg  decreases  at  larger  amplitudes  and  completely 
disappears  at  an  amplitude  of  ±  20  deg. 

Noniinearities  with  Rate  of  Roll  (Spin) 

Considerable  nonlinearities  with  spin  rate,  together  with 
important  effects  of  both  angle  of  attack  and  Reynolds 


Fit.  2  Noniinearities  in  damping  and  cross  derivatives,  A#-A^ 
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Fit.  5  Effect  of  oscillation  amplitude  on  damping  in  roll  (NASA 
LRC). 
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Fig.  4  Cross  derivatives  for  a  fighter  configuration,  M<0.l, 
±5  deg  (NASA  LRC). 


number,  are  shown  in  Fig.  6,  where  the  nose  side-force 
coefficient  for  a  model  with  a  square  forebody  cross  section 
but  with  rounded  corners  is  shown  as  a  function  of  the  spin 
rate  at  a  *=75  deg  and  for  various  Reynolds  numbers.  These 
experiments,  performed  at  NASA  Ames  Research  Center,' 
shew  a  strong  nonlinear  prospin  contribution  at  all  but  the 
two  lowest  Reynolds  numbers  investigated.  No  such  prospin 
contributions  were  detected  at  a  =  45  deg . 

Another  example*  of  large  nonlinearities  with  spin  rate  is 
shown  in  Fig.  7.  Pitching,  rolling,  and  yawing  moments  for  a 
series  of  general  aviation  models  at  a  »  60  deg  are  shown  vs 
reduced  spin  parameter.  The  nonlinearity  is  pronounced  and 
the  sense  of  the  rolling  and  yawing  moments  can  change  with 
rotation  rate  from  autorotative  to  damping.  The  pitching 
moment  Increases  most  significantly  over  the  static  value, 
primarily  due  to  the  effect  of  the  horizontal  tail. 

Oecurrtacc  of  Wing  Rock 

An  important  manifestation  of  the  effect  of  nonlinearities 
is  the  well-known  phenomenon  of  wing  rock.  This 
phenomenon,  primarily  associated  with  the  loss  of  damping  in 
roll  at  higher  angles  of  attack  (Fig.  8),  requires  the  presence  of 
one  or  more  nonlinear  terms  in  the  equation(s)  of  motion  to 
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Fig.  4  Now  side-force  coefficient  v>  reduced  spin  rale.  Squire  cross 
section  with  rounded  comers  (NASA  ARC). 


render  possible  the  characteristic  limit-cycle  type  of  oscillation 
in  roll.  It  can  be  assumed  that  the  aerodynamics  of  the 
problem,  in  principle,  is  related  to  the  motion  (or  burst)  of  the 
forebody  vortices  or  the  leading-edge  vortices,  or  else  to  the 
periodic  variations  from  the  attached  to  separated  flow  on 
some  portion  of  the  wing  as  the  wing  oscillates  in  roll.  At 
transonic  speeds  an  additional  aerodynamic  cause  can  be  the 
periodic  motion  of  the  local  shock  waves.  It  is  not  yet  well 
understood  how  these  aerodynamic  causes  can  be  expressed 
mathematically  in  the  equations  of  motion,  but  certain 
nonlinear  terms  have  been  experimentally  determined  and 
their  effect  on  the  resulting  limit-cycle  motion  confirmed.  Of 
course,  different  nonlinearities  can  be  expected  to  exist  for 
different  configurations  and  different  flight  conditions.  Three 
such  scenarios,  all  involving  wing  rock  at  subsonic  speeds, 
will  be  briefly  described  below. 

Variation  of  Dampint  in  Roll  with  Anilt  of  Sidttlip 
The  variation  of  the  rolling  moment  with  the  reduced  roll 
rate  for  various  angles  of  attack  and  sideslip  was  recently 
studied  at  NASA  Langley.10  The  data  were  obtained  for  an 
80-deg  delta  wing  at  low  subsonic  speeds  using  a  rotary 
balance  (with  the  rotation  taking  place  about  the  wind  axis). 
Some  of  the  results  are  shown  in  the  upper  part  of  Fig.  9.  The 
slope  of  the  curves  represents  the  damping  in  roll  and  is 
negative  for  positive  (stable)  damping  and  vice  versa.  At 
a  -  10  deg  the  damping  is  positive  for  all  0  investigated.  At 
a  -  30  deg  the  damping  is  negative  at  small  0  but  positive  at 
higher  0.  A  set  of  curves  (bottom  left  of  Fig.  9)  constructed  by 
combining  the  above  results  with  the  results  of  some  forced- 
oscillation  experiments  shows  the  variation  of  the  damping  in 
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(b)  Rolling  moment. 


(c)  Yawing  moment.  Hb/TV 


Fig.  7  Moment  coefficients  vs  reduced  sptn  rale.  General  avliihm 
configuration,  or -60  deg  (NASA  LRC1. 


Kit.  I  Rolltnt  moment  derittlitev  Cor  ■  ftgklff  configuration 
tNASA  I  RC). 


roll  with  the  magnitude  of  sideslip  for  different  angles  of 
attack.  The  damping  in  rod  changes  from  unstable  to  stable  in 
the  range  of  5  to  7  deg  of  sideslip.  Concurrent  flow 
visualization  studies  (not  shown)  have  indicated  that  this 
effect  is  associated  with  the  upward  displacement  of  the 
leeward  vortex  from  the  surface  of  the  upgoing  part  of  the 
wing,  while  the  windward  vortex  remains  close  to  the  upper 
surface  of  the  wing.  A  nonlinear  simulation  using  these  data 
yieided  a  wing-rock  motion  in  close  agreement  with  the  results 
of  a  freeto-roll  experiment,  as  can  be  seen  on  the  bottom 
right  of  Fig.  9.  where  the  comparison  is  shown  in  terms  of  the 
limit-cycle  amplitude,  (Ab)**,  and  the  period,  PN«.  of  the 
wing  rock  observed  at  various  angles  of  attack.  Also  shown 


are  the  results  of  an  approximate  analytical  solution  based  on 
a  simplified  linear  variation  of  the  damping  in  roll  with  the 
magnitude  of  sideslip. 

Cubic  Variation  of  Lateral  Derivatives  with  Roll  Rate  and  Sideslip 

The  representation  of  the  observed  nonlinearities  by  the 
addition  of  a  cubic  term  to  certain  static  and  dynamic  stability 
derivatives  was  investigated  at  RAE  11  It  was  shown  that  by 
including  such  a  cubic  term  in  the  damping-in-roll  derivative  a 
fairly  good  agreement  could  be  obtained  between  the  flight 
and  computed  time  responses  for  the  roll  rate  and  the  angle  of 
sideslip  of  a  Gnat  aircraft  in  a  wing-rock  situation  (Fig.  10, 
top).  It  was  also  indicated  that  an  inclusion  of  a  similar  cubic 
term  in  the  cross  derivative  of  the  yawing  moment  due  to  the 
roll  rate  could  probably  have  a  beneficial  effect  on  the 
prediction  accuracy.  In  a  separate  study,  cubic  terms  were 
introduced  in  the  static  yawing  and  rolling  moment 
derivatives  due  to  sideslip  and  it  was  shown  that,  although 
limit  cycles  could  not  normally  be  expected  to  occur  through 
nonlinearities  of  a  single-valued  stiffness  term  in  a  second- 
order  differential  equation,  such  a  limit  cycle  could  and  in¬ 
deed  did  occur  in  a  multimode  system  where  the  two  stiffness 
terms  were  affecting  both  the  frequency  and  the  distribution 
of  damping  between  the  two  modes  involved  (yawing  and 
rolling).  For  a  t’sual  combination  of  the  linear  terms  of  the 
two  derivatives  (/,.,  >0,  nrl  >0)  it  was  found  (Fig.  10,  bottom) 
that  with  a  positive  (stiffening)  n, s  the  limit  cycle  was 
predicted  to  occur  for  a  large  range  of  values  of  lvj,  while  with 
a  negative  (softening)  n, s  the  limit  cycle  was  computed  only 
for  /,.j  >190.  Two  different  prediction  methods  (analog  and 
approximate)  were  used  in  this  study  with  good  agreement. 
Since  this  type  of  nonlinearity  in  the  moment  derivatives  due 
to  sideslip  can  lead  to  divergence  as  well  as  to  limit  cycle,  it 
was  recommended  that  it  be  considered  in  the  design  of 
augmentation  systems. 

Aerodynamic  Hysteresis  in  Steady-State  Rolling  Moment 

Several  reports1214  indicate  the  existence  of  aerodynamic 
hysteresis  in  the  variation  of  the  rolling  moment  coefficient 
with  the  angle  of  sideslip  (or  angle  of  roll)  at  higher  angles  of 
attack.  Such  hysteresis  can  be  accounted  for  mathematically1' 
by  introducing  into  the  aerodynamic  formulation  for  the 
rolling  moment  a  function  hit)  that  can  have  two  possible 
values  in  a  given  range  of  the  angle  of  roll  (Fig.  1 1 ,  center).  As 
shown  in  Ref.  15,  for  a  fixed  amplitude  of  oscillation  the 
effective  damping  in  roll  can  be  expected  to  vary  inversely 
with  reduced  frequency  if  the  aerodynamic  hysteresis  is 
present,  rather  than  quadratically  as  is  normally  the  case 
without  hysteresis.  It  was  further  shown  in  Ref.  15  that  sonic 
early  damping-in-roll  results  from  NASA  Langley14  obtained 
for  a  twin-jet  fighter  aircraft  at  low  subsonic  speeds  (Fig.  II, 
left)  can  be  accurately  correlated  (with  the  exception  of  one 
point)  by  the  expression  for  the  effective  damping  in  roll  that 
takes  into  account  the  presence  of  hysteresis  (Fig.  II,  right).  A 
formulatic.i  is  suggested  in  Ref.  1$  for  the  rolling  moment  in 
an  arbitrary  rolling  maneuver  (Fig.  II,  bottom),  which 
contains  the  double-valued  function  h(t)  and  in  which  the 
effective  damping-in-roll  coefficient  musi  be  determined  from 
roll  oscillation  around  a  fixed  roll  angle  with  the  oscillation 
amplitude  small  enough  to  ensure  that  the  deflection  always 
remains  on  one  branch  of  the  hysteresis  loop. 

The  aforementioned  examples  illustrate  three  possible 
scenarios  for  the  occurrence  of  the  wing  rock,  each  on  a 
different  configuration.  No  doubt  other  such  scenarios  exist. 
When  preparing  the  equations  of  motion  for  predicting  the 
dynamic  behavior  of  a  new,  unknown  configuration,  the 
mathematical  model  (at  least  initially)  should  be  made  suf¬ 
ficiently  general  to  encompass  all  such  scenarios. 

Aerod)  nnk  Crow-(‘a«pliag 

The  high-a  flow  phenomena  discussed  previously  illustrate 
cases  where  I)  lateral  aerodynamic  reactions,  such  as  those 
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Fig.  t  Wing  rock:  variation  of  damping  in  roH  wlik  angle  of  aidnilp  (NASA  LRC). 
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caused  by  ihe  lateral  molion  of  ihe  forcbody  vortices,  may 
occur  on  an  aircraft  as  the  result  of  some  longitudinal  molion, 
such  as  pitching  or  vertical  translation,  and  where  2)  longi¬ 
tudinal  aerodynamic  reactions,  such  as  those  caused  by  the 
longitudinal  motion  of  the  vortex  burst  locations,  may  occur 
on  an  aircraft  as  a  result  of  some  lateral  motion,  such  as 
rolling,  yawing,  or  lateral  translation.  Because  of  this  relation 
between  the  longitudinal  and  lateral  degrees  of  freedom,  the 
above  aerodynamic  reactions  can  be  said  to  represent  s.-:e 
aerodynamic  cross-coupling  between  the  longitudinal  and  the 
lateral  degrees  of  freedom.  As  already  mentioned,  the  cross¬ 
coupling  reactions  are.  in  general,  shifted  in  lime  in  relation  to 
their  causative  motions  and.  therefore,  will  have  components 
vhich  are  both  in  phase  and  in  quadrature  with  these  motions. 
When  related  to  the  causative  displacements  and  their  time 
rates  of  change,  these  components  of  the  cross-coupling 
reactions  become  sialic  and  dynamic  cross-coupling 
derivatives,  respectively.  (The  term  cross  derivatives  should, 
however,  still  be  used  to  denote  the  traditional  derivatives  that 
relate  two  lateral  degrees  of  freedom,  such  as  roll  and  yaw.)  It 
should  be  noted  that  the  introduction  of  cross-coupling 
derivatives  requires  simultaneous  consideration  of  all  the 
equations  of  motion  of  an  aircraft,  rather  than  of  separate 
groups  of  equations  for  the  longitudinal  and  for  the  lateral 
motions,  as  often  done  in  the  past. 

The  concept  of  aerodynamic  cross  -coupling,  especially  in 
relation  to  the  dynan.x  derivatives,  was  introduced  only 
relatively  recently.1’  New  experimental  capabilities  had  to  be 
developed  to  permit  the  measurement  of  the  pertinent 
derivatives.  Thus  far,  only  relatively  few  measurements  of 
this  kind  have  been  performed.  Some  examples  of  the 
dynamic  crou-coupling  derivatives  obtained  at  NAE  on  a 
simple  wing-body- fin  configuration’  are  given  in  Fig.  12. 


1 


1 


0.$i 


o 


5-21 


ftowtti  «4  Tobafc-Scfctff  Afotfywwwc  Foemotattoa: 
l<)  Nol.yrtw.iii  1C,;  I.H  ■  Ato.l  ♦  ♦  OOt’l 

lb)  HnwMmm  :  *JklC..:l„,  ■  Clo.l  «  kfl*,.o,l  ♦  Wk,*.,l 

U>,  >  *,l 


Foe  Artrteoey  Mooowoet  ■ 

thill 

C.i-1  •  Cjl— ,*IiI,imii.o,i  ♦ - Ct;l^ltl>lil.o,l 
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I'll-  II  Dyaamk  cnm-coapliag  Mtjllm;  wing-body -fin  ron- 
figaralion.  A#  *  Ad  -  a  I  deg(NAK). 


From  top  10  bottom,  the  dynamic  yawing  and  rollini  moment 
derivatives  due  to  occiiiation  in  pitch  are  shown,  followed  by 
the  dynamic  pitching  moment  derivative  due  to  oscillation  in 
yaw.  In  all  cases,  the  derivatives  are  relatively  small  ror  low 
angles  of  attack,  but  attain  large  values  and  display  sudden 
variations  at  angles  of  attack  between  IS  and  20  deg,  and 
become  quite  irregular  at  higher  angles  of  attack  especially  in 
the  region  between  32  and  38  deg.  Both  the  levels  attained  and 
the  suddenness  of  variations  is  larger  for  the  derivatives  of  the 
lateral  moment*  due  to  oscillation  in  pitch  than  for  the  pit¬ 
ching  moment  derivative  due  to  oscillation  in  yaw.  It  should 
be  noted  that  these  cross-coupling  derivatives  may  be  of  the 
same  order,  and  sometimes  even  larger,  than  the 
corresponding  traditional  damping  derivatives  (except  for  the 
damping-in-pitch  derivatives  at  high  angles  of  attack),  such  as 
previously  shown  in  Fig.  2.  The  same  conclusion  can  also  be 
reached  when  comparing,  instead  of  the  derivatives,  the 
corresponding  terms  in  the  pertinent  equations  of  motion.* 
Dynamic  cross-coupling  derivatives  (at  a  Mach  number  of 
0.6)  were  also  measured  at  AEDC,"  and  the  maximum  values 
obtained  were  approximately  one  half  of  the  maximum  values 
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Fig.  13  Dynamic  rotting  moment  derivatives  w  angle  of  sideslip, 
M - •. 4:  *  »  |7.J  deg:  A*  •  a  2  deg  tN AFI. 


obtained  at  NAE,  which,  considering  the  fact  ihat  the  AEDC 
experiments  were  performed  on  a  different  configuration  and 
in  the  anglc-of-attack  range  of  only  up  to  23  deg  (rather  than 
up  to  40  deg  at  NAE),  constitutes  a  good  collaboration  of  the 
initial  NAE  results. 

As  can  be  expected  from  basic  aerodynamic  considerations, 
the  direct  and  the  cross  derivatives  should  be  symmetrical  with 
respect  to  zero  angle  of  sideslip,  whereas  the  cross-coupling 
derivatives  should  change  sign  with  the  direction  of  sideslip. 
This  is  demonstrated  in  Fig.  13.  where  the  three  dynamic 
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Fig.  14  Compnrlion  of  nlios  or  dyiiimk  (o  slnlk  derivatives  obtained  in  wind  tunnel  nid  cskuinled  C)  nsini  phase  iaf  determined  in  wnler 
tunnel  (NAE). 


Fig.  IS  d-dert*«tl*r»  far  n  stbenialk  deitn-wtnp  body -I  nil  con¬ 
figuration  W<t.l(NA<>  \  in'"!. 


moment  derivatives  due  to  oscillation  in  roll  are  plotted  as 
functions  of  the  angle  of  sideslip.”  The  antisymmetric 
variation  of  the  cross-coupling  derivative  with  the  angle  of 
sideslip  is  clearly  visible.  Another  example  of  such  a  variation 
is  given  in  Fig.  9  of  Ref.  5. 

For  very  simple  configurations  (such  as  the  cone-wing-fm 
model  used  in  the  NAE  movie),  it  may  be  possible  to  relate  the 
dynamic  derivatives  to  the  corresponding  static  derivatives  if 
the  phase  lag  associated  with  the  main  flow-separation  or 
vortex-shedding  phenomenon  is  known.  In  Fig.  14  the  ratio  of 
dynamic-to-static  rolling  moment  derivatives  due  to  pitching 
obtained  from  such  phase  lag  consideration  (with  the  phase 
lag  determined  in  the  water  tunnel,  as  shown  in  Fig.  I)  is 
compared  with  the  ratio  of  slopes  of  the  two  derivatives 
obtained  on  a  similar  (but  not  the  same)  configuration  in  a 
wind  tunnel  at  a  Mach  number  of  0.7.  The  ratios  are  of  the 
same  order  of  magnitude  and  the  approximate  mirrorlike 
symmetry  of  the  dynamic  and  static  curves  is  immediately 
apparent.  The  reader  must  ire  cautioned,  however,  that  even  if 
the  phase  lags  could  be  easily  measured  or  calculated  (which, 
as  a  rule,  they  cannot),  such  a  procedure  would  not 
necessarily  be  applicable  to  more  realistic  configurations,  on 
which  ’here  would  be  a  multitude  of  separated  or  vortical  flow 
phenomena,  each  one  with  its  own  individual  phase  lag  and 
each  causing  reactions  acting  on  different  parts  of  the  con¬ 
figuration. 

Tiirf-Dependent  Effect* 

In  .  Edition  to  quasisteady  effects,  such  as  represented  by 
derivai  es  of  various  aerodynamic  reactions  due  to  angular 
veiocitic  we  have  to  consider  the  existence  of  purely  un¬ 
steady  eflccis,  such  as  those  represented  by  derivatives  due  to 
the  time  rate  of  change  of  angular  deflections,  6  or  /}.  These 
derivatives  have  been  known  for  many  years,  since  they 
constitute  part  of  the  dynamic  results  obtained  with  standard 
wlnd-iunm:<  tcchn'ques  of  oscillation  around  a  fixed  axis, 
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FI*.  17  Aerodynamic  kyilcmti  with  spin  rale.  Same  experiment  as 
in  Fi* .  *  but  a  -  90  def .  Rtd  -  0.6  - 10*  (NASA  ARC). 
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FI*.  16  Aerodynamic  hysteresis  a)  with  angle  of  attack,  b)  with 
sideslip. 


which  always  give  composite  derivative  expressions  such  as 
(C^  +  Cm„).  Up  to  now,  however,  it  was  standard  practice  to 
ignore  the  a  and  0  effects  (or  to  introduce  a  simple  correction 
for  them)  and  to  use  the  composite  derivatives  in  place  of  t.  e 
purely  rotary  ones.  At  low  angles  of  attack  the  error  in¬ 
troduced  by  such  a  procedure  was  often  small  and  the  sim¬ 
plification  large  enough  to  be  justifiable. 

At  higher  angles  of  attack,  however,  the  a  and  0  effects 
unfortunately  become  quite  substantial  and  can  no  longer  be 
ignored  or  corrected  for  in  a  simple  fashion.  This  is  illustrated 
in  Fig.  15,  based  on  Ref.  20.  in  which  the  yawing  and  rolling 
moment  derivatives  due  to  the  time  rate  of  change  of  the  angle 
of  sideslip  are  shown  for  a  schematic  delta-wing-body-tail 
configuration.  These  results  were  obtained  from  a  trans¬ 
lational  oscillation  experiment  at  very  low  speeds.  The  small 
values  of  the  and  Cu  derivatives  at  low  angles  of  attack 
and  their  sudden  increase  at  a  2  22  deg  are  clearly  demon¬ 
strated. 

Derivatives  due  to  the  time  rate  of  change  of  angular 
deflections  are  acrodynamicalty  equivalent  (in  the  first  ap¬ 
proximation)  to  derivatives  due  to  translational  acceleration 
in  the  same  plane  of  motion.  This  fact  renders  them  of  high 
interest  for  aircraft  designs  using  direct-lift  or  direct  side- 
force  controls  and  also  makes  it  possible  to  determine  iuCni 
experimentally  using  a  translational  oscillatory  motion  in  the 
vertical  or  lateral  direction.  Because  of  this  relation,  a  and  0 
derivatives  are  often  referred  to  as  translational  acceleration 
derivatives. 

njiftmt*  r  iifvtt 

As  already  discussed  in  connection  with  the  wing-rock 
phenomenon,  high  angle-of-attack  flow  phenomena  such  as 
asymmetric  vortex  shedding,  vortex  breakdown  (burst),  or 
periodic  separation  and  reattachment  of  the  flow  are 
frequently  responsible  for  aerodynamic  hysteresis  effects. 
Such  hysteresis  is  characterized  by  a  double-valued  behavior 
of  the  steady-state  aerodynamic  response  to  variations  in  one 
of  the  motion  variables  such  as  angle  of  attack,  angle  of 


sideslip,  or  spin  rate.  Figure  16  shows  an  a-hysteresis  in  the 
variation  of  location  of  the  vortex  burst  on  a  delta  wing,21  and 
an  example  of  the  already  described  0-hysteresis  in  the 
variation  of  lateral  aerodynamic  coefficients  for  an  aircraft 
configuration.14  Figure  17  shows  an  example  of  an  0- 
hysteresis  in  iiic  side-force  coefficient  for  the  previously 
mentioned  square  forebody  with  rounded  corners'  rotating  at 
a  =  90  deg  (flat  spin).  (This  hysteresis  effect  was  not  observed 
at  a  =  75  deg  and  below,  and  even  at  a  =  90  deg  it  occurred 
only  in  a  relatively  narrow  range  of  Reynolds  number.) 
Another  illustration  of  hysteresis  effects  is  the  delayed  lateral 
motion  of  the  forebody  vonices  in  response  to  pitching 
oscillation,  as  shown  in  the  aforementioned  NAE  water 
tunnel  movie  film. 

In  the  presence  of  hysteresis  the  dynamic  derivatives 
measured  in  large-amplitude  oscillation  experiments  may 
have  two  distinct  components,  namely,  one  associated  with 
the  small-amplitude  oscillation  (i.e.,  small  enough  tc  remain 
on  one  branch  of  a  hysteresis  loop),  and  a  second  one 
representing  the  eftect  of  the  hysteresis.  This  was  shown  in 
Re'.  15  for  the  case  of  the  damping-in-roll  derivative.  The 
large-amplitude  oscillatory  results,  such  as  the  magnitude  of 
peaks  shown  in  Fig.  4  (see  Ref.  7\  often  display  an  ..iverse 
variation  with  frequency,  which  is  characteristic  of  the 
presence  of  hysteresis.  In  such  cases  it  must  be  remembered 
that  the  effective  value  of  the  derivative  will  depend  on 
whether  the  oscillation  amplitude  falls  inside  or  outside  of  the 
range  that  encompasses  the  hysteresis  loop. 


Con  fig  it  ration  Drprndeoer 

The  intricate  vortex  pattern  that  exists  around  an  uircraft 
configuration  at  high  angles  of  attack  is  very  sensitive  to  even 
small  changes  in  aircraft  geometry.  So  is  the  behavior  of  this 
vortex  pattern  on  an  oscillating  configuration.  The  forebody 
vortices  are  greatly  dependent  on  the  planform  and  the  cross- 
sectional  geometry  of  the  aircraft  nose  as  well  as  on  the 
presence  of  various  forms  of  protuberances  on  the  forebody 
(including  nose  boom!  that  may  arfect  the  stability  of  an 
existing  vortex  pattern,  give  rise  to  new  vortices  and  create 
conditions  for  strong  vortex  interactions.  The  wing  leading- 
edge  vortices,  in  addition  to  being  a  strong  function  of  the 
leading-edge  sweep,  are  also  known  to  be  greatly  affected  by 
various  leading-edge  modifications,  such  as  apex  drooping, 
discontinuities  or  contouring,  and  by  various  modifications  of 
the  wing  itself,  such  as  addition  of  wing  Iccside  fences  and 
deflections  of  leading-  or  trailing-edge  flaps.  All  of  these 
variations  of  the  geometry  of  the  wing  affect  not  only  the 
position  and  the  strength  of  the  wing  vortices  but  also  the  all- 
important  location  at  which  these  vortices  break  down. 

The  most  common  modification  of  the  aircraft  geometry 
intended  to  eliminate  cr  delay  the  onset  of  asymmetric  effects 
s  the  >isc  of  forebody  strakes.  Although,  when  used  alone. 
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these  strakes  often  prevent  the  formation  of  a  unique  vortex 
pattern  at  nonzero  sideslip,  thereby  seriously  reducing  the 
directional  stability  of  the  configuration,  they  can  be 
amazingly  effective  when  used  in  combination  with  a  suitable 
nose  geometry.  Figure  18  presents  the  effect  of  combining  a 
leading-edge  extension  (LEX),  which  can  be  considered  a 
form  of  strake,  with  a  flat,  broad  nose  (called  the  "Shark 
Nose”)  developed  by  Northrop,14  on  the  variation  with  angle 
of  attack  of  the  dynamic  directional  stability  parameter, 
C,ji)yn-  The  Shark  Nose  geometry,  together  with  LEX,  at¬ 
tenuates  the  unfavorable  local  reduction  in  that  parameter 
and  at  the  same  time  extends  this  favorable  influence  on 
stability  to  somewhat  lower  angles  of  attack.  It  has  also  been 
demonstrated  in  Ref.  14,  (but  is  not  shown  here),  that  the 
presence  of  Shark  Nose  greatly  enhances  the  directional 
stability  at  small  nonzero  angles  of  sideslip  ( 10 1  <  5  deg). 

The  effect  of  strakes  (or  leading-edge  extensions)  on 
various  dynamic  stability  derivatives  is  illustrated  in  Fig.  19. 
In  all  cases  shown,  the  addition  of  strakes  reduces  the 
magnitude  of  derivatives,  practically  eliminates  nonlinearities 
with  angle  of  attack  in  the  range  investigated  (except  for  pitch 
damping  derivative),  and  makes  (he  derivatives  almost  in¬ 
dependent  of  reduced  frequency. 22  The  dynamic  yawing 
derivatives  due  to  rolling  become  essentially  zero.  The 


Nota  1: 

With  all  aerodynamic  Croat  coupling  derivatives  equal  to  zero, 
the  ratea  p,  r,  and  4  remain  essentially  conatant  when  per¬ 
turbed  In  a;  similarly  the  rate  q  and  dr  remain  eaaentlatly 
conatant  when  perturbed  In  4- 

Note  2: 

Angular  ratea  lor  the  unperturbed  case  remain  constant  and 
are  denoted  by  pt,  q0,  r{. 


<  sec  a 


f\  \ 

ooo  - — 0 


t  SEC  I 


SHARK  NOSE  GEOMETRY 


.....  MIC 

—  —  -  isaas 
-  |aUi  ♦  e.  kit 


Wc  LEX  GEOMETRY 


«)  ■  005 


^  /  i 

it 


5  oos 


7  ~ 

- rri - i - 1  1 

1  'i  «  a,  *  Stc  • 

“r ”“i  j.“-- r.” -rtr'* 


I 

! 


5-25 


negative  damping  in  roll  (for  a>l3  deg),  in  pitch  (for 
12<a<23  deg),  and  in  yaw  (for  a>ll  deg)  completely 
disappears.  It  should  be  noted,  however,  that  the  range  of 
angle  of  attack  investigated  extends  only  to  a  =  25  deg, 
without  reaching  the  range  where  the  most  significant 
nonlinearities  may  be  expected. 

As  is  well  known,  however,  strakes  do  have  certain 
disadvantages.  Their  successful  development  for  a  particular 
application  may  require  much  trial  and  error.  They  often 
adversely  affect  the  directional  stability.  If  mounted  near  the 
tip  of  the  nose  radome,  they  may  disturb  the  radar  operations. 
The  strake  vortices  may  adversely  interact  with  aircraft 
components  farther  downstream,  such  as  air  intakes  or 
control  surfaces.  Therefore,  alternative  approaches,  such  as 
the  use  of  forebody  blowing,  forebody  deflection,  or  a 
mechanical  disturbance  on  the  forebody,  continue  to  be  of 
high  interest. 

Although  most  of  the  important  flow  phenomena  occur  on 
the  leeside  of  an  aircraft,  configuration  changes  on  the 
windward  side  may  also  have  a  noticeable  effect  on  the 
stability  characteristics  of  the  aircraft.  For  instance,  an  un- 
symmetrical  store  release  can  be  expected  to  create 
aerodynamic  cross-coupling  effects,  without  even  the 
necessity  of  flying  at  high  angles  of  attack.  The  possible 
importance  of  such  asymmetries  is  not  very  well  known  at  the 
present  time. 

Sensitivity  of  High-a  Aircraft  Motion 
to  Dynamic  Stability  Parameters 

The  need  to  introduce  the  dynamic  cross-coupiiiig  and 
acceleration  derivatives  into  the  mathematical  model,  ap 
plicable  to  flight  at  high  angles  of  attack,  increases,  in 
principle,  the  number  of  dynamic  derivatives  that  may  have  <o 
be  included  by  a  factor  of  two.  This  total  number,  however, 
can  be  significantly  reduced  if  a  judicious  selection  and 
assessment  of  the  importance  of  some  of  these  derivatives  can 
be  made.  This  is  usually  done  by  carrying  out,  on  a  computer, 
so-called  “sensitivity  studies,"  during  which  the  sensitiviiy  of 
the  predicted  aircraft  behavior  to  the  inclusion  in  the 


equations  of  motion  of  the  cross-coupling  and  acceleration 
derivatives  and  of  the  taking  into  account  the  various 
nonlinear  effects  is  examined.  Some  studies  of  this  type  have 
been  performed  in  recent  years  and  these  were  reviewed  in 
Ref.  23,  from  which  some  examples  will  be  included  here. 

Sensitivity  studies  are  usually  carried  out  by  1)  program¬ 
ming,  on  a  computer,  a  complete  set  of  equations  of  motion 
pertinent  to  a  particular  configuration  and  particular  flight 
condition,  2)  inserting  a  set  of  stability  parameters,  including, 
if  required,  some  nonlinear  effects,  3)  varying  those 
parameters  in  a  predetermined  manner,  and  4)  observing  the 
responses  of  the  variables  of  motion  to  some  form  of 
disturbance  applied  to  the  set  of  equations.  The  stability 
parameters  are  usually  varied  individually,  but  may  also  be 
studied  in  combinations.  The  difference  between  responses 
obtained  for  two  different  values  of  a  parameter  or  for  two 
different  combinations  determines  the  sensitivity  of  the 
aircraft  behavior  to  tl,  *  variation  of  that  particular  stability 
parameter  or  that  particular  combination  of  parameters. 

As  already  discussed,  both  the  cross-coupling  and  the 
acceleration  derivatives,  and,  in  fact,  most  of  the  other 
derivatives  as  well,  display  significant  nonlinear  effects  at 
higher  angles  of  attack.  Since  an  analytical  description  of  the 
variation  of  a  derivative  with  angle  of  attack  may  be  rather 
complex,  it  is  often  more  practical  to  limit  the  range  of  angle 
of  attack,  for  which  the  analytical  description  is  made,  to  the 
immediate  vicinity  of  the  equilibrium  angle  of  attack  and  to 
assume  that  the  derivative  varies  linearly  with  a  in  that 
narrow  range  of  angle  of  attack.  Such  a  locally  linearized 
derivative  can  then  be  written  as  a+b(a-ar),  when  or  T  is  the 
trim  (or  equilibrium)  angle  of  attack. 

Dynamic  derivatives  that  are  subject  to  sensitivity  study  are 
often  varied  in  a  relatively  wide  range,  such  as  from  zero  to 
perhaps  twice  the  nominal  value  including,  in  some  cases,  also 
a  change  of  sign.  It  is  important  that  during  such  a  variation 
the  remaining  derivatives  be  kept  at  their  nominal  values 
rather  than  zero,  otherwise  gross  misrepresentation  and,  in 
some  cases,  even  an  erroneous  elimination  of  the  effect  of  a 
given  dc'!vative  may  result.  Sometimes  there  may  be  some 


Fig.  21  Effect  of  C/,  ud  C„, 
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Fig.  22  Effect  of  C,t  and  C„0 
derivatives,  fighter/bomber  in 
3g  turning  flight,  rudder 
doublet  (AEDC). 
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Fig.  23  Effect  of  derivative,  yiw-io-turn  missile  in  I0g  I 
flight,  root  loatt(AEDC). 


interest  in  investigating  the  effect  of  a  whole  group  of 
derivatives  such  as  cross-coupling  derivatives,  by  including  or 
excluding  the  entire  group  all  at  once.  In  cases  involving 
composite  derivatives  it  is  often  of  interest  to  divide  (he  total 
value  between  the  two  component  parts  in  different 
proportions  and  to  insert  the  resulting  two  derivatives  at  their 
proper  place  in  the  equations  of  motion,  as  purely  rotary  and 
purely  ttme-rate-of-change  or  acceleration  effects. 

The  significance  of  cross-coupling  moment  derivatives  was 
studied  in  Ref.  24  and  is  illustrated  in  Fig.  20.  The  measured 
values  of  composite  derivatives  were  equally  distributed 
between  their  rotary  and  acceleration  parts.  The  nonlinear 
effects  were  taken  into  account  by  local  linearization.  The 
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Fig.  24  Effect  of  C/„  derivative,  ysw-lii-lurn  missile  In  tOg  turning 
flight,  roll  rate  lime  history  (AEDC). 


cross-coupling  derivatives  due  to  oscillation  in  roll  were 
unknown  at  the  lime  of  the  analysis  and,  therefore,  set  equal 
to  zero.  The  various  angular  rates  ( p.q.r.a .  and  $)  arc  shown 
as  functions  of  lime  after  an  initial  disturbance  in  the  angle  of 
attack  (Fig.  20a)  and  the  angle  of  sideslip  (Fig.  20b).  The 
constant  angular  rates  for  the  unperturbed  case  (Po,qu.r„)  are 
also  shown.  Had  the  cross-coupling  derivatives  not  been 
included,  the  rates p.  r,  and  6  in  Fig.  20a  and  the  rates  q  and  a 
in  Fig.  20E  Mild  have  remained  essentially  constant.  It  can 
be  seen  that  the  departures  of  p,  r,  and  $  in  Fig.  20a  from  then 
constant  values  is  much  largei  than  the  corresponding 
departures  of  q  and  a  in  Fig.  20b,  indicating  a  much  larger 
effect  of  the  cross-coupling  derivatives  of  the  rolling  and 
yawing  moments  due  to  pitching  than  of  the  cross-coupling 
derivative  of  the  pitching  moment  due  to  yawing.  Figure  20 
pertains  to  a  2g  turning  flight  at  a  =  33  deg. 

Studies  of  the  sensitivity  of  the  aircraft  behavior  to 
variation  of  an  individual  cross-coupling  or  acceleration 
derivative  were  carried  out  both  in  Refs.  24  and  25.  Although 
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the  two  studies  were  performed  using  two  significantly  dif¬ 
ferent  approaches,  the  results  were  quite  similar.  Some 
examples  of  the  results  obtained  In  Ref.  25  for  a 
fighter/bomber  configuration  in  a  3 g  turning  flight  are  shown 
in  Figs.  21  and  22.  In  the  study,  the  variations  in  each  suc¬ 
cessive  derivative  were  performed  with  all  the  other 
derivatives  fixed  at  their  nominal  values.  The  cross-coupling 
derivatives  were  again  based  on  the  results  of  Ref.  5,  but  were 
treated  as  purely  rotary  derivatives  in  the  equations  of 
motion.  The  acceleration  derivatives  were  based  on  data  in 
Ref.  26.  The  nominal  values  used  represented  extreme  values 
that  had  actually  been  measured  in  the  wind  tunnel  ex¬ 
periments.  The  initial  disturbance  was  introduced  as  an 
elevator  or  a  rudder  doublet. 

Large  effects  of  variations  of  both  Clq  and  C„„  can  be  seen 
in  0,  p,  and  r  motions  (Fig.  21).  These  motions  display  almost 
a  mirror  image  for  the  positive  and  negative  values  of  the 
pertinent  derivatives.  The  inclusion  of  C,q  derivatives  causes 
instability  in  the  0  and  p  motions.  However,  it  should  be 
noted  that  this  effect  is  strongly  dependent  on  the  values  of 
the  remaining  dynamic  rolling  moment  derivatives,  such  as 
C/p  and  Q,  which,  in  this  particular  example,  were  very 
small  or  zero,  respectively. 

The  motion  sensitivity  to  variations  of  Cm  derivative  (Fig. 
22)  is  quite  significant.  In  particular,  it  should  be  noted  that 
for  Cm  values  of  0.2  and  greater,  the  a,  0,  $,  and  p  motions 
show  strong  oscillatory  divergence.  Conversely,  the  negative 
value  of  - 1  of  Cm  derivative  has  a  strong  damping  effect  on 
all  of  these  metions.  By  comparison,  the  motion  sensitivity  to 
variations  in  C„p  is  less  significant. 

Additional  results,  not  shown  here,  indicate  that  most  of 
the  above-mentioned  effects  are  quite  dependent  on  the 
remaining  stability  characteristics  of  theairoaft.  The  smaller 
the  static  margin  and  the  lower  the  aerodynamic  damping, 
such  as  represented  by  C,p.  Cm.  C„„  or  C.j  derivatives,  the 
more  sensitive  the  aircraft  motion  to  the  variations  ir  cross¬ 
coupling  derivatives  and  vice  versa.  The  sensitivity  of  the 
flight  behavior  during  a  turning  maneuver  is,  in  general, 
larger  than  in  a  straight  flight. 

Although  this  paper  is  mainly  concerned  with  siability  and 
motion  of  aircraft,  a  brief  mention  has  to  be  included  about 
the  corresponding  studies  related  to  the  motion  of  missiles.  A 
comprehensive  investigation  of  missile  motion  sensitivity  to 
dynamic  stability  derivatives  has  recently  been  completed.21 
In  that  investigation  the  importance  of  dynamic  stability 
derivatives  for  the  simulation  of  motion  of  both  bank-to-turn 
and  yaw-to-turn  missile  configurations  was  examined,  using  a 
six-degree-of-freedom  linearized  stability  program. 

Among  the  most  pronounced  effects  due  to  the  variation  of 
a  dynamic  cross-coupling  derivative  was  that  due  to  the 
variation  of  Ctq  at  high  Mach  number,  high  load  factor,  and 
relatively  low  altitude.  Sample  results  showing  the  influence 
of  that  derivative  on  the  simulated  motion  of  the  yaw-to-turn 
missile  are  shown  in  Figs.  23  and  24.  It  can  be  seen  that  the 
short  period  (S/P),  dutch  toll  (D/R),  and  roll  (R)  modes  are 
quite  sensitive  to  the  variation  of  Cy,  over  the  range  ±  500  (per 
radian)  and  that  the  dutch  roll  sensitivity  increases  with  an 
increasing  load  factor  (Fig.  23).  Even  a  variation  of  Cy,  within 
a  much  more  narrow  range  (0  to  -  50)  results  in  a  large  effect 
on  the  roll  rate  time  history  (four  times  higher  roll  rates  at 
Cy,  =  -  50  than  at  Cy,  =  0),  as  shown  in  Fig.  24. 

On  the  basis  of  sensitivity  studies,  such  as  those  described 
above,  and  on  the  basis  of  some  additional  studies  included  in 
Ref.  23,  it  has  been  shown  that  the  inclusion  in  the  equations 
of  motion  of  the  cross-coupling  derivative  C y,  (and  to  a  lesser 
extent  C„)  and  of  the  acceleration  derivatives  Cw,  C*,,  and 
possibly  Cy,  may  be  important  for  the  correct  prediction  of 
the  behavior  of  aircraft  and  missiles  at  high  angles  of  attack 
(Table  2).  It  was  shown  in  these  studies  that  the  aforemen¬ 
tioned  derivatives  in  some  cases  could  have  an  effect  on  the 
pi  edict  ed  motion  that  was  as  large  as  that  of  some  of  the  well- 
known  damping  and  cross  derivatives.  It  was  also  shown  that 


it  is  important  to  be  able  to  separate  the  purely  rotary  and  the 
acceleration  derivatives  and  use  them  in  their  proper  places  in 
the  equations.  Furthermore,  it  was  found  that  the  cross- 
coupling  derivative  Cmp  is  relatively  important  for  missiles 
but  less  so  for  aircraft,  and  that  the  cross-coupling  derivative 
C,„,  appears  to  be  insignificant  in  both  of  these  cases. 

Since  the  above  studies  were  limited  in  scope  with  regard  to 
both  geometry  of  configurations  and  type  of  maneuvers, 
some  of  the  derivatives  found  Insignificant  in  these  studies 
may  become  important  in  other  situations.  For  a  new  aircraft 
or  missile  that  has  to  perform  a  variety  of  maneuvers,  the 
recommended  set  should  encompass  all  the  derivatives  found 
important,  even  if  only  once,  in  previously  examined 
situations.  In  addition,  for  a  satisfactory  prediction  of  air¬ 
craft  behavior  in  a  spin,  the  aerodynamic  coefficients  and 
possibly  also  the  static  and  dynamic  derivatives  may  be 
required  as  functions  of  spin  rate. 

Mathematical  Modeling 

The  mathematical  modeling  used  in  most  countries  at  the 
present  time  to  describe  the  aircraft  flight  history  applies 
strictly  to  flight  at  small  to  moderate  angles  of  attack,  where 
nonlinearities  are  small,  time-dependent  effects  insignificant 
and  aerodynamic  cross-coupling  nonexistent.  In  view  of  the 
complexity  of  the  aerodynamic  phenomena  reviewed  here  and 
their  effects  on  the  forces  and  moments  that  govern  the 
behavior  of  flight  vehicles  at  high  angles  of  attack,  a  much 
more  sophisticated  modeling  is  obviously  required. 

Substantial  progress  has  recently  been  made  in  this  area.  A 
generalized  formulation  which  includes  the  nonlinear  pitch- 
yaw-roll  coupling  and  nonlinear  coning  rate  is  now 
available.2'  Time-history  and  hysteresis  effects  have  recently 
also  been  included  in  that  formulation. ,5-2,  w  Among  things 
still  to  be  done  is  an  adequate  modeling  of  the  suddenness 
with  which  the  aerodynamic  reactions  may  vary  with  the  angle 
of  attack  or  sideslip.  As  already  mentioned,  in  the  presence  of 
such  sudden  and  large  nonlinearities,  the  oerivative  concept 
and  the  principle  of  linear  superposition  may  no  longer  be 
adequate  and  a  better  matheir.aticat  formulation  may  be 
needed.  One  theory  that  offers  considerable  promise  for 
adequate  representation  of  sudden  variations,  hysteresis 
effects,  and  limit-cycle  motions  is  the  bifurcation  theory,  such 
as  discussed  in  Ref.  31.  It  appears  that  this  theory  can  also 
represent  spinning  as  a  genuine  property  of  the  appropriate 
set  of  differential  equations. 

Any  advanced  mathematical  model  must,  of  course,  be 
suitably  verified.  The  verification  should  be  conducted  by 
determining  a  complete  set  of  stability  parameters  for  a 
particular  configuration,  by  predicting  a  series  of  maneuvers, 
and  by  comparing  them  with  the  actual  flight  histories.  One  of 
the  principal  difficulties  in  conducting  such  a  verification  at 
the  present  time  is  the  lack  of  complete  static  and  dynamic 
aerodynamic  data  for  the  required  test  cases. 


Table  2  Relative  significance  of  dynamic  moment  derivatives 
_ at  high  a  (preliminary  assessment ) _ 


Type  of  derivative^) 

Derivaiivc<s) 

Significant 
Aircraft  Missiles 

Direct 

c*,.  c„.  clp 

Yes 

Yes 

Cross 

Cp*  Of 

Yes 

Yes 

Cross-coupling 

Ofl»  Oay 

Yes 

Yes 

Cross-coupling 

cmp 

No 

Yes 

Cross-coupling 

Cmr 

No 

No 

Acceleration 

Cmn-  Cli-  Cy, 

Yes 

7 

Acceleration 

C.d.  cmt.  c„ 

7 

7 

Splitting  of  compoiite  derivatives  into  component  parti  and  using  the  dif 
ferent  parti  in  their  proper  place  in  the  equation!  of  motion  ii  in  many  cases 
important. 

Aerodynamic  coefficient!  and  derivatives  ns  functions  of  coning  rate  may  be 
required  for  spin  prediction. 


7 
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T*bW3  Dynamic  stability  testing  capabilities 
at  National  Aeroaaulkiu  Establishment 


Apparatus 

Primary 

motion 

Static 

derivatives 

Dynamic 

derivatives 

Pitch/yaw 

Pitching 

oscillation 

C/a»  C*a 

Clq+Ck, 

Cmq  "E 

c,,+c„4 

Pitch/yaw 

Yawing 

oscillation 

C*>-  CmS’  C«9 

ill 

Roil 

Rolling 

oscillation 

C/e  sina 

CmSsina 

C„0  sina 

C^sina 

CNf  sina 

C/p  +  C#  sina 
Cmp+C^sina 
+ Casino 
Cyp  +C^sina 
CNp  +  C^sina 

a/$ 

Plunging 

oscillation 

'■'/a*  Cma>  Li»a 

On*  C»A 

a/$ 

Lateral 

oscillation 

CIB-  CmS’  C*S 

Pitch 

(half-model) 

Pitching 

oscillation 

Cmq  ^  ^mo 

Plunge 

(half-model) 

Plunging 

oscillation 

Cma 

Cmd 

New  Dynamic  Slabiiily  Test  Techniques 

The  determination  of  a  complete  set  of  static  and  dynamic 
stability  data  for  a  test  case  of  a  high-angle-of-attack  flight 
requires  the  availability  of  test  techniques  with  the  following, 
greatly  expanded  capabilities: 

1)  To  test  at  high  angles  of  attack,  and  to  carry  the 
associated  high  loads 

2)  To  test  at  small  to  moderate  angles  of  sideslip 

3)  To  measure  dynamic  cross-coupling  derivatives 

4)  To  measure  effects  due  to  a  and  $ 

5)  To  measure  effects  due  to  coning  and  continuous  rolling 

6)  To  test  at  large  amplitude  of  oscillation,  particularly  in 
the  case  of  oscillation  in  roll. 

A  fairly  complete  review  of  existing  testing  techniques  for 
determination  of  dynamic  stability  parameters  in  a  wind 
tunnel  was  given  by  the  present  author  in  Ref.  32.  This  review 
included  the  significant  developments  that  have  taken  place  in 
the  last  few  years  at  several  research  establishments  in  various 
countries  of  the  world,  and  notably  those  at  NASA  Ames, 
NASA  Langley,  AEDC,  RAE  Bedford.  BAC  Warton, 
DFVLR.  ONERA,  and  NAE.  Since  the  development  of 
experimental  techniques  plays  such  an  impoitaiii  iu'c  in  uui 
progress  toward  obtaining  better  prediction  capabilities  of  the 
aircraft  behavior  in  high-angle-of-attack  flight,  this  topic 
clearly  deserves  to  be  mentioned  in  the  present  paper.  As  an 
example,  a  brief  account  will  be  rendered  of  the  techniques 
presently  available  at  the  NAE  in  Ottawa,  which  may  be 
considered  as  fairly  representative  of  the  new  experimental 
trends  in  this  field. 

In  Table  3  a  list  is  given  of  the  presently  available  three  full- 
model  and  two  half-model  apparatuses  that  can  be  used  to 


Fig.  25  3-DOF  dynamic  calibrator  (NAE), 


is  essentially  in  one  degree  of  freedom,  the  measurement  is 
independent  of  the  remaining  parts  of  the  equations  of  motion 
and,  therefore,  the  results  may  be  expected  to  be  valid  for  any 
formulation  of  these  equations  as  long  as  the  principle  of 
superposition  is  still  applicable. 

In  most  of  the  full-model  apparatuses  the  model  is  mounted 
on  a  balance  that  in  turn  is  atn  chcd  to  an  elastic  support 
system  capable  of  deflecting  in  the  appropriate  degree  of 
freedom.  The  primary  motion  is  imparted  by  an  elec¬ 
tromagnetic  drive  system  which  oscillates  the  model  with  a 
constant  amplitude  at  the  resonance  frequency  in  the  primary 
degree  of  freedom.  Each  balance  has  a  multicomponent 
capability  (but  always  without  axial  force)  and  is  made  in  one 
piece,  a  most  desirable  feature  for  dynamic  testing.  Each  drive 
mechanism  utilizes  a  high-current  coil  (or  coils)  moving  in  a 
strong  magnetic  field  that  is  generated  by  compact  rare-earth 
permanent  magnets.  As  a  result,  the  apparatuses  are  relatively 
slender  and  permit  testing  of  realistic  models  of  current 
aircraft  configurations.  Other  apparatuses,  employing  a 
mechanical  drive  system,  are  used  for  experiments  performed 
in  the  presence  of  large  aerodynamic  restoring  moments. 
More  details  about  the  NAE  apparatuses  and  test  techniques 
can  be  found  in  Refs.  32  and  33. 

The  high  complexity  of  the  aforementioned  techniques  and 
the  lack  of  any  previous  data  on  some  of  the  recently  iden¬ 
tified  dynamic  derivatives  made  it  necessary  to  develop  a 
system  that  would  independently  verify  the  validity  of  the 
experimental  technique  and  data  reduction  methods  em¬ 
ployed.  The  same  system  was  also  conceived  as  a  diagnostic 
tool  to  identify,  on  a  regular  basis,  equipment  faults  or 
software  errors.  A  pictorial  view  of  such  a  system  developed 
at  NAE  and  called  a  dynamic  calibrator  is  shown  in  Fig.  25. 
The  aircraft  model  is  replaced  on  the  dynamic  stability  ap¬ 
paratus  by  a  special  calibrating  frame  (or  “rotor"),  w  hich  is 
then  oscillated  in  the  primary  degree  of  freedom  by  the  drive 
mechanism  of  the  apparatus.  The  inertia  characteristics  of  the 
rotor  duplicate,  at  least  approximately,  the  inertia  charac¬ 
teristics  of  the  model,  resulting  in  a  similar  dynamic  response 
of  the  rotor  and  of  the  model  in  all  three  degrees  of  freedom. 
The  three  oscillatory  aciodynamic  moments,  that  act  on  the 


study  the  primary  oscillations  In  five  degrees  of  freedom, 
providing  means  to  determine  all  the  moment  derivatives  and 
some  of  the  force  derivatives  associated  with  these  motions. 
Both  static  and  dynamic  derivatives  are  included  and  the  list 
encompasses  the  direct,  cross,  and  cross-coupling  derivatives, 
as  discussed  previously.  It  should  be  noted  that  in  all  cases  the 
derivatives  are  obtained  from  a  direct  measurement,  which  is 
based  only  on  an  assumed  relation  between  the  aerodynamic 
reaction  measured  and  the  causative  primary  motion.  Often 
th;  'elation  is  linear,  but  can  be  replaced  by  a  nonlinear  or 
hi  :r-order  formulation  if  the  need  arises.  Since  the  motion 


oscillating  model  during  a  wind  tunnel  test,  are  simulated  by 
accurately  known,  electromagnetically  induced,  alternating 
loads,  whose  phase  and  amplitude  can  be  adjusted  at  will.  A 
comparison  between  the  known  applied  loads  and  the  outputs 
of  the  dynamic  stability  apparatus,  obtained  by  processing  the 
balance  dam  and  other  relevant  information  by  means  of  the 
same  procedure  as  In  the  wind  tunnel  experiments,  provides 
an  overcll  calibration  of  the  technique  and  of  all  the 
mechanical  and  electronic  systems  involved.  Other  dynamic 
calibrators,  simpler  but  based  on  similar  principles,  have  been 
developed  for  the  half-model  dynamic  apparatuses. 
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When  conducting  dynamic  experiments  in  a  wind  tunnel, 
careful  attention  must  be  given  at  all  times  to  minimizing 
and/or  correcting  for  the  inevitable  static  and  dynamic  sting 
interference  effects.  These  problems  were  extensively 
discussed  In  Refs.  34  and  3$.  Also  of  great  concern  is  the 
possible  seriousness  of  Reynolds  number  effects.  At  high 
angles  of  attack  the  aerodynamic  characteristics  are  often 
dominated  by  separated  flow  effects  and  it  is  known34  that  the 
boundary-layer  transition  process  may  also  depend  on  the 
vehicle  motion.  Hence  the  possibilities  for  simulating  flight 
Reynolds  numbers  by  means  of  boundary-layer  tripping 
devices  in  subscale  dynamic  experiments  (as  often  proven 
successful  in  static  experiments)  are  more  limited.  No 
universally  accepted  simulation  methods  seem  to  exist  at  the 
present  time.  Very  few,  if  any,  reliable  comparisons  of 
dynamic  derivatives  obtained  at  high  angles  of  attack  in  flight 
and  in  wind  tunnel  are  available,  and  those  that  do  exist  may 
easily  be  affected  not  only  by  the  difference  in  the  Reynolds 
numbers,  but  also  by  support  interference  problems  in  wind 
tunnel  testing  on  the  one  hand  and  the  need  for  a  preconceived 
mathematical  model  and  a  practical  (not  too  large)  number  of 
the  unknown  parameters  (to  be  solved  for)  in  flight  testing  on 
the  other.  It  is,  therefore,  rather  difficult  to  draw  any  definite 
conclusions  as  to  the  seriousness  of  the  problem.  There  are 
some  indications,  however,  that  in  many  cases  the  dynamic 
behavior  of  the  aircraft,  as  observed  in  flight  tests,  drop 
model  tests  and  spin  tunnel  experiments,  shows  a  fair  overall 
agreement,  despite  the  large  differences  in  test  Reynolds 
numbers. 14,37  Any  such  observations  are  likely  to  be  strongly 
dependent  on  the  configuration  being  tested. 

Concluding  Remarks 

In  this  paper  a  review  was  presented  of  some  of  the 
aerodynamic  phenomena  associated  with  the  dynamic 
behavior  of  an  aircraft  flying  at  high  angles  of  attack  and  of 
the  various  effects  that  these  phenomena  have  on  the  dynamic 
stability  parameters  of  aircraft  or  missiles  at  those  flight 
conditions.  Although  only  very  limited  quantitative  in¬ 
formation  on  these  effects  is  available  at  the  present  time,  an 
attempt  was  made  to  offer  a  tentative  assessment  of  the 
relative  significance  of  the  various  effects  and  parameters. 
The  deficiencies  of  the  commonly  used  mathematical  models 
of  the  aerodynamics  of  high-angle-of-attack  maneuvers  were 
pointed  out  and  the  need  was  postulated  for  the  development 
and  verification  of  more  sophisticated  models  that  would 
probably  have  to  include  significant  nonlinearities,  hysteresis, 
some  aerodynamic  cross-coupling,  and  some  time-dependent 
effects.  Finally,  developments  in  the  wind  tunnel  techniques 
needed  to  provide  the  aerodynamic  inputs  required  for  such 
more  advanced  mathematical  modeling  were  discussed  and 
illustrated  by  examples  of  some  of  the  novel  techniques  that 
have  been  developed  at  the  author's  laboratory. 
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GENERAL  REMARKS  n/firr*Q^  u  <ni«wu^ 

MM  Vino  .  ^  \  ,  j 

The  design  of  a  cosbat  aircraft  canhdt  We11  left  to  ‘a  pura  trial  and  error  design  whsn  a  definite 
perforaancs  target  is  precissly  defined.  It  is  obvious  that  there  i oj a  large  variation  in  the  possible 
aerodynaaic  aircrafy  shapes  having  the  internal  voluae  requWed  for  fuel,  engine;,  equipment  and  weapon 
syetea  accomaodation,  Aaong  ali  poeeible  ahapeey  the  "beat"  a)  «ft‘  will  have  definite  advantages  over  a 
poor  design  in  terms  of  performance -for  a  given  Cost  or  irt  terpi'^r  tbst  -for  givfcn  perforaancs.  Inaglns  that 
the  best  (In  that  aeaning)  aerodynaaic  definition  Is  ”toT»  left  to  experienced  designers  in  ths  design 
office,  that  is  no  longer  efficient  vhen  efficient  theoretical -experimental  processes  of  optimisation  are 
available  in  ths  aerospace  industry.  4_  _ _ _ _ 

We  successively  present  what  is  the  state  of  Art  of  the  reflexion  and  application  of  optimisation  i.e.  the 
optimisation  targets  and  the  optimisation  tools  and  survey  some  actual  results  and  perspectives  in  the  combat 
aircraft  design. 


THE  OPtlMlSATlON  TARGETS 
1.1  -  Problem  statement  for  aircraft  and  : 


■■r.t  ‘  toe"  1  ); 


station  to  fighterrs 


It  h  well  known  that  the  heavier  than  air  vehicles  are  subjected  to  hard  requirements  on  weight 
reduction  and  that  experlen6*  6f  design  may  'always  put  a  figure  larger  than  5  to  the  weight  amplification  factor 
that  relates  the  increase  of  a  firtal  design  Weight  to'  an  Initial’ variation  of  mass  Of  a  component  for  the  same 
performance  level  of  the  initial  and  final  aircraft.  That  sensitivity  factor  is  crucial  in  the  design  of 
‘Any  new  alrdraft.  If  that  figure  increases  to  a  value  as  high  as  10,  that  means  that  the  corresponding  requirement 
'Will  be  excessively  difficult  to  fulfill  but  if  it  decreases  to  a  value  as  low  as?  It  means  that  the  design  Is  Drobably 
t>*o  conservative.  Typlcally'the  later  figure  cAn  be  related  to  a  rough  Vehicle  (basld  trainer  or  utility  aircraft!  and 
-ie  former  to  a  limit  of  aircraf  t  technology  (vertical  take-off  and  landing  with  difficult**  to  fulfill  performance 
•’requirements).  ’  '  •'  1  ■'  ’  ^  •, ,  >’  ■  /  ■;  •  <• 

If  the  performance  requirements  allow  only  that  the  useful  payload  P  is  a  part  of  the  total  take-off 
weight  If  generally  implies  that  an  extra  weight  has  to  be  considered  as  a  payload  Increase  and  In  that  case  W/P 
give*  the  weight  amplification  factor,  the  figure  being  lower  If  there  is  an  extra  deoenderrt  requirement  (fuel, 
'  load),  durrent  practice  gives  the  name  of  "snowball  effect"  to  the  consequences  of  errors  in  weight  estimation  in 
ths  prwllainaxy  dssign  phases  of  a  naw  aircraft 

That  figure  gives  an  idea  of  the  gain  obtained  by  an  efficient  optimisation  process. 

■  For  4  glvPn  aerodynamic  shape,  It  Is  possible  to  design  a  family  of  aircraft  that  have  homogeneous 
qualities  ot  constraints  and  thatcan  be  expressed  as  a  parameter  approximation  of  main  variables.  Generally  one 
chooses  a  geometric  simllltary  factor  for  volume  V  (fuel  and  usable  volume  requirement),  for  lifting  surfaces  A 
and/dr  vertical  lift  capabilities  (CTOL  or  VTOL),  expressed  as  a  reference  area  parameter  and  an  acceleration 
capability  duO'  to  the  engine,  expressed  as  a  thrust  T  or  thrust  to  weight  parameter).  The  family  of  studied 
projects  allows  the  possibility  of  drawing  domains  of  acceptable  aircraft  in  the  fulfillment  of  performance 
requirement.  A  n  parameter  diagram  gives  the  weight  of  an  aircraft  for  a  given  useful  volume,  lifting  capabilities 
(surface  area),  acceleration  capabilities  (thrust  of  the ’engines)  (figure  I) 
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Generally  the  minimum  weight  can  be  obtained  with  the  minimum  volume,  and  the  different 
performance  requirements  can  be  expressed  in  non  dimensional  requirements  T/W,  W/A  and  can  be  selected  as 
requirements  for  capabilities  In  take-off  and  landing,  subsonic  acceleration,  supersonic  acceleration,  fuel 
requirements  for  main  missives,  manoeuvering  capabilities  sustained  or  maximum.  It  is  often  possil  :  to  reduce  to 
a  bidlmensional,  easily  tractable,  diagram  of  selection  of  main  parameters  T/W,  W/A  with  forbiden  domains  for 
each  requirement  (figure  2) 


Acceptable 

domain 


Unacceptable 
domain  due  to 
a  requirement 


The  main  interest  of  such  a  presentation  is  the  selection  of  the  most  stringent  requirements  and  the 
aerodynamic  characteristics  of  utmost  importance.  The  size  of  an  acceptable  aircraft  domain  can  be  zero  or  very 
small  for  certain  aircraft  aerodynamic  shapes.  At  that  stage,  the  alternative  is  the  following  : 

-  the  raquirvaents  are  to  be  changed  due  to  their  inadequacy  to  the  "State  of  Art", 

-  or  the  aerodynes! c  choices  that  have  been  naintained  homogeneously  in  the  faaily  of  aircraft  on  the 
basis  of  that  diagram  is  no  longer  acceptable.  The  aircraft  manufacturer  has  to  survey  aii  the  "innovative"  designs 
that  he  can  collect  in  order  to  check  if  any  is  not  the  only  answer  to  the  problem. 

Many  times  in  the  past,  the  customer  (Air  Force)  had  to  decide  if  the  innovative  design  mu  acceptable  or 
"risky"  before  reducing  the  requirements  to  a  level  that  can  be  attained  by  refinement  of  current  design  or 
acceptable  technology  steps.  For  exemple  the  approach  speed  constraints  on  a  carrier  for  naval  fighters  has  been 
solved  many  times  In  the  past  by  blowing  flaps,  but  Super-Etendard  high  lift  optimised  devices  had  superseded 
ancient  blownflaps  technology  with  a  pure  mechanical  system  at  lower  cost  and  same  performance  as  biownflaps 
prototype. 


! 
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Being  condous  of  that  preliminary  loop  of  optimisation  that  select  potential  aerodynamic 
configurations  and  their  critical  performance  ievei  and  continuous  iteration  between  the  designer  and  the 
customer  for  selecting  realistic  objectives  we  can  survey  the  criteria  and  constraints  of  any  aircraft  shapes 
optimisation. 

1.2  -  Criteria  for  optimisation 

The  direct  criteria  for  customer  of  a  combat  aircraft  is  how  to  maintain  an  air  superiority  in  a  warfieid 
Inside  an  budgetary  envelope.  On  one  hand  the  competition  at  the  top  of  air  superiority  can  be  expressed  after 
long  studies  in  true  flights  or  combat  simulations  as  requirements  on  mission,  performance  and  weapon  system,  aii 
things  that  are  connected  to  menace  estimation  j  on  the  other  hand  the  budget  envelope  gives  an  acceptable  size 
for  the  combat  vehicle  if  the  number  of  vehicles  in  the  battle  is  given  at  its  lower  acceptable  figure. 

So  the  cost  function  of  the  optimisation  is  generally  also  the  true  cost  or  any  related  quantities  as  the 
total  weight  of  the  combat  aircraft.  We  can  reformulate  the  general  optimisation  diagram  of  the  projected 
aircraft  in  two  steps. 

In  the  fi-st  step,  we  can  graduate  the  acceptable  domain  in  cost  function  (for  example  weight)  and 
select  the  optimum  point  for  a  given  aircraft  family  and  a  given  aerodynamic  quality  ievei  (figure  3) 
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In  tne  second  step,  we  can  select  optimum  points  and  express  the  cost  function  as  a  variable  with  the 
level  of  excellence  of  any  aerodynamic  characteristics.  We  can  also  notice  that  the  aircraft  with  minimum  weight 
has  a  minimum  volume  so  Is  constrained  severely  as  we  •'hall  discuss  later.  We  can  plot  the  minimum  weight  as  a 
function  of  the  aerodynamic  efficiency  (figure  4)  for  the  critical  performance  boundaries  corresponding  to 
optimum. 


Cost  function 


In  the  new  diagrams,  the  acceptable  W/A  varies  because  it  is  In  fact  W/ACL  and  CL  'lift  ior  a  given 
performance)  is  improved,  or  T/W  varies  because  the  drag  to  balance  decreases  (for  a  given  performance  CzL  It  is 
clear  that,  for  the  two  limits  that  interest  at  the  critical  point  can  be  shown  in  T/W,  W/A  diagram  If  aerodvnamic 
efficiency  improves.  The  limit  of  Improvement  is  given  by  the  optimisation  process  and  also  the  appearance  of 
new  boundaries  that  was  not  critical  in  the  original  design.  The  ideal  situation,  where  all  the  characteristics  are 
critically  optimum,  Is  not  usual  but  the  improvement  of  the  most  critical  ones  (the  boundaries  near  critical 
boundaries)  is  necessary  if  we  keep  in  rr.ind  that  during  the  long  life  of  tne  actual  aircraft  (longevity  more  than 
20  years  for  Mirage  3  derivatives)  the  criteria  can  vary  a  lot. 

We  have  to  add  to  the  obvious  optimisation  in  cost  (Minimum  of  structural  weight,  of  engine  size,  ...) 
the  necessary  optimisation  in  survivability  by  reducing  the  visibility  (Radar  or  infrared  cross  section)  the 
intolerance  to  damage  (redundant  manoeuver  flaps,  damage  tolerant  aerodynamics ...)  and  limitation  to  external 
load  or  weapons  installations. 


1.3  -  Constraints  for  optimisation 

In  the  same  way,  as  the  combat  aircraft  design  had  actually  been  oriented  forward,  the  optimisation  of 
its  general  characteristics,  in  the  same  way  the  geometrical  constraints  had  been  systematically  expressed  on  all 
the  characteristics  phasis  of  the  flight. 

The  first  constraints  are  connected  to  operational  requirements  for  visibility,  ^or  t  pilot,  It 
corresponds  to  an  envelope  of  head  position,  that  gives  a  sufficlant  visibility  in  all  directions,  being  evident  that 
the  front  view  Is  the  more  stringent  on  the  shape  of  the  nose  and  canooy  and  rear  view  on  the  restraint  area 
distribution  after  maximum  height  of  the  cabin.  For  the  radar,  an  antenna  overall  dimension  is  required  with  a 
preference  for  axisymetric  well  oriented  radome  j  for  counter  measure  equipments,  the  capability  to  cover  all 
directions  with  a  reduced  number  of  antennas  puts  in  critical  positions  on  the  aircraft  fwing  tip  or  fins  ...).  The 
gun  trajectory  line  is  also  a  type  of  visibility  requirement. 

The  constraints  given  by  landing  ground  clearance  or  weapons  ground-aircraft  clearance  are  particularly 
Important  for  the  general  fuselage  camber  and  diedral  or  height  of  wing  attachment  and  for  carriage  location. 

All  that  constraint  requirements  have  to  be  correctly  weighted  against  their  cost  In  drag  or 
performance  for  optimum  and/or  realistic  selection  of  shape  (figure  5) 
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We  have  also  to  add  the  requirements  for  structural  stiffness  or  resistance  (static  or  unsteady  flutter 
limitations). 

1.4  -  Local  and  domain  optimisation 

One  main  characteristic  of  combat  aircraft  versus  commercial  or  transport  aircraft  Is  the  emphasis  put 
on  the  flight  envelope  extension.  It  is  possible  to  summerize  the  optimisation  of  transport  aircraft  as  a  3  points 
optimisation  plus  connected  extreme  attainable  safe  flight  limits  : 

-  take  off/ianding  optimisation  for  the  norm  requirement  of  one-engine-out  operation  (L/n)  with  given 
stall  margin  (CL  max), 

••  one  engine  out  celling  with  stall  margin, 

-  cruise  optimisation  (short  or  iong  range)  MxL'D  with  margin  on  compressibility  buffet  boundary.  The 
envelope  of  flight  is  limited,  but  the  main  optimisation  concern  Is  L/D  in  cruise  (consumption^  and 
take-off  (payload  and  fuel  weight  limitation). 

Exactly  on  the  opposite  side,  the  trend  for  combat  aircraft  is  to  enlarge  the  flight  envelope,  well 
beyond  a  margin  on  sustained  flight  envelope,  so  the  optimisation  of  main  performance  points  does  not  preclude 
any  extreme  points  on  maximum  flight  envelope  (figure  6) 


2.  THE  OPTIMISATION  TOOLS 

The  tools  in  use  in  aerospace  industry  for  optimisation  of  aerodynamic  shapes  are  specific  to 
optimisation  problems  (mathematics,  numerical  analysis)  but  aiso  to  Industry  constrained  geometry  and 
aerodynamics  (non  linear  flows  problems). 

2.1  -  Constrained  geometry 

The  geomety  data  base  in  common  use  in  aerospace  industry  is  made  of  patch  i.e.  the  surface  of  the 
aircraft  is  subdivided  in  small  quadraguiar  or  triangular  patches,  each  one  has  Its  own  analytical  definition  of  the 
surface.  The  typical  number  of  patches  ranges  vary  from  2  000  to  20  000.  The  choice  of  that  tvpe  of  definition  has 
been  gradually  generalized  for  taking  in  account  local  modifications  of  shapes  during  the  development  phasis  of 
the  geometric  shape  of  the  aircraft  (same  choice  in  automotive  industry  and  now  In  any  CAO  general  puroose 
program).  If  the  idea  of  dividing  the  surface  of  the  aircraft  in  small  parts  easier  to  handle  Is  onlv  a  rational  or 
cartesian  necessity,  the  requirement  of  easy  expression  for  constrained  geometry  is  not  alwavs  perceived  at  Its 
true  importance.  However  all  the  constraints  in  f  1.3  would  be  difficult  to  fulfill  If  no  explicit  way  of  satisfy  them 
was  at  the  disposal  of  the  aerodynamic  designer.  So  expressing  that  shap?  at  a  point  or  a  normal  vector,  or  a  local 
curvature  given  is  to  be  expressed  explicitly  and  the  family  of  geometric  shaoes  that  has  a  given  constraint,  must 
be  swept  as  an  internal  loop  necessary  for  the  cost  function  evaluation  with  some  aerodynamic  based  criteria,  tr 
can  sum  up  the  particular  set  of  geometric  subroutines  that  can  be  operated  by  the  optimizer  s 

-  Be  piecewise  continuous  at  the  ievei  required  by  fluid  mechanics  (continuin'  in  curvature  for 
transonic  analysis) 

-  Be  patch-like  distributed 

-  Be  able  to  express  any  constraint  on  point,  tangency  and/or  curvature  at  any  given  set  of  points 

-  Be  continuous  for  a  variation  of  any  constraint  and/or  limit  of  patches 

-  Be  as  near  as  a  given  error  of  any  continuous  shape  (ability  to  approximate  at  a  given  precision  anv 
curve  or  surface  with  a  small  number  of  patches). 


A 
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The  AMD-BA  system  for  constraint  geometric  optimisation  Is  based  on  point,  tangent  vector  and 
tangent  elllpsofd  fixation  at  the  vertex  of  quadrangular -triangular  patches  and  a  unique  definition  of  Internal 
surface  with  smothness  subset  of  polynomlcs  amongst  the  canonic  system  of  polynomial  approximation  for  given 
vertex  and  boundary  lines.  We  had  the  possibility  of  any  deformation  of  the  space  (point,  tangent  and  curvature! 
that  allows  the  simple  camber  or  torsion  effect  very  useful  for  plate  or  stick-llke  objects  as  wing  and  fuselage. 

The  connexion  between  different  points  has  to  be  expressed  also  In  the  same  way  so  that  the  family  of 
surfaces  can  Include  for  example  the  variable  camber  obtained  by  deflection  of  a  flap  sliding  on  a  rounded  leading 
edge  without  gap  (figure  7) 
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Figure  7 


Family  of  cambered 
wing 


2.2  -  General  manual  -  automatic  optimisation  procedure 

The  author's  experience  confirms  that  the  business  of  defining  beforehand,  what  Is  good  and  what  is 
feasible  or  admissible,  Is  difficult.  We  know  that  a  good  engineer,  familiar  with  any  approach  to  problem  solving  is 
ai>  Intuitive  optimizer.  He  knows  how  to  adjust  2  to  3  parameters  to  reach  within  5  %  a  physically  meaningful 
objective  model  with  the  following  restrictions  i 

-  he  must  have  worked  for  a  long  time  with  the  system, 

-  the  new  optimisation  does  not  Introduce  any  new  phenomena  or  non  linearities  that  he  does  not  have 
the  habit  to  handle, 

-  the  problem,  sutflcientiy  elliptic  and  linear  for  interpolation  and  even  extraooiation,  can  succeed  In 
an  Intuitive  Newtoo-llke  procedure. 

In  fact  the  good  engineer  Is  very  efficient  for  extracting  subcriteria  from  an  Imprecise  criterion,  and 
selecting  approximate  pseudo-optimal  solutions.  The  Inclusion  of  such  criteria  in  a  more  general  criterion  Is  a  very 
difficult  task  from  the  mathematical  point  of  view  (pseudo -opt  I  mum  problems!,  as  the  systematic  constraint 
selection. 

2.3  -  Mathematical  tools 

For  elliptic  problems  a  detailed  analysis  of  the  mathematical  tools  is  given  In  the  book  of  PiRONNFAl  i 
(ref.  1).  We  can  generalize  the  results  to  hyperbolic  flows,  but  the  existence  of  theoretically  well  defined  method 
is  dubious  and  it  Is  better  to  understand  well  that  the  optimal  design  is  for  a  long  time  reserved  to  purely  elliptic 
cases,  where  It  could  be  very  efficient  if  the  mathematical  complexity  not  preclude  the  systematic  programming 
effort  for  specific  applications.  We  can  separate  the  optimal  shape  research  in  direct  optimal  design  as  described 
by  P1RONNFAU  and  the  french  school  of  numerical  analysis  and  cxplicite  Iterative  research  of  minimisation  of  a 
cost  function  without  any  information  on  the  direction  of  the  descent 
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We  can  sum-up  the  different  methodologies  as  follows  : 

Optimum  design 

a)  The  criterion  can  be  differentiaded  relatively  to  a  variation  of  the  boundary,  giving  the  possibility  of  using 
Newton's  method,  or  the  steepest  descent  or  the  conjugate  gradient  method.  The  last  method  is  the  most 
efficient  only  if  the  constraints  have  no  direct  Influence  on  the  solution  (the  subset  of  constraints  points  is 
very  small  compare  to  the  free  boundaries). 

b)  The  criterion  can  be  expressed  as  an  optimal  control  of  distributed  systems  (cf  ,_I-)NS  1971  ref.  2)  if  the 
problem  can  be  expressed  m  a  variational  formulation  and  consequently  the  gradient  of  the  solution  can  be,  in 
the  same  way,  expressed  with  the  adjoint  of  the  original  problem,  that  gives  a  formulation  for  the  natural 
cost  function  of  the  aerodynamic  problem.  Generally  speaking,  such  a  method  is  well  adapted  to  Finite 
Element  approach  and  has  the  advantage  of  giving  the  exact  optimal  shape  if  it  exists. 

Optimum  approximation 

c)  Assuming  that  we  have  a  family  of  geometric  shape  functions  of  n  parameters,  the  research  cf  an  optimum 
approximation  is  a  current  optimisation  procedure  with  these  n  parameters.  A  set  of  2  n  tests  for  initial  cost 
function  estimation  gives  with  some  accuracy  the  shape  of  the  cost  function  and  the  problem  Is  to  try  to  find 
the  lowest  value  of  the  cost  function  by  test  and  error  and  reajustement  of  the  shape  of  the  cost  function 
with  all  the  intermediate  results. 

d)  In  the  case  of  explicit  constraints,  that  cannot  be  included  inside  the  geometric  family,  it  is  necessary  to  add 
to  that  procedure  a  selection  of  surfaces  of  constraints  or  to  penalize  the  cost  function  with  the  errors  on 
constraints  requirements.  Such  a  procedure  is  computation  time  or  programmer  time  consuming.  That 
explains  the  important  of  abitility  to  generate  a  geometric  family  of  surfaces  directly  including  all 
constraints  with  the  minimum  of  parameters. 

The  main  difference  between  procedure  a  and  c  is  the  ability  for  expressing  the  local  gradient  of  the 
cost  function  for  a  variation  of  the  boundary.  That  expression  is  usually  easy  with  linear  approach  and  is  of 
common  use  in  incompressible  optimal  shape  design.  Probably  the  best  approach  is  the  integral  method  and  the 
classical  method  for  incompressible  definition  is  well  detailed  in  LAHRUYERE  (ref.  3)  which  uses  a  Newton 
method  for  fast  convergence  to  the  prescribed  Cp  pressure  coefficient  shape  adjustement  (figure  %) 


Figure  8 


U)  A  r foil 


The  main  interest  of  direct  optimisation  of  physical  meaningful  parameters  is  the  knowledge  given  to 
the  true  sensibility  of  each  geometrical  parameters  by  the  cost  function  derivatives  estimated  from  the  shape  of 
the  cost  function.  Such  derivatives  give  a  direct  idea  to  the  designer  of  the  final  aircraft  shape  for  a  given  cost 
function.  If  there  are  charges  of  constraints  such  sensibility  can  give  the  wav  for  better  optimisation.  give,  on 
the  figure  9,  a  typical  data  collection  of  sensitivity  and  descent  problems  that  is  the  indicator  of  an  optimisation 
process  in  the  case  of  a  complex  non  differentiable  cost  function.  Such  c  or  d  methodologies  are  alone  for  giving 
direct  optimisation  of  truly  interesting  cost  function  like  the  aerodynamic  drag  or  transonic  flow  optimisation. 


2.9  -  Highly  non-linear  optimisation 


Everybody  knows  that  there  cannot  be  uniqueness  of  solution  of  potential  or  viscous  flows  in  transonic 
regime  or  in  highly  viscous  flows.  One  of  the  way  of  "innovative"  aerodynamic  design  is  to  charge  the  flow  in  a 
discont  nuous  way  as  a  function  of  the  geometric  parameters.  Such  a  discontinuity  can  arise  either  of  the 
discontinuity  in  the  position  or  the  number  of  the  shock  waves,  or  of  the  discontinuity  in  the  position,  or  the 
number  of  the  vortex  cores  fed  by  the  separation  on  the  aircraft  at  high  angle  of  attack.  One  of  the  main  reason 
for  such  a  discontinuity  as  to  be  search  in  the  very  complex  evolution  of  shock-wave  or  separation  lines  with  the 
angle  of  attack  or  the  Mach  number.  If  we  follow  the  position  of  such  a  discontinuity,  it  can  haooen  that  some 
evolution  are  instable  (a  new  deplacement  is  not  stable  for  a  small  perturbation  in  another  or  in  the  same  area  of 
the  aircraft).  For  the  transonic  case,  it  Is  possible  for  example  to  follow  by  computation  the  instable  branch  of 
Cz  vs  a  and  curve  of  transonic  discontinuity  of  some  wing  sections  (figure  9) 
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If  we  are  able  to  make  a  complete  survey  of  all  the  different  types  of  flow  pattern  In  transonic  and, 
more  interestingly,  in  separated  vortical  flows  and  to  associate  a  cost  function  with  that  different  flows,  then  the 
innovative  design  at  high  angle  of  attack  could  be  optimized.  We  can  give  for  example  the  fo.lowing  logic  tree 
(fig.  10-A)  s 


Incoherent  wake  — -  V>  Coherent  wakes 
(increase  the  induced  depression! 

S  \  ^ 

One  single  vortex  Double  vortex  Triple  vortex 

Increased  stability  Increased  stability  Too  complex  configuration 


We  can  hooe  to  optimise  numerically  leading  edge  shapes  for  optimal  lift  at  given  high  angle  of  attack 
by  a  correct  selection  of  the  good  hole  in  the  descen'  process  (fig.  I0-B). 
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.  SOME  APPLICATIONS  IN  COMBAT  AIRCRAFT  DESIGN 


3. 1  -  General  procedures 

The  process  of  optimisation  of  complete  aerodynamic  shape  is  now  starting  in  some  major  design 
department.  It  Is  limited  only  by  computational  capabilities  and  cost  and  Indeed  by  the  numerical  moderation  of 
complex  flowfields. 

When  the  optimised  cost  function  is  complex  (non  linear,  l.e.  drag,  or  relative  to  deformable  geometry, 
like  flaps)  and/or  the  equation  to  be  modelised  is  highly  non  linear  (transonic  or  separated  vortical  flows)  the 
procedure  Is  necessary  of  the  c  type  described  previously  in  2.4.  The  gradient  of  the  descent  is  not  tractable  and 
the  cost  function  is  defined  by  successive  tests  and  interpolations  of  2  or  more  times  the  number  of  parameters. 
The  minimum  number  of  definition  of  a  complex  surface  is  of  the  order  of  10  to  20  and  the  iteration  process 
requires  generally  20  to  40  tests.  The  bottom  of  the  valley  or  hole  of  optimum  shape  is  obtained  by  classical 
optimisation  algorithm  which  fits  a  continuous  approximate  polynomial  Within  the  calculated  points.  The  AMH-RA 
program  developed  by  Philippe  PERRIER  (ref.  4)  is  highly  efficient  due  to  the  use  of  low  order  polynomial 
approach  (quadratic)  with  an  exclusion  of  irrelevant  points  by  limitation  to  the  best  neighbourhood  of  the  solution. 
Such  a  procedure  is  useful  for  highly  non  linear  problems  that  implies  narrow  valleys  of  optimum  relation  between 
parameters  expressing  continuity  requirements  on  all  the  shape.  Another  way  is  to  use  "natural"  oarameterisation 
i.e.  selection  of  a  bas?  of  surface  equations  that  are  continuous  on  ail  the  surface.  The  minimum  requirement  is 
then  to  have  an  orthogonal  succession  of  shapes  for  avoiding  high  frequency  harmonics.  Some  authors  have  used 
TCHEBYTCHEFF  series  (because  Fourier  series  are  generally  of  poor  efficiency  and  the  expression  of  constraints 
is  costly  or  cumbersome).  On  the  other  hand,  some  of  them  have  used  a  basis  given  by  existing  current  design 
shapes  for  which  they  try  to  select  weighting  parameters. 

Such  a  procedure  can  be  generalised  to  optimisation  of  wind-tunnel  results  for  a  set  of  different  shapes 
but  that  way  of  iteration  Is  ineffective  because  the  experimental  errors  generaly  exclude  precise  selection  of 
optimum  shapes.  Generally  the  optimisation  in  wind-tunnel  is  limited  to  human  direct  selection  and  had  to  be 
reserved  to  selection  of  slowly  varving  characteristics  or  complex  flows  optimisation  with  a  few  number  of 
geometric  parameters  (flap  deflection,  sweep  or  diedral  effects,  position  of  canard  ...).  The  main  interest  of 
numerical  optimisation,  and  Its  complementary  position  versus  experimental  one,  is  precisely  the  high  accuracy  of 
optimisation  process.  It  becomes  possible  with  it  to  made  comparison  of  equally  optimised  shapes,  that  otherwise 
could  be  difficult  because  of  the  confusing  mixture  of  Influence  of  out  of  optimum  and  general  trend  due  to 
wanted  parameter  variations.  For  example,  it  is  well  known  that  the  direct  wave  drag  comparison  in  transonic  of 
two  different  designs  of  combat  aircraft  Is  impossible,  if  the  optimisation  processes  have  not  been  previously 
applied  to  the  first  drawing. 

3.2  -  Some  2D/3D  examples 

The  main  activity  of  optimisation  in  the  transport  aircraft  design  was  oriented  to  the  selection  of  wing 
sections  and  such  an  exercice  has  given  the  opportunity  of  comparing  the  different  optimisation  procedure  on 
simple  cases.  We  give  on  the  following  figure  11  the  result  of  A NCR AND  fr«*f.  3)  for  optimum  wing  section  with 
the  pressure  distribution  presented.  Such  a  F.E.M.  optimum  design  computation  can  give,  with  grid  reflrements,  an 
extremely  precise  design  but  with  limited  applications.  One  example  of  effective  use  of  such  a  procedure  can  be 
the  design  of  a  nozzle  with  an  optimum  flow-field  (cf.  P1RONNEAU  -  ref.  1) 


Figure  1 1 


Same  types  of  result  have  been  obtained  on  an  integral  f sources  and  sinks'  solution  of  Laolare  equation  : 
find  the  multi-element  airfoil  having  given  pressure  distribution.  LARRUYERP  gives  some  results  of  such 
procedure  with  Newton  Iteration  on  a  differentiable  cost  function,  without  constraints  on  closure  or  thickness. 
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The  complexity  of  non  differentiable  equation  can  be  seen  on  the  example  of  research  of  the  optimum 
shape  of  a  combat  aircraft  wing  section  at  high  sweep  angle  (55*)  in  transonic  regime  (M=1.2)  with  variable 
leading  edge  devices.  The  cost  function  is  the  wave  drag,  't'e  give  one  over  20  iteration  procedure. 


OPTIMISATION  MACH  0.9  Cz,  1,10/0.80  OPTIMISATION  MACH  1.2  07.0,60/0,1.0 

CltCHt  S !*/«'  PIECHC  53*/«‘ 


Figure  13 
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That  3D  problem  can  only  be  tractable  with  a  small  number  ot  parameter  due  to  its  complexity.  It 
corresponds  to  a  wing  with  high  sweep  angle,  two  section  plus  camber  definition.  The  complete  aircraft,  wing  with 
fuselage,  cannot  be  optimised  actually  but  the  wind-tunnel  test  shows  a  good  agreement  on  optimal  shock-wave 
position  and  resultant  wave  drag  decrease.  Such  a  procedure  gives  the  opportunity  to  optimise  a  part  .  the 
aircraft  In  the  flowfield  of  complete  aircraft  with  the  limitation  of  no  iteration  on  the  complete  flowfield. 

Such  a  procedure  can  be  used  for  a  direct  optimisation  of  wave  drag  in  transonic.  It  is  well  known  that 
the  area  rule  concept  can  give  a  first-order  accurate  evaluation  of  transonic  (or  supersonic  with  supersonic 
area-ruling)  but  it  is  not  sufficient  for  evaluation  of  optimum  fuselage  shape  for  a  given  wing.  Cost  of 
computation  of  2nd  order  fuselage  wave  drag  plus  1  st  order  wing  wave  drag  is  acceptable  and  gives  a  much  better 
answer  in  accuracy.  With  such  a  computation,  an  optimisation  process  with  constraints  on  the  rear  fuselage  due  to 
engine  housing  requirements,  critical  main  airframe  location  with  volume  for  main  undercarriage  wheels  can  be 
imposed  and  gives  realistic  optimal  fuselagt . 


Figure  14 


The  optimisation  of  wing  and  canard  can  be  also  obtained  by  selecting  the  "optimum  aerodynamic  zero- 
camber".  For  a  given  Mach  number,  Cl  and  center  of  gravity  there  is  an  optimal  3D  camber  that  minimizes  wave 
drag  for  that  point  (M,  Cl,  Cm),  but  the  camber  of  the  fuselage  Is  generally  sufficient  for  giving  (at  Cl  r  0  and 
Cm  =  0  by  control  deflection  and  angle  of  Incidence  selection)  an  induced  flowfield  requiring  camber  of  the  wing 
for  minimum  wave  drag.  From  that  point  It  is  possible  to  define1  a  merit  factor  for  the  gain  in  wave  drag  in  a 
certain  Mach  number  and  Cl  range  for  a  given  center  of  gravity  position. 


Optimum  zero  camberwing  drag  polar 
Optimum  camberwing  at  CID  drag  polar 

■  F.nveloppe  of  optimum  camberdrag  polars 


Figure  15 
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It  is  only  by  an  optimisation  procedure  that  the  calculation  of  the  basic  and  cambered  wing  can  be 
selected  for  a  given  optimum  target  In  performance  (acceleration  or  steady  trim). 

When  there  is  competing  choices  for  optimisation  the  cost  function  can  be  a  weighted  optimisation  in  2 
or  3  points.  This  procedure  is  necessary  for  avoiding  "peak-optimisation".  An  example  is  obvious  In  the  design  of 
airfoils  where  there  will  be  kink  in  slope  at  stagnation  point  and  shock  or  separation  points  without  specification 
of  continuity  (figure  16). 


•  Shock 


y 


Figure  16 


In  fact  the  engineer  is  requiring  smoothness  of  characteristics  around  optimum  design  so  that  optimal 
design  of  figure  16  is  without  any  useful  interest  except  for  reference  solutions. 

The  main  limitation  given  by  the  time  of  computation  can  be  seen  on  the  figure  17  result.  It  corresponds 
to  the  optimisation  of  the  lateral  surface  of  front  fuselage  of  a  Mirage  2000  with  the  cost  (unction  being  the  Mach 
distorsion  at  the  air  intake.  The  constraints  are  imposed  at  the  jonction  of  radar  axisymmetri.  shape  and  on  the 
main  frame  of  canopy  attachment.  A  gain  of  30  %  of  distorsion  can  be  obtained  with  a  verv  small  fuselage  shape 
modification.  Such  a  computation  can  be  completed  in  few  minutes  of  IRM  3081  but  corresponds  to 
15  optimization  parameters.  If  we  apply  such  a  procedure  for  partial  optimization  on  many  points  of  the  fuselage 
for  drag,  or  flowfield  distorsion  optimisation  for  different  angle  of  attack  and  Mach  number  the  total  amount  of 
computer  time  may  be  large. 


Air  intake  flowfield 
Mirage  2000  optimisation 
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Very  high  optimization  of  wing  in  drag  can  be  very  costly  in  transonic  with  basic  computation  time  of 
the  order  of  the  hour.  However  our  experience  In  AMD-BA  Is  that  It  is  valuable  as  soon  as  the  computer  can  give 
the  result  at  a  reasonable  cost  (typically  10  hours  of  the  larger  available  computer!.  The  aircraft  optimized  is 
better  by  5  to  20  96  (depending  on  optimized  characteristics)  than  unoptimlzed  aircraft  and  it  gives  a  new  standard 
for  quality  of  combat  aircraft,  as  the  optimisation  of  commercial  transonic  wings  was  last  years,  oarticularly  for 
non-obvious  optimisation  as  RCS-aerodynamlc  compromises. 

3.3  -  Concluding  remarks 

The  optimization  of  combat  aircraft  has  no  attained  a  phase  of  systematic  use. 

It  gives  opportunity  for  giving  more  importance  to  the  definition  of  true  objectives  and  their  relative 
weighting  importance. 

It  gives  the  first  direct  comparison  between  Intuitive  results  of  valuable  quality  given  by  a  long 
experience  and  direct  rational  results  where  the  hypothesis  and  constraints  are  explicity  expressed.  Any  rational 
approach  gives  a  long-term  improvement  In  technics.  It  seems  that  the  process  of  optimisation,  ODen  with  the 
actual  computational  tools,  can  pay-off  for  many  simple  case  (wing  section,  wing  camber,  fuselage  wave 
optimisation  ...)  and  many  new  complex  case  (deformable  optimum  shapes,  coupled  stiffness  -  aerodynamic 
requirements  ...). 

The  discussion  on  the  first  purely  computational  aerodynamic  shapes  Improves  very  efficiently  the 
evaluation  of  the  function  to  minimize  (drag,  wave  drag,  separated  area ....)  and  of  the  constraints  to  keep 
freezed  (fuel  volume  or  straight  hinge  lines  ...)  and  gives  the  opportunity  to  the  manager  as  to  the  engineer  to 
access  to  a  new  quality  of  design. 
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SUMARY 

Basic  conditions,  study  parameters  and  various  solutions  of  fighter  intake  and  afterbody  (except 
VTOL)  are  reviewed. 

Aiframe  integration  and  intake  adaptation  to  the  flight  Mach  number  are  discussed. 

Special  topics  of  intake  flow  are  analysed  :  buzz  phenomenon,  internal  bleed  flow,  high  incidence, 
low  speed,  mean  flow  and  distortion  index,  unsteady  distortion. 

Afterbody  discussion  covers  variable  geometry,  thrust  vectoring,  and  reverse. 

Hind  tunnel  test  technics  are  also  commented  on. 

Air  intake  and  afterbody  will  be  successively  considered. 
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1.3.1.  Intake  positioning  and  airframe  adaptation 
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I.  AIR  INTAKE 


1.1.  BASIC  INTAKE  FLOW  CHARACTERISTICS 


I.  1.  1.  Intake  flow  description  (fig.  1) 


-  Intake  "adaptation" 

A  supersonic  intake  defined  with  a  forward  external  supersonic  compression  profile  is  called 
"adapted"  when  the  oblique  shock  attached  to  the  spike  or  to  the  leading  edge  of  the  profile  is  inclined 
exactly  on  the  lip  of  the  cowl. 

In  this  case,  the  upstream  flow  reaches  the  entire  intake  leading  edge  contour  without  deviation. 

The  upstream  Mach  number,  Mo,  is  the  adaptation  Mach  number. 

At  a  lower  Mach  number,  the  oblique  shock  is  less  inclined  and  the  stream  line  which  defines  the 
mass  flow  captured  by  the  intake  i3  deviated  between  the  oblique  shock  and  the  cowl  lip.  Less  .mass  flow 
is  captured.  The  intake  is  "underadapted". 

-  Intake  flow  "critical"  regime 

At  the  end  of  the  external  supersonic  compression,  the  intake  flow  becomes  subsonic  through  a  normal 
shock,  and  is  slowed  down  to  the  engine  face  Mach  number  M2  in  the  intake  subsonic  "diffusor".  M2  is 
monitored  by  the  reduced  engine  RPM. 

When  the  normal  shock  is  exactly  at  the  entry  of  the  intake,  the  flow  regime  is  called  "critical". 

At  higher  values  of  M2,  the  normal  shock  moves  down  the  diffusor.  The  captured  mass  flow  is 
unchanged,  but  the  shock  is  stronger.  The  regime  is  "supercritical". 

These  designations  (critical,  subcritical,  supercritical)  can  also  be  applied  under  subsonic  flight 
conditions.  When  the  flow  has  just  become  choked  at  the  entry  of  the  intake  (exactly  sonic  at  the  entry), 
the  maximum  mass  flow  is  reached  :  the  flow  regime  is  critical.  At  higher  values  of  M2,  an  internal 
supersonio  expansion  occurs,  which  is  ended  by  a  normal  shook  :  the  regime  is  supercritical.  At  reduced 
values  of  M2,  the  mass  flow  is  reduced  and  the  regime  is  suboritical. 

1.1.2.  Intake  "character! stlo"  ;  Haas  flow  relation  (fig.  2) 

In  order  to  qualify  the  intake  flow  condition,  two  parameters  are  used  : 

-  The  mass  flow  ratio,  mR 


mR  is  the  ratio  of  the  area  A0  of  the  captured  upstream  flow,  to  the  intake  reference  area  Ae 
(de'ined  by  the  upstream  projection  of  the  entire  intake  leading  edge  contour)  : 
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fig.  3  -  Thrust  end  dreg  components 


■ 


-  Th«  pressure  recovery,  P 

n 

PR  is  the  ratio  of  the  local  lsentropic  stagnation  pressure  of  the  engine  face  flow,  p^g,  to  the 
upstream  isentroplc  stagnation  pressure,  piQ  : 


PD  s  — 

H  pt 

o 

The  intake  "characteristic"  is  the  curve  of  PR  as  a  function  of  br.  This  ourve  can  be  graduated  by  M2. 

The  vertical  part  represents  the  supercritical  regime. 

Reduction  of  the  mass  flow  in  subcritical  regime  is  often  limited  by  an  unstable  flow  phenomenon 
called  "buzz".  This  phenomenon  is  described  in  S  I.  1.5. 

The  following  basic  assumptions  are  used  to  st’idy  the  intake  flow  s 


-  Aircraft  is  a  galilean  referential, 

-  Permanent  flow, 

-  Perfect  gas, 

-  No  heat  exohange  (adiabatic  flow). 

As  a  consequence,  the  mean  value  of  the  stagnation  temperature  of  the  flow  is  constant  : 

Ti  =  Cst.  =  T1q 

Let  A0  be  the  critical  (sonic)  area  of  the  local  flow,  and  Z  s  £(M)  =  4-  the  corresponding  Mach 
number  function. 


The  mass  flow  can  be  expressed  by  s 


<n  =  (-£) 


1. 


nR  ^ 


(air  :  y  s  U  -  nH  :  287 . OH  (international  unit,  SI)). 

The  mass  flow  conservation  law  with  Ti  *  Cst.  is  then  expressed  by  s 

PlA0  *  Cst. 

or  by  the  following  relation  between  the  main  paramaters  of  the  intake  flow  : 

y0p 

^  1  *E  rz  R 

1.1.3.  Thrust  and  drag  components  -  Intake  optimisation  (fig.  3) 

Definitions 
-  Engine  thrust,  T_u_ 


The  thrust  of  the  engine,  os  defined  by  the  engine  company  (engine  data  book)  is  the  result  of 
Internal  forces  represented  by  white  arrows  (fig.  3).  These  forces  are  supposed  to  be  opposed  to  p 
(external  ambiant  pressure),  as  usual.  0 

-  Additive  drag, 

If  the  flow  is  deviated  ahead  of  the  Intake  cowl  lip  by  the  intake  profile  (underadaptation),  or  by 
subcritical  functioning,  the  engine  thrust  includes  fr.i-...,  applied  to  the  deviated  streamline,  tut 

not  applied  to  the  intake. 

These  foroea  (expressed  in  p  -  p  ),  to  be  subetraoted  from  the  engine  thrust,  represent  the  additive 
drag  of  the  Intake.  0 

-  Cowl  drag,  D„ 


External  drag  of  the  intake  cowl. 
Intake  drag,  DTHr 


The  intake  drag  is  the  sum  of  the  additive  drag  and  the  cowl  drag. 


‘►We*  *  ■  ■*rT  TlfT1  .r  h-  If 


Difference  between  the  engine  thrust  and  the  nacelle  drag. 

Analytical  expressions 

The  various  terms  can  be  expressed  as  follows,  at  zero  degree  of  angle  of  attack  : 
2  2 

?ENG  «  ps  (1  +  Ys  V  AS  -  Po  (po(1  +  Y  V  Ao  -  Po  (As  -  V 
dad  1  V  (p  *  Po)  dA 

o 

1>C0  =  /A“aX  (p  -  p0)  dA  ♦  Dfplction 

DA-BsJA3  (p  *  po>  dA  +  “friction 
“  max 

PINT  *  °AD  +  DC0 

“NACELLE  =  “iNT  +  “a-B 

tnet  nacelle  1  teng  *  “nacelle 

Spillage  drag  (aubcrltlcal  regime),  DsplLL 

Intake  drag  increment  due  to  aubcrltlcal  regime  is  called  the  spillage  drag  : 
“SPILL  *  (°AD  *  DC0}  '  (DAD  *  “^CRITICAL 
Pressure  recovery  effect  and  intake  optimisation 


Considering  the  engine  Itself,  the  engine  reduced  RPM  (or  engine  rotation  Mach  number)  and  the 
engine  face  Kach  number  M^  are  determined  by  the  exit  sonic  throat  area  of  the  engine  and  by  the  fuel-to- 
air  ratio. 

For  a  given  engine  nozzle  geometry  and  a  given  fuel-to-air  ratio,  any  change  of  the  intake 
configuration  and  pressure  recovery  PR  only  alters  the  general  level  of  the  engine  internal  pressures, 


proportionally  to  PR. 


Moreover,  for  adapted  intakes,  Intake  dimensions  and  mass  flow  are  proportional  to  PR,  as  given  by 
the  mass  flow  relation  i 


*E 1  *0  *  *2  r~z  PR 


(mR  =  1) 


Then,  the  nacelle  thrust  can  be  expressed  by  : 

•  ‘r-  r2  < 1  ♦ Y,  V  -  ( 1  •  1  V  r  r>  pR  - 

o  s  i2  o  2  s 

I  A  D 

,  ,  0  ?  .  ,  NACELLE 

- ( 1  -  r  r  V  -  -P  a 

2  s  *o  a 


where  the  coefficients  of  PR,  II  and  j-2  ire  independent  of  PR. 

In  fact,  if  the  nozzle  geometry  is  alba  readjusted,  a  higher  value  of  P.  makes  it  possible  to 
increase  the  nozzle  expansion  ratio  and  to  adapt  the  nozzle  with  a  higher  value  of  Ms  and  As.  In  this 
case,  the  thrust  increase  with  PR  is  amplified. 
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He  can  take  as  a  reference  the 
Ideal  lsentroplc  Intake  (PR  =  1)  and 


IDEA^ 

P  A 

o  3 


f ,  *0*2 


ideal  thrust  of  a  nacelle  with  the  same  nozzle  geometry, 
an  Ideal  zero-drag  nacelle  (^nacelle  =  ^  ! 


but  with  an 


The  loss  of  thrust  as  refers  to 

=  ([  1  +  ^  Jsj  (1 

2  As 


I  At ! 


P  A 

o  3 


V 


the  ideal  nacelle  is  : 

°NACELLE 
+  — :: — ; — 


This  expression  shows  that  the  loss  of  thrust  is  a  direct  function  of  the  loss  of  presure  recovery,  and 
is  directly  affected  by  the  nacelle  drag. 


The  loss  is  even  more  severe  if  the  nozzle  geometry  was  adjusted. 


Consequently,  the  aim  of  the  intake  optimisation  will  be  to  achieve  the  highest  pressure  recovery 
and  the  minimum  Intake  drag  (cruise  adaptation  with  zero  additive  drag,  snd  minimum  cowl  drag). 

The  specific  fuel  consumption  is  also  improved  by  increasing  PR,  since  the  fuel  flow  is  proportional 
to  the  Intake  mass  flow  which  is  proportional  to  PR,  and  the  net  thrust  can  be  Increased  more  than 
proportionally  to  PR,by  readjusting  the  nozzle. 

1.1.4.  Various  types  of  intakes,  and  typical  pressure  recovery  (fig.  4) 

Pressure  recovery  of  various  types  of  Intakes  are  compared  on  fig.  4.  "Pitot"  Intake,  or  "normal 
shock"  Intake,  has  the  poorest  pressure  recovery  at  high  Mach  number.  External  supersonic  compression 
Intakes,  either  two-dimensional  with  a  supersonic  compression  ramp  focusing  the  compression  waves  on  the 
lip  of  the  cowl,  or  axlsymmetrlo  with  a  conical  or  a  two-cone  spike,  have  a  better  pressure  recovery. 

This  pressure  recovery  is  Improved  even  more  when  the  interaction  between  the  normal  shock  at  the 
entry  of  the  dlffusor  and  the  rarapjor  the  cone)  boundary  layer  at  the  foot  of  the  shock  is  oontrolled  by 
boundary  layer  bleed. 

External  supersonic  compression  Intakes  are  used  when  a  high  cruise  Mach  number  is  required. 

On  actual  fighter  aircraft,  there  is  a  tendency  to  adopt  Pitot  Intakes,  because  they  are  simpler  and 
they  usually  accept  large  subcrltlcal  regime  without  buzz.  Moreover,  they  offer  a  better  manoeuverlng 
margin  in  angle  of  attack  and  yaw,  which  can  be  more  attractive  than  high  Mach  number  capaolty. 

1 . 1.5.  Buzz  phenomenon  (fl?.  5) 

Intake  buzz  is  a  pulsatory  flow  which  usually  occurs  with  an  external  supersonic  compression  Intake 
when  the  mass  flow  is  reduced  in  subcrltlcal  regime. 

In  this  case,  the  normal  shock  emerging  from  the  entry  and  the  oblique  shock  of  the  external 
supersonlo  compression  merges  in  a  unique  shock  at  a  focus  point  F  ahead  of  the  cowl  lip. 

Then,  downstream  of  F,  a  shear  line  separates  two  flows  :  the  high  stagnation  pressure  flow  which 
has  been  compressed  by  the  supersonic  compression  profile,  and  the  lower  stagnation  pressure  flow  whloh 
has  crossed  the  stronger  outer  shock. 


If,  for  a  given  value  of  M  ,  this  shear  line  enters  the  dlffusor,  there  occurs  a  separation  or  a 
large  expansion  of  the  flow  fillet  vhlch  enters  the  dirruaor  along  the  internal  profile  of  the  cowl  due 
to  the  lower  stagnation  pressure  of  this  flow  facing  the  high  internal  pressure  level  of  the  main  flow. 

What  appears  is  a  sudden,  strong  reduction  of  the  captured  mass  flow  due  to  the  blookage  effect  of 
the  separated  or  expanded  flow. 

On  the  graph  of  the  internal  pressure  (represented  by  P^)  as  a  function  of  the  entry  mass  flow 
ratio  mRl  this  first  phase  of  the  intake  buzz  is  represented  by  the  upper  part  of  the  curve  (fig.  5). 

Now,  if  the  Intake  dlffusor  is  considered  as  a  tank,  this  tank  b*ing  no  longer  fed  will  empty,  and 
its  internal  presure  will  decrease. 


When  the  internal  pressure  becomes  lower  than  the  stagnation  pressure  of  the  flow  along  the  cowl 
limit  of  choking),  the  separation  of  this  flow  disappears,  and  its  blockage  effect,  too. 

Moreover,  as  the  Internal  pressure  p.  has  beoome  very  low,  the  intake  flow  turns  to  supercritical. 

l2 

This  phase  is  represented  by  the  lower  part  of  the  curve. 


The  exit  mass  flow  being  proport ioital  to  p^  (for  the  given  constant  value  of  it,),  this  exit  mass 
flow  is  low  whereat  the  entry  mass  flow  is  maiimum  i  the  dlffusor  will  progressively  fill  up,  and 
pressure  win  increase.  The  normal  shock  moves  toward  the  entry. 


This  phase  corresponds  to  the  vertical  part  of  the  curve. 

Finally,  when  the  normal  shock  tends  to  a  position  of  equilibrium  for  the  mass  flow,  the  shear  line 
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Fig.  4  -  Various  ypes  of  air  intake,  and  pressure  recovery. 
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Fig.  6  -  Engine  face  Mach  number. 


again  enters  the  Intake,  and  a  new  buzz  cyele  starts. 


It  is  easy  ‘  to  understand  that  this  buzz  phenomenon  can  also  ocour  each  time  a  fillet  of  low 
stagnation  pressure  stream  enters  an  inlet,  even  in  subsonic  flight.  For  instance,  the  vortex  wake  of  a 
canard  surface,  or  the  thickened  boundary  layer  of  a  fuselage  at  yaw  can  trigger  buzz. 

The  buzz  frequency  is  of  the  order  of  10  Hertz  (airplane  scale),  and,  during  a  buzz  sequence,  the 
pilot  is  shaken  up,  and  very  often  the  engine  surges  or  lights  off.  If  the  airplane  has  two  intakes  side 
by  side,  large  interaction  effects  cause  the  second  engine  to  surge. 

So,  it  is  very  important  to  avoid  the  occurrence  of  buzz.  Pitot  intakes  are  favourable  to  this  end. 
Various  solutions  of  buzz  avoidance  systems  with  external  supersonio  compression  intakes  will  be 
discussed  later. 

I.  1.6.  Engine  face  flow  as  a  funotlon  of  the  flight  conditions  (fig.  6) 

In  order  to  have  an  idea  of  the  engine  face  M2  Mach  number  values  and,  therefore,  of  the  intake  flow 
adjustment  for  different  flight  conditions,  it  can  be  stated  that,  roughly  speaking,  the  engine  control 
(nozzle  throat  control...)  is  such  that  the  compressor  (except  in  transient)  operates  on  its  maximum 
efficienoy  line,  which  corresponds  to  a  nearly  oonstant  angle  of  attack  of  the  rotating  blades  (optimum 
angle  of  attack).  Then  the  axial  component  M-  of  tho  flow  Maoh  number  relt‘ively  to  the  blade,  is 
proportional  to  the  tangential  component,  which  is  equal  to  N//y  hTg.  So,  M2  is  in  relation  with  N  and 
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and  it  can  be  seen  that  the  maximum  value  of  M2  is  obtained  at  the  maximum  RPM  (Nmax)  and  at  the  lowest 
value  of  T|0  (high  altitude  and  low  flight  Mach  number). 

A  maximum  value  of  is  usually  of  the  order  of  0.55. 

Let  this  value  be  achieved  at  Z  >  11  km  (T0  s  2 17  K)  and  Mq  *  0.5  ;  let  Intake  conditions  be 

considered  at  Ng^.  is  supposed  to  be  constant  which  is  also  usual.  M2  variation  as  a  function  of 

T,  is  then  determined  by  the  preceding  relations.  The  result  is  presented  on  fig.  6,  as  a  function  of 
•*•0 

the  flight  Mach  number  at  various  altitudes. 

These  basio  engine  data  (whloh  normally  are  detailed  in  engine  data  books)  will  be  used  to  study  the 
intake  adjustment  in  the  entire  flight  envelope. 

1.2.  FLIGHT  MACH  NUMBER  ADAPTATION  AND  INTAKE  DESIGN 


1.2.  1.  "P-i-tot"  intake  (fig.  7) 

Pressure  recovery  of  "Pitot"  or  "normal  shook"  intake  is  given  on  fig.  4.  It  is  the  product  of  the 
normal  shock  pressure  recovery  and  the  subsonlo  dlffusor  mean  pressure  recovery. 

The  mass  flow  ratio  mH  of  such  an  Intake  as  a  function  of  the  flight  Maoh  number  and  altitude  is 
presented  on  fig.  7.  The  calculation  is  obtained  by  the  mass  flow  relation  (1.1.2),  and  the  following 
data  i 

-  Pressure  recovery  is  the  critical  or  subcrltlcal  one  given  on  fig.  4. 

-  Engine  face  Mach  number  H-  is  the  one  given  on  fig.  6. 

-  Intake  dimensions  (front  reference  area  A_)  are  defined  in  order  to  be  adapted  (mg  *  1)  at  Mq  *  1.5, 
Z  >  II  km. 

Under  these  conditions,  it  can  be  seen  that  the  Intake  will  operate  subcrltlcally  (mR  <  l)  in  a 
large  part  of  the  flight  domain,  and  namely  in  supersonic  flight  at  low  altitude,  whloh  represents  a  very 
Important  domain  for  a  fighter  aircraft. 

We  shall  see  later  (|  1.4.2)  that  subcrltlcal  regime  can  be  useful  for  improving  the  manou uvrablllty 
margin  of  the  aircraft,  but,  of  course,  the  net  thrust  is  reduced  by  tho  additive  drag. 

If  the  Intake  had  been  adapted  to  a  lower  altitude,  with  a  smaller  entry  area  A_,  the  same 
calculation  would  have  Incloated  a  higher  mass  flow  ratio  than  1  in  supersonic  at  high  altitude.  As,  in 
fact,  in  supersonio  flow,  the  maximum  mass  flow  ratio  is  limited  to  1,  this  means  that  the  assumption  of 
a  critical  pressure  recovery  is  not  verifiable.  In  this  case,  the  Intake  would  operate  in  supercritical 
regime,  with  a  loss  of  pressure  recovery  and  thrust. 

Supercritical  flow  l.»  also  more  sensitive  to  angle  of  stt&ck  and  yaw,  concerning  the  flow  distortion 
at  the  engine  faoe. 

So  the  solution  opted  for  is  usually  a  larger  intake,  operating  mainly  in  subcrltlcal  regime. 

In  supersonic  flow,  and  under  adaptation  conditions  (br  »  1),  the  thinner  the  lip  of  the  oowl,  the 
lownr  the  cowl  drag  (wave  drag  of  the  rounded  lip). 

However,  in  suocrltical  regime,  a  rounded  lip  limits  the  lnorease  of  the  drag  induced  by  the 
reduction  of  the  c. ptured  flow  (spillage  drag),  as  shown  on  fig.  8  [Hawkins  J.E.,  1974]  i  the  suotion 
effeot  on  the  lip  contour  partially  compensates  for  the  additive  drag. 
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A  rounded  lip  also  reduces  the  aenaitivity  to  ingle  of  attack  and  yaw. 

Finally,  slightly  rounded  lipa  are  uaually  adopted,  with  a  lip  radius  of  a  few  percent  of  the  entry 
diameter. 

I. 2.2.  External  supersonic  compression  Intake 
Design  conditions  and  variable  geometry 

The  same  calculation  process  than  for  "Pitot”  intakes  can  be  followed  for  an  external  supersonic 
compression  intake. 

A  typical  result  of  the  mass  flow  ratio  aa  a  function  of  the  Mach  number  Mq  is  presented  on  fig.  9, 
relating  to  an  external  auperaonic  compression  intake  adapted  to  Mo  =  2,  Z  >  11  km. 

On  the  same  figure  the  maximum  mass  flow  ratio  of  a  fixed  geometry  intake  is  .sketched.  This 
limitation  is  due  to  the  flow  deviation  at  reduced  Mach  number  imposed  by  the  auperaonic  compression 
profile  ahead  of  the  entry. 

Examination  of  the  oirvea  shows  that,  without  variable  geometry,  the  intake  would  operate 
aubcritically  (and,  usually,  would  run  into  buzz)  at  high  Mach  number  and  low  altitude.  Also  it  would 
operate  supercritically  in  tranaonic  flight ,  due  to  the  limitation  of  the  mass  flow  at  the  entry  under 
these  flight  conditions. 

Variable  geometry  is  used  to  solve  these  problems,  by  increasing  the  forward  flow  deviation  at  high 
Mach  number  and  low  altitude,  in  order  to  avoid  the  subcritical  regime  and  buzz,  and  also  by  decreasing 
this  flow  deviation  at  reduced  Mach  number,  to  avoid  the  entry  choking  and  the  supercritical  regime. 

Some  examples  of  variable  geometry  external  supersonic  compression  intakea  are  given  on  figs.  10  and 

II. 


A  Mirage's  half  axisymaetric  intake  has  c_.  half  cone  or  a  double  cone  -spike  moving  over  a  curved 
ramp.  The  curved  ramp  helps  to  avoid  internal  throat  blockage  at  low  flight  Mach  numbera,  when  the  spike 
is  retracted  inside  the  low  diverging  (and  low  drag)  intake  cowl. 

An  Fill's  quarter  axisymmetrie  intake  Includes  a  spike  which  is  moved  forward  at  low  Mach  numbers, 
and  two  series  of  flaps  which  are  retracted.  Such  a  solution  allows  the  adjusting  of  the  intake  in  the 
various  flight  conditions,  with  a  smooth  deviation  of  the  exceeding  flow  and,  therefore,  a  small  additive 
drag. 


Two-dimensional  intakes  very  often  incorporate  i»  fixed  front  wedge  followed  by  a  movable  ramp. 

An  F19's  ramp  Includes  two  movable  parts  to  optimize  the  flow  deviation  Tor  each  flight  condition. 

The  forward  part  of  an  F15's  intake  is  entirely  rotating.  A  first  wedge  is  followed  by  a  movat . a 
ramp  to  adjust  the  supersonic  compression.  At  reduced  Mach  numbers,  a  small  rotation  of  the  intake 
enables  the  flow  deviation  to  be  shared  between  the  upper  part  or  the  first  wedge  and  the  lower  part  or 
the  lr.take,  with  a  very  low  additive  drag.  Of  course,  the  rotation  of  the  intake  is  also  used  to  improve 
the  Intake  capability  under  high  angle  of  attack  flight  conditions. 

When  choosing  a  solution,  it  is  clear  that  the  intake's  adaptation  capability  must  be  balanced 
against  simplification,  minimum  weight,  and  general  aerodynamic  and  structural  airframe  integration.  The 
best  compromise  depends  on  the  overall  aircraft  program. 

Internal  shock  foot  bleed  and  mass  flow  control 


On  external  supersonic  compression  intakes,  namely  two-dimensional  types,  large  pressure  recovery 
improvement  is  obtained  by  a  boundary  iayer  Dieed  at  the  root  or  the  entry  shock,  as  indicated  on  fig.  9. 
This  is  to  avoid  a  large  flow  disturbance  due  to  the  shock-boundary  layer  interaction. 

Sometimes,  the  boundary  layer  or  the  compression  profile  is  controlled  by  suction  through  a  porous 
ramp,  (rig.  12),  but,  in  this  case,  the  pressure  loss  of  the  bleed  flow  is  high,  as  is  the  resulting  drag 
term. 


Another  efficient  solution  is  to  bleed  the  boundary  layer  by  means  of  a  large  internal  gap,  like  on 
the  Concorde,  or  the  Tornado  (fig.  13). 

At  design  conditions  (fig.  13a),  the  front  shock  (F)  is  not  straight,  but  curved  towards  the  bleed 
gap.  An  internal  supersonic  expansion  takes  plaoe  over  the  gap,  which  is  ended  by  a  terminal  ahock  (T)  of 
a  small  extension.  At  the  foot  of  this  ahock  T,  Just  ahead  of  the  diffuaor  flap  leading  edge,  the 
boundary  layer  flow  is  deviated  towards  the  bleed  gap. 

One  of  the  advantages  of  this  kind  of  solution  is  that  if  the  engine  Mach  number  is  reduced,  the 
intake  does  not  immediately  become  subcritical,  and  the  ocourrence  of  buzz  is  delayed. 

Let  ACb  be  the  bleed  flow  sonic  exit  area.  The  bleed  mass  flow  is  proportional  to  the  produot  of 
Pb  *  *cb- 

By  reduoing  H  (fig.  13b),  what  is  observed  at  first  is  that  the  mass  flow  which  is  refused  by  the 
engine  is  forced  back  into  the  bleed  cavity. 

For  a  constant  value  of  ACb,  the  cavity  pressure  pfa  ia  increased  proportionally  to  the  bleed  mass 
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flow,  and  the  internal  supersonic  expansion,  which  Is  controlled  by  pfe,  is  reduced  to  a  small  transonic 
zone.  At  the  same  time,  the  entry  shock  becomes  straighter.  The  cavity  pressure  oan  be  increased  in  this 
way  from  Pb/Pl0  =  0.45  to  Pb/Pi0  =  0.52.  A  higher  increase  would  finally  result  in  the  subcritical  shock 
detachment . 

However,  if,  at  the  same  time  that  the  engine  flow  is  reduced,  the  bleed  exit  area  A0[)  is  increased, 
the  pressure  in  the  cavity  returns  to  its  starting  value,  and  the  same  flow  structure  is  reestablished 
with  a  supersonic  expansion  over  the  gap  (fig.  13o). 

So,  in  order  to  delay  the  occurrence  of  buzz  when  the  engine  Mach  number  M?  is  reduced,  it  is 
advantageous  to  increase  ACfe  when  pfe  tends  to  rise,  that  is  to  say,  when  more  mass  flow  is  deviated  into 
the  bleed  cavity. 

The  opening  of  ACb  oan  be  automatically  achieved  if  the  bleed  flow  serves  as  the  secondary  flow  of 
the  engine  converging-diverging  exhaust  nozzle,  as  represented  on  fig.  14.  As  a  matter  of  fact,  in  this 
case,  when  the  engine  RPM  is  reduoed  (Mg  reduction),  more  mass  flow  is  forced  into  the  bleed  cavity,  but, 
at  the  same  time,  the  stagnation  pressure  of  the  engine  Jet  is  decreased.  Thus,  the  blockage  effect  of 
the  Jet  on  the  secondary  flow  (which  determines  *cb>  is  reduced. 

The  By-pass  mass  flow  Is  of  course  limited,  and,  in  the  case  of  large  engine  throttle  and  mass  flow 
reduction,  complementary  means  are  necessary  to  avoid  subcritical  regime  and  intake  buzz. 

Lowering  the  ramp  (5  angle  increase)  is  usually  used,  as  is  sometimes  the  opening  of  a  dump  door  (8 
angle)  (fig.  15). 

Control  of  these  parameters  can  be  based  on  the  value  of  Pb/pi0-  Critical  regime  corresponds  to 
given  values  of  "ph  _„v/pi  "  (which  can  be  refined  as  a  function  of  flight  Mach  number  Mq,  angle  of 
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attack  a  and  angle  of  sideslip  B). 

When  pfe  becomes  higher  than  pfe  ,  {  is  increased  up  to  S^ax  (given  as  a  function  of  Mo),  and  the 
dump  door  begins  to  open. 

Direct  control  of  6  and  9  as  a  function  of  Mq,  a,  B,  and  of  the  engine  reduced  RPM,  N//T,  can  also 
be  provided.  However,  such  a  direct  control  requires  more  margin,  due  to  the  differences  between 
individual  engines  (engines  aging...). 

1.3.  AIR  INTAKE/AIRFRAME  INTEGRATION 


1.3.1.  Intake  positioning  and  airframe  adaptation  (fig.  16) 

Fig.  16  presents  some  examples  of  flow  fields  in  front  of  the  intake  for  different  fuselage  shaped 
and  different  intake  positions. 

Two-dimensional  intakes  in  supersonic  flow  can  be  pretty  easily  adapted  to  local  angle  of  attack,  by 
adjusting  the  compression  ramp  angle.  It  is  more  difficult  to  cope  with  transverse  flow  (sideslip  flow 
angle)  which  csn  be  induced  by  aircraft  yaw,  but  also  by  aircraft  angle  of  attack.  Some  examples  of 
sideslip  angle  maps,  induced  only  by  aircraft  incidence,  are  presented  on  fig.  16  (M  *  2.2,  a  =  15° , 
B  =  0*).  0 

It  can  be  seen  on  the  figure  that  the  fuselage  shape  may  have  a  big  influence  on  flow  uniformity  in 
front  of  the  intake. 

A  "Rafale"  forebody  is  an  example  of  a  sophisticated  shape  designed  to  keep  the  flow  as  parallel  as 
possible  to  the  fuselage  surface,  whatever  the  flight  conditions  may  be. 

The  same  result  has  been  sought  by  wing  shielded  intakes. 

An  under  fuselage  position  -like  on  F16-  seems  a  very  advantageous  one.  However,  in  the  case  of  a 
two-engine  aircraft,  such  a  position  presents  some  difficulties  in  avoiding  interferences  between  the  two 
inlets,  for  instance  in  the  case  of  an  engine  failure. 

1.3.2.  Fuselage  boundary  layer  diverter 

In  order  to  achieve  the  best  pressure  recovery  and  also  to  avoid  internal  flow  distortion,  it  is 
important  to  prevent  the  fuselage  boundary  layer  from  entering  the  intake. 

Some  examples  of  diverter  configurations  are  presented  on  figs.  17  and  18.  The  Mirage’s  boundary 
layer  diverter  consists  of  a  space  between  the  intake  and  the  fuselage  at  the  position  of  the  intake  cowl 
leading  edge.  This  position  allows  a  deviation  of  the  cone  boundary  layer  to  occur  towards  the  diverter, 
which,  at  the  same  time,  reduces  the  cons  boundary  layer  interaction  with  the  entry  shock. 

On  the  "Rafale",  fuselage  boundary  layer  is  diverted  from  the  intake  by  a  splitter  plate. 

The  Fill's  intake  flow  is  protected  against  the  fuselage  boundary  layer  by  a  sldeplate,  and  the 
intake  itself  is  protected  against  the  sldeplate  boundary  layer  by  a  secondary  boundary  layer  diverter. 

The  F17's  Intake  is  also  protected  against  the  oorner  flow  at  the  Junction  between  the  fuselage  and 
the  wing  strake  by  some  leakage  windows  open  through  the  strake. 
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1.4.  INTAKE  ADAPTATION  TO  LOCAL  FLOW,  AND  HIGH  IN CIDENCE _DESIGN 


1.4.1.  Intake  adaptation  to  cross  flow 

A  sidewall  out-off  of  a  2-D  intake  is  a  well  known  means  of  improving  the  yaw-oapability  of  the 
Intake. 

As  shown  on  fig.  19,  with  a  straight  sidewall,  a  leading  edge  vortex  takes  place  alcng  the  sidewall 
at  cross  flow,  since  the  Mach  number  normal  to  the  leading  edge  is  subsonio.  The  wake  of  this  vortex 
interaots  with  the  entry  shock  and  can  produce  a  large  distortion  of  the  internal  flow. 

A  cut  back  sidewall  allows  the  inner  flow  (behind  the  wedge  shock)  to  spill  outside  in  the  opposite 
direction  to  the  cross  flo  i .  This  effect  delays  the  formation  of  the  inner  vortex,  and  the  occurrence  of 
the  internal  distortion. 

At  zero  yaw,  of  course,  the  spillage  induced  by  the  cut  causes  an  additive  drag,  but  this  drag  is 
usually  very  small  and  when  compared  to  the  improvement  in  yaw  capability,  appears  very  acceptable 
Indeed . 

When  the  sidewall  of  a  2-D  Intake  is  extended  ahead  of  the  cowl  lip  (for  instance  in  order  to 
separate  two  side  by  side  intakes),  the  leading  edge  of  the  sidewall  is  supersonic  (for  the  normal  Mach 
number),  and  the  cross  flow  simply  induces  an  expansion  fan  giving  higher  inner  Mach  numbers  along  the 
sidewall,  as  presented  on  fig.  20.  As  a  oonsequence,  the  wedge  shook  is  locally  more  inclined,  and 
impinges  under  the  cowl  lip,  which  gives  rise  to  a  strong  shock/ boundary  layer  interaction  on  the 
sidewall  under  the  cowl  lip. 

A  cut  in  the  cowl  lip  near  the  side  wall  lets  the  interacted  flow  spill  outside  the  cowl  and 
restores  regular  stream  flow  (fig.  20). 

In  this  case  also,  there  is  an  equilibrium  between  additive  drag  due  to  spillage  at  zero  yaw,  and 
improvement  of  the  flow  at  yaw. 

As  a  matter  of  fact,  it  is  always  possible  (or  desirable)  to  effect  a  spillage  so  as  to  deviate  some 
spoiled  stream  flow  outside  the  intake. 

1.4.2.  High  incidence  design 
Sharp  lip  problem 

When  the  flow  Just  ahead  of  the  lip  of  the  cowl  is  at  incidence,  which  is  orten  the  case  in  subsonic 
high  angle  of  attack  flight  conditions,  an  Internal  leading  edge  separation  can  occur.  Then  the  wake  or 
this  separated  zone  is  equivalent  to  a  boundary  layer  or  low  pressure  recovery  along  the  internal  cowl 
wall  and  the  losses  can  be  amplified  by  the  compression  in  the  dlffusor. 

To  limit  this  subsequent  effect,  vortex  generators  can  be  fitted  onto  the  cowl  surface  above  the 
dlffusor  pressure  gradient  (fig.  21). 

An  other  possibility  is  to  bleed  the  boundary  layer  at  the  same  position,  which  was  the  solution 
applied  to  tne  Concorde  air  intake. 

When  entry  flow  disturbance  cannot  be  avoided,  a  long  dlffusor  holps  to  attenuate  the  turbulence 
level  and  the  distortion  at  the  engine  faoe  station,  as  outline  on  fig.  21. 

Another  way  to  improve  the  lip  flow  at  high  incidence  is  to  operate  subcrltically.  The  flow 
deviation  caused  by  the  subcrltlcal  regime  is  in  the  opposite  direction  to  the  Incidence  near  the  lip  and 
internal  separation  is  thus  avoided  (fig.  22). 

Such  a  subcrltlcal  regime  can  be  assured  by  engine  control,  some  engine  throttle  being  determined  by 
the  aircraft  angle  of  attack. 

Subcrltlcal  regime  can  also  be  imposed  by  a  slightly  overdimensioned  Pitot  intake.  In  this  case 
however,  compromise  with  additive  drag  is  again  encountered. 

A  rounded  lip  obviously  also  delays  the  Internal  separation  at  the  lip  at  Incidence,  but  at  the 
expense  of  the  lip  drag  in  supersonic,  as  previously  discussed. 

High  angle  of  attack  special  devices  (variable  geometry) 

The  orientation  of  the  entire  forward  part  of  the  intake  in  front  of  the  upstream  flow  at  incidence, 
with  the  same  kind  of  solution  as  cn  the  F15,  could  be  of  course  very  efficient,  but  would  be  very  heavy. 

It  is  simpler  to  try  to  solve  the  high  angle  of  attack  problem  by  using  the  same  devices  as  those 
used  to  Improve  the  intake  flow  at  take  off  and  low  speed.  As  a  matter  of  fact,  the  flow  situation  near 
the  cowl  lip  is  the  same  in  both  cases  :  at  low  speed,  the  suction  of  the  mass  flow  by  the  engine  also 
Induces  high  angle  of  lnoldence  and  Internal  separation  at  the  leading  edge  of  the  cowl.  The  difference 
however,  is  that  at  low  speed,  the  internal  pressure  of  the  dlffusor  is  lower  than  the  external  one, 
contrary  to  the  higher  Mach  number  situation.  In  this  last  case,  it  is  necessary  to  be  even  more  cautions 
in  designing  the  shape  of  the  auxiliary  device  in  order  to  assure  an  efficient  recompression  of  the  flow. 


SIDE  MOUNTED 


WING  SHIELDED 


FUSELAGE  SHIELDED 


,6  -  tMMHtan  *»»»*»■  l»WW.  *"<*'■  A"”‘  ‘  ,5°  f  ‘  "« 


MIRAGE 


SPLITTER 


f/j.  17  -  Fuselis9  boundary  layer  diverter.  Mirage.  Rafale. 
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Fig.  18  -  Fuselage  and  wing  boundary  layer  divert*.  FillA.  FI 7.  FIS. 
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Fi9-  13-  Local  adaptation  to  cross  flow  (at  yaw...).  Sidewall  cut-off.  [ Leynatrt .  Brown,  Collard,  74). 
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Fig.  20-  Local  cowl  cut  near  a  sideplate  [ Leynaert ,  Brown,  Collard,  74). 
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INDUCED  BY  SUBCRITICAL 
REGIME 

Fig.  22  -  Angle  of  attack  sensitivity  improvement  by  subcritical  regime. 


ROTATING  FORWARD  INTAKE  (F  15)  ROTATING  COWL  LIP 

Fig.  23  -  High  angle  of  attack  special  devices. 


HIGH  INCIDENCE  DEVICES 


AUXILIARY  DOOR 

Fig.  24  -  Auxiliary  door  at  high  angle  of  attack  \Lottar.  Malefakis.  /«(. 


Suoh  an  auxiliary  device  can  be  a  rotating  lip,  as  sketched  on  fig.  23,  or  an  auxiliary  door,  as 

sketched  on  fig.  24.  The  pressure  recovery  results  reported  on  the  graph  show  that  thanks  to  the  opening 

of  an  auxiliary  intake,  high  values  of  Pp  oan  be  preserved  up  to  an  angle  of  attack  of  at  least  75°  at 

M  =  0.5. 
o 

1.5.  LOW  SPEED  INTAKE  PERFORMANCES  AND  ADAPTATION 


1.5. 1.  A  general  relation 

The  pressure  recovery  loss  of  a  sharp  leading  edge  intake  at  take  off  or  at  low  speed  can  be 
approximated  by  an  elementary  theory  which  is  recalled  hereafter. 

The  following  definitions  will  be  used  (fig.  25)  : 

Intake  net  thrust,  T.™ 


This  is  the  result  of  the  internal  and  external  forces  applied  to  the  intake,  respectively  from  the 
leading  edge  (Ag)  to  the  engine  face  area  (A2)  and  from  the  leading  edge  to  the  maximum  external  area  of 
the  cowl  (Am).  The  ambient  pressure  pQ  is  supposed  to  be  applied  to  the  fictitious  cut  limiting  the 
intake  part  (area  Am  -  A^),  or,  which  is  equivalent,  the  pressures  are  considered  in  p  -  p0- 

;Am 

be  the  integral  on  the  contour  (A2> ,  (Ag),  (Am),  then  : 

A 


-I’d0  (P  •  Po>  dA  '  D 


friction,  ext.  +  int. 


Intake  drag 


As  alreudy  defined,  this  is  the  sum  of  the  additive  drag  and  the  cowl  dr  a  f,. 


It 

“INTAKE  =  V  (p  •  Po}  dA  +  Df 


Isentroplo  ideal  thrust 

For  the  same  values  of  A?  and  Mj,  this  Is  the  intake  net  thrust  when  the  internal  flow  is  isentropic 
(PR  s  1)  and  the  Intake  drag  is  null. 

It  can  also  be  said  that  the  external  flow  Is  isentropic,  too.  A  necessary  condition  for  real  flow 
to  satisfy  this  assumption  is  chat  the  upstream  Mach  number  Mq  be  subsonic.  In  this  case,  making  the 
further  assumption  that  the  afterbody  shape  of  the  nacelle  downstream  or  Am  can  be  replaced  by  a 
cylindrical  tube  without  any  significant  modifications  of  the  upstream  pressure  field,  the  property  of 
the  subsonic  potential  now  (which  is  that  the  drag  is  null)  can  be  applied  to  the  stream  tube  from  A0i„ 
to  An  ! 

V  (P  -  Po}  d*  s  0 

°ls 

(A°is  ;  captured  stream  tube  upstream  area  when  PR  =  5). 

The  assumptions  of  PD  =  1  and  intake  drag  =  0  allows  us  to  write  : 

n 

Tlde.l  1  -  /*“  (P  -  Po)  dA  ’  5S  (P  -  V  dA’ 

2  o 

Tldeal  *  P2,  ( ♦  r  H*)  A  -  p  ( 1  ♦  y  M*>  A  -  p  (A  -  A  ) 

is  Is  Is 

or,  with  >  u(H),  j-  =  KM), 

Pi  Rc 

T.  .  ,  U)  j  2  l 

pdCAl  *  (  1  ♦  Y  M  )  -  Y  H  -2  .  1,  or 

P„  W  £  O 

0  c  O  4 

!  ifij  ■ f  "V  V 


...  the  Ideal  thrust  of  on  intake  is  the  thrust  of  the  stream  tube  (Aa  ,  A2).  It  is  entirely  defined  by 
Mo,  Mj,  and  is  independent  of  the  shape  of  the  Intake.  *s 

General  relation 

For  given  values  of  Aj,  Mj,  Mq,  the  net  thrust  of  a  real  intake  Is  obtained  by  : 

Tnet  *  p2  C  t  ♦  Y  V  A2  -  po  (  1  e  Y  M*)  *o  -  P0  (A2  -  A0>  -  »lnUk.. 


Fig.  25  -  Isentropk  thrust  condition  . 


\ 


Fig.  26  -Pfi  losses  oft  thin  cylindrical  intake. 


Fig.  27  -  Rea!  intake  equivalence. 


Fig.  28-  Up  thickness  and  auxiliary  intake  design. 
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Pi2 

then,  with  PR  =  ^j-,  A0  =  P  A0  , 
o  Is 

we  obtain  the  general  relation  : 

_  TNET  Tideal  .  .  °INTAKE 

p  A.  *  *R  p  A  "  '  '  ‘  p  A, 

0  2  0  2  0  2 


1.5.2.  Subsonic  pressure  recovery  loea  of  a  thin  oyllndrloal  Intake  (fig.  26) 

In  subsonic  flow,  when  the  mass  flow  ratio  of  suoh  an  air  int3ke  becomes  higher  than  1  (Mg  >  Mq), 
the  main  viscous  effects  take  plaoe  in  the  separated  &one  inside  the  intake  entry  from  the  sharp  leading 
edge. 


By  neglecting  the  wall  friction,  the  external  flow  oan  be  considered  as  entirely  isentropio  and, 
therefore,  the  intake  drag  is  null.  The  net  thrust  of  the  cylindrical  intake  is  obviously  null  also  and 
the  following  relation  gives  directly  the  pressure  recovery  : 


PR 


1 


1  +  T 


ideal 


with 


Ideal 
»o  A2 


f  <Mo,  Kg) 


It  is  interesting  to  note  that  the  pressure  recovery  loss  of  a  cylindrical  inlet  with  an  auxiliary 
opening,  as  represented  on  fig.  26,  is  identical  to  the  one  without  an  auxiliary  opening.  This  result 
shows  that  It  is  not  sufficient  to  open  an  auxiliary  passage  to  Improve  the  pressure  recovery  of  a  sharp 
lip  intake  at  take  off  or  at  low  speed.  Comments  are  given  on  §  1.5.4. 

1.5.3-  Real  intake  equivalence 

The  pressure  recovery  loss  of  a  real  intake  at  take  off  and  low  speed  is  mainly  determined  by  the 
local  flow  turning  around  the  sharp  leading  edge  of  the  cowl.  Thus,  it  is  possible  to  replace  ths  Intake 
by  a  cylindrical  one  having  about  the  same  local  flow  in  order  to  calculate  an  approximate  value  of  the 
pressure  recovery.  This  is  accomplished  if  the  cylindrical  Intake  has  the  same  local  entry  area  as  the 
real  one,  and  the  same  mass  flow  ratio,  as  sketched  on  fig.  27. 

1.5.4.  Lip  thickness  and  auxiliary  Intake  design 

In  order  to  achieve  a  pressure  r-icovery  equal  tc  1  at  take  off  and  low  speed,  it  is  necessary  for 
the  Intake  to  give  the  ideal  thrust.  As  the  flow  is  supposed  tc  be  istntropic,  it  is  easy  to  roughly 
calculate  (by  a  two-dimensional  approximation)  the  thrust  of  the  difrusor,  and  to  obtain  by  the 
difference,  the  thrust  of  the  leading  edge. 

As  this  leading  edge  thrust  usually  corresponds  to  leading  edge  pressures  lower  than  pQ,  it  is 
called  the  leading  edge  suction.  If  p^  is  the  mean  value  of  the  leading  edge  pressure,  the  suction  force 
is  the  product  of  -  (p^  -  pQ)  and  the  front  area  of  the  lip,  Aj^  (fig.  28). 

Knowledge  of  pj^  -that  is  to  say,  of  the  mean  leading  edge  overspeed-  as  a  functln  of  A^  allows  us  to 
discuss  the  risk  of  a  subsequent  flow  separation  and  to  orientate  the  preliminary  design  of  the  lip 
thickness. 

Inversely,  knowing  the  lip  suction  as  limited  by  a  separation  criterion  allows  us  to  calculate  the 
pressure  recovery  by  using  the  general  relation. 

If  the  leading  edge  is  sharp,  without  w.y  lip  suction,  the  general  relation  gives  the  value  of  the 
forces  which  must  be  applied  on  the  surfaces  of  an  auxiliary  passage  to  obtain  the  ideal  thrust.  The 
result  of  this  calculation  oan  also  be  used  as  a  first  guideline  when  defining  the  passage  geometry. 

1.6.  AIR  INTAKE  RADAR  CROSS  SECTION  (R.C.3.)  (fig.  29) 


Air  Intake  R.C.S.  is  a  new  problem  which  can  only  be  mentioned  here  because  all  the  studies  devoted 
to  tills  subject  are  olasslfled.  Nevertheless,  it's  a  very  important  problem  if  one  considers  that  the 
R.C.S.  of  the  aircraft  Intakes  oan  easily  represent  up  to  50f  of  th"*  entire  R.C.S.  of  the  aircraft. 

Upper  surface  Intakes  have  been  suggested  as  a  mean  of  esoaplng  radar  detection,  but  they  don't 
completely  solve  ths  problem,  due  to  the  existence  of  the  high  altitude  airborne  alert  systems.  Moreover, 
upper  surface  flow  conditions  are  not  the  best  ones  for  an  Intake  when  considering  a  large  domain  of 
flight  manoeuvers. 

1.7.  THEORETICAL  CALCULATION  METHODS 


General  non-vlscous  or  viscous  theoretioal  calculation  methods  are  used  for  designing  the  air 
Intakes. 

An  example  of  application  of  finite  volume  method  is  reported  on  fig.  30.  This  method  seems  well 
adapted  to  Intake  flow  calculation. 


AIR  INTAKE  RCS  REDUCTION  DEVICE 
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However,  only  the  main  features  of  the  Intake  definition  and  of  the  intake  airframe  integration  can 
be  designed  on  the  basis  of  theoretical  calculations.  Detailed  adjustments  like  boundary  layer  control  or 
local  shape  modifications,  and  precise  evaluations  of  pressure  recovery,  internal  flow  distortion  or 
inlet  drag  are  based  on  wind  tunnel  model  tests. 

1.8.  WIND  TUNNEL  AIR  INTAKE  TEST  TECHNIC 


As  boundary  layer  phenomena  are  mainly  involved  in  air  intake  performance,  it  is  important  to 
simulate  the  flight  Reynolds  number  in  the  air  Intake  wind  tunnel  tests. 

This  is  usually  achieved  by  large  scale  models  limited  to  the  forward  part  of  the  airplane,  as 
sketched  on  fig.  31. 

Pressure  recovery  and  engine  face  flow  distortion  are  measured  by  total  pressure  probes  equipping 
the  engine  face  station. 

The  intake  flow  exhaust  system  includes  mass  flow  measurement  and  control  devices. 

Partial  drag  measurement  of  the  forward  part  of  the  aircraft  and  the  intakes  is  very  useful  for 
comparing  small  geometry  difference  effects,  like  rounded  lips,  local  leading  edge  cuts,  or  boundary 
layer  control  devices. 

An  example  of  such  a  drag  measurement  system  is  sketched  on  fig.  31* 

The  forward  part  of  the  model  is  sustained  by  a  balance,  and  calibrated  seal3  are  installed  at  the 
external  cut  of  the  fuselage  and  intake  skin,  and  at  the  internal  cut  of  the  intake  duct. 

In  order  to  obtain  the  drag  of  the  forward  fuselage  and  intake,  it  is  necessary  to  substract  from 
the  balance  force  measurement,  the  internal  drag  of  the  captured  stream  flow  from  A0  to  A-.  This  term  is 
obtained  by  knowing  the  Intake  mass  flow  and  the  exhaust  flow  momentum  which  is  derived  from  the  flow 
survey  at  the  engine  face  station. 

Complete  model  drag  measurements  are  necessary  in  order  to  evaluate  the  complete  aircraft  drag,  or 
to  compare  the  drag  of  various  configurations  very  different  in  nature. 

The  wind  tunnel  test  arrangement  is  presented  on  fig.  32  ("second  step"). 

The  model  is  supported  by  an  internal  balance.  In  order  to  know  exactly  the  internal  drag  which  is 
to  be  substracted  from  the  balance  foroe,  it  is  useful  to  have  the  internal  duct  terminated  by  a  throat, 
as  indicated  on  the  figure. 

A  precise  knowledge  of  the  throat  flow  momentum  can  be  obtained  if  the  mass  flow  is  calibrated  by  a 
preliminary  test,  as  presented  on  fig.  32  ("first  step").  For  this  test,  the  balance  is  not  used,  but  the 
model  exit  throat  is  equipped  with  a  mass  flow  meter  installed  behind  it. 

1.9.  NON-UNIFORM  ENGINE  FACE  FLOW  QUALIFICATION 


1.9.  1.  Pressure  recovery  definition 

As  the  real  engine  face  flow  is  never  uniform,  an  equivalent  uniform  flow  has  to  be  defined,  the 
stagnation  pressure  of  which  wi.l  be  used  to  represent  the  pressure  recovery  of  the  Intake  (fig.  33). 

A  uniform  flow  being  defined  by  4  parameters,  4  relations  have  to  be  established. 

Three  of  them  are  unanimously  adopted  :  the  conservation  of  : 

-  the  area, 

-  the  mass  flow, 

-  the  total  enthalpy. 

Marking  by  upper  dashes  the  quantities  related  to  the  equivalent  uniform  flow  (or  "mean  flow"),  uo 
have  : 


dq  :  local  mass  flow.  1  )  :  Cst.  (1.1.2). 


s_j! 


1  1  1  -  / (A,)  dq« 


Cp  Tl,  “  J(A 2)  q, 


H1  dqm 
12  m 


The  fourth  assumption  la  more  controversial 


INTERNAL  FLOW  SURVEY 
AND  MOMENTUM 
MEASUREMENT 


FLOW 

CONTROL 


Fig.  3 1  -  Internal  flow  survey  and  partial  drag  measurement. 


FIRST  STEP  :  CALIBRATION  OF  THE  INTAKE'S  EXHAUST  THROAT 


SECOND  STEP  :  FORCE  MEASUREMENT 
Fig.  32  -  Complete  model  drag  measurement. 
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Fig.  33  —  Engine  mean  flow  conditions. 
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A  "functional"  definition  has  been  proposed  [AGARD  AR  182]  : 

If  an  ideal  oompressor  is  supposed  to  supply  some  work  to  each  stream  tube  of  the  real  flow  in  order  to 
raise  the  pressures  to  a  given  common  level  p^^  at  the  compressor  exit,  the  mean  flow  i3  defined  by  the 


condition  that,  applying  the  same  compressor  total  work  to  it, 


the  same  exit  pressure 


Pi3 


is  obtained. 


The  ideal  compressor  being  supposed  to  be  adiabatic  and  isentropic,  the  compressor  work  w  is  .• 


w  =  f (a2)  <Hi3-Hi2) 


XzJ. 
pi.  Y 


with  H,  =  C  T.  =  C  T,  ( — -1 

i3  p  i3  P  i2 


Then, 


Pi,  Y 


V 


,C.V»?  -v^V^  -V*- 


.1-1 


T,  1-Y  , 

I-  dqm 


(pi  5  Y  =  fu  )  pi  Y  ~ 

i2  <V  i  i2  qm 


This  result  expresses  the  mean  stagnation  pressure 
balanced  in  .  certain  way  by  the  local  mass  flow  dq^. 


Pi2 


as  the  integration  of 


the  local  values  of 


Pl2 


A  simpler  fourth  assumption  is  also  proposed  in  order  to  directly  balance 

the  mass  flow  dq  . 

to 


the  local  values  of 


Pl2 


by 


These  definitions  have,  in  fact,  the  drawback  of  not  penalising  the  intake  when  a  part  of  the  intake 
flow  is  separated,  as  sketched  cn  fig.  33.  A3  dqffl  =  0  for  the  separated  part  of  the  flow,  the  equivalent 
mean  flow  would  have  the  same  pressure  recovery  as  the  outer  flow. 


If  an  engine  is  fed  with  such  a  separated  flow,  the  loss  of  thrust  would  be  entirely  attributed  to 
the  real  compressor  (which  is  not  ideal)  but  not  to  the  intake.  Suoh  a  definition  can  or  course  be  very 
interesting  for  the  Intake  designer,  but  not  for  the  engine  manufacturer. 


Another  class  of  definitions  is  based  on  the  assumption  of  the  momentum  conservation,  which 
corresponds  to  a  uniform  flow  supposed  to  be  obtained  by  a  natural  mixing  process  in  a  constant  area  duct 
without  wall  friction. 


In  this  case,  the  fourth  relation  is  s 
p-2  0*yM2)  A2  p2  dA2 


However,  as  the  engine  Mach  numbers  are  relatively  small,  some  simplflcations  are  also  used  : 


-  By  ignoring  the  terms  in  y  M*  respectively  to  1,  we  obtain  ; 


P2  *2  *  f(t  )  p2  dA2 
2 

Another  advantage  of  this  very  simple  definition  is  that  only  the  measuring  of  the  mass  flow  and  the 
static  pressure  are  necessary  to  obtain  the  mean  pressure  recovery.  Thus,  this  definition  is  used  when 
the  engine  face  station  is  not  equipped  with  total  pressure  probes. 


By  ignoring  the  terms  in 


Y  Mi 


respectively  to 


*2 1  hk2)  pi2  dA 


1  (as  is  usual  in  incompressible  flow),  we  obtain  : 


These  last  three  definitions  usually  give  almost  the  same  result.  The  last  one  is  the  most  often  adopted. 


Experience  shows  that,  when  the  flow  is  not  too  disturbed,  this  definition  permits  a  pretty  good 
evaluation  of  the  engine  thrust  and  so  it  can  be  recommended. 


1.9.2.  Engine  face  flow  distortion 

Engine  sensitivity  to  flow  distortion  -  Distortion  index  basis  (fig.  31*) 

In  order  to  obtain  a  physical  meaning  of  the  flow  distortion  effect  on  the  engine,  it  is  possible 
(as  was  already  done  in  $  1.1.6)  to  consider  the  flow  behaviour  relative  to  the  rotating  blades  of  the 
compressor. 
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The  two  components  of  this  flow  are  the  rotation  Mach  number  N/ZyRT^ ,  and  the  engine  face  Mach  number 
M,.  When  the  flow  is  uniform,  the  compressor  work3  on  it3  normal  operating  line  and  the  flow  angle  of 
attack  relative  to  the  blades,  015,  is  the  design  angle  of  attack  of  the  blade  profile.  In  non-uniform 
flow,  if  the  stagnation  pressure  p^  is  lower  than  its  mean  value  in  any  part  of  the  engine  face  area, 

and  taking  into  account  that  the  static  pressure  P2  is  practically  uniform,  the  local  Mach  number  is 
lower  than  the  mean  one.  As  a  consequence,  <*b  is  increased  locally.  If  ab  becomes  too  high,  a  separation 
takes  place  on  the  upper  surface  of  the  blade,  and  compressor  surge  can  occur. 


_ On  the  compressor  characteristic  curves  (fig.  3*0*  M2  being  locally  reduced,  for  a  given  value  of 

N/VTi2,  the  operating  point  moves  locally  towards  the  surge  limit. 


Of  course,  if  the  low-p.  area  is  of  a  small  extension,  the  global  effect  can  be  very  limited. 
i-2 

Then,  the  surge  limit  is  in  fact  only  encountered  when  the  low  stagnation  pressure  region  covers  a 
pretty  large  sector  of  the  engine  face  area,  for  instance  60°. 


This  general  flow  condition  is  the  basis  of  the  various  distortion  indexes  which  are  used  by  the 
different  engine  manufacturers. 


Distortion  index  definitions 


Some  examples  of  a  flow  distortion  index  are  indicated  hereafter. 
D^2'._i?0li2:52y££)_(fi8*  35) 

It's  a  direct  transcription  of  a  60°  sector  of  low  stagnation  pressure  : 


DC60  = 


) 

l2  min  60° 


-  P< 


where  (p<  )  is  the  minimum  value  of  the  mean  value  of  p<  on  any  sector  of  60°  of  the  engine  face 

2  min  60°  x2 

station, 

Pi2  is  the  mean  value  of  pj^  over  the  entire  section, 
q^  is  the  mean  dynamic  pressure. 

At  high  RPM,  a  high  level  of  distortion  corresponds  to  about  DC60  <  -0.3* 

Kq.  (Pratt  and  Whitney)  (fig.  35) 


If,  on  each  radius  Rj  of  the  engine  face  station  divided  into  ring3  of  equal  area,  p ^  is  plotted  as 
ction  of  the  radiu3  angle  8 ,  a  Foi 

CO 

Pi  (6 )  j  s  Ao  ♦  l  An  cos  (  n8  ♦  $) 


a  function  of  the  radiu3  angle  0f  a  Fourier  analysis  of  the  curve  gives  p^  in  the  following  form  : 


A^  qualifies  a  unique  large  section  of  low  p^  ,  A2  qualifies  a  2-sectors  type  of  low  p^  ,  and  so  on. 

As  the  largest  seotors  are  the  most  efficient,  An  is  balanced  by  1/n2 ,  and  the  highest  value  of  the 
successive  terms  An/n2  (limited  to  n  =  M)  is  selected  to  qualify  the  ring  distortion  coefficient  Aj  : 

Aj  =  (  -SU-l  1  max. 


n*  1  to  It 


As  the  rotation  speed  is  proportional  to  the  radius,  Aj  terms  are  ralanoed  by  Wj/Rj  (usually 
Vi  :  1) ,  whence  : 

J  .  ^ 


s 


j  *1  g 
i  — _!■ 
-  j  w 

q2  I  R1 
1  J 


Kg  can  be  complemented  by  the  radial  distortion  index  K 


J  , 

£  (p,  -  P.  )  R- 

K  _ lJL-h 

RA  -  .  1 


q2^7 


RA 


where  p  -  p  *  0  if  p  >  p. 

2  \)  XJ  *2 


Then  a  oomplete  distortion  index  is  defined  by  ! 
s  150  +  KRA 

At  high  RPM,  a  high  level  of  distortion  corresponds  to  about  K^  >  0.3,  and  KA  >  0.6. 
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IDC  (General  Electrio) 


In  the  same  manner  as  DC60,  IDC  is  based  on  the  lowest  values  of  at  the  engine  face  station  : 
On  each  ring  J  of  equal  area, 

h.  -(piBin)1 

IDC,  =  3 - i-  x  S. 

J  7T  A 


IDC  is  completed  by  a  radial  distortion  index  : 

Pi  -  Pt 
2  1 

IDR ,  =  - a  x  S„ 

J  ^  R 


SA  and  SR  are  some  coefficients  to  be  specified  for  each  engine. 

They  may  be  equal  to  1.  Maximum  values  of  IDCj  and  IDRj  are  selected. 
A  complete  distortion  index  is  defined  by  : 

ID  =  (IDC)  max  +  (IDR)  max. 

Various  distortion  index  consequences 


A  comfortable  result  for  the  various  engine  companies  in  using  a  specific  distortion  index  is  that 
the  sensitivity  of  competitive  engines  to  the  flow  distortion  is  difficult  to  compare  since  the  result 
depends  on  the  flow  distortion  profile  which  is  considered... 

Unsteady  distortion 

If  the  flow  is  unstable,  the  anglo  of  attack  05  of  the  rotating  blade  varies  in  function  with  the 
time  t  as  shown  in  the  example  on  the  upper  left  hand  sketch  of  fig.  36.  At  a  given  time,  the  resulting 
instantaneous  flow  stream  relative  to  the  blade  is  as  sketched  on  the  right-hand  drawing  of  fig.  36. 

It  is  obvious  that  to  induce  a  significant  separation  of  the  upper  surface  blade  flow,  it  is 
necessary  for  the  length  1  of  the  region  of  high  incidene  flow  to  be  a  pretty  long  part  of  the  blade 
chord  c.  Thus,  an  order  of  magnitude  is  given  by  the  condition  1  c. 

Let  T  be  the  period  of  the  flow  fluctuation,  and  the  mean  value  of  the  flow  speed  relative  to  the 
blade. 

T  T 

1  is  equal  to  j,  whence,  the  condition  s  Vb  j  >  c,  or,  by  projection  on  the  compressor  axis 

(lower  sketch  of  fig.  36),  v2  f  >  c<j»  c<(>  being  the  thickness  of  the  rotating  stage.  Thus,  the  maximum 
frequenoy  to  be  considered  is  : 

max  2c . 

It) 

As  an  example,  for  typical  values  like  M.,  =  0.5,  Vg  =  170  m/s,  c^  =  0.1  m,  f^  =  850  Hertz. 

This  result  is  coherent  with  f  =  1000  Hertz  which  is  occasionally  indicated  for  fighter  engines. 

max 

At  a  scale  of  jj,  wind  tunnel  tests  of  the  air  intake  will  require  a  band  pass  of  5000  Hertz. 

Test  equipment  and  acquisition  system 

A  standard  equipment  for  measuring  the  distortion  is  defined,  and  it  seems  convenient,  at  least  for 
military  aircraft  air  Intake  studies  :  8  rakes  of  5  probes  each,  on  rings  of  equal  area,  are  installed  at 
the  compressor  face  station  (fig.  37).  The  probes  are  Pitot  tubes  equipped  with  steady  and  unsteady 
pressure  transducers.  Band  pass  is  1000  Hertz  at  scale  1.  The  duration  of  acquisition  for  each 
measurement  point  is  30  to  60  seconds,  which  represents  roughly  the  time  for  the  aircraft  to  operate 
under  the  most  severe  of  the  distorted  flow  conditions  in  its  flight  schedule. 

In  wind  tunnel  tests,  it  is  important  to  obtain  steady  and  unsteady  distortion  index  measurements 
practically  in  real  time  in  order  to  compare  various  configurations  and  to  pilot  the  test  program. 
However,  the  number  of  the  high  rate  samples  of  the  40  unsteady  channels  is  such  that  the  acquisition  and 
calculation  processes  are  only  possible  on  huge  computers  which  usually  are  not  available  in  wind  tunnel 
test  oenters.  Simplified  systems  are  then  used,  some  examples  of  whioh  are  given  hereafter. 

ONERA  real  time  conditional  acquisition  system  (fig.  38) 

The  core  of  the  system  is  the  "quick  acquisition  system"  aotivated  by  the  "distortion  index  analog 
computer".  The  analog  computer  delivers  a  signal  proportional  to  the  value  of  a  given  distortion  index, 
like  Kg.  This  signal  is  used  to  start  the  quick  acquisition  of  a  given  number  of  pressure  distributions 
(pressure  maps)  as  soon  as  its  value  exceeds  a  given  threshold.  This  threshold  is  progressively  increased 
as  a  function  of  the  RMS  value  of  the  signal  from  the  beginning  of  the  process. 
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SURGE 


Fin  34  —  Engine  flow  distortion  sensitivity. 


Fig.  35  -  Engine  face  flow  distortion  index. 


Fig.  36  -  Rotating  blade  relative  flow  unsteady  condition. 


Fig.  37  -  Distortion  index  measurement.  Standard  equipment. 
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The  quick  acquisition  is  limited  to  256  maps  of  64  pressures  acquired  at  a  maximum  rata  of  16000 
Hertz,  and  can  only  be  repeated  at  intervals  of  0.5  sec.  During  this  time  interval,  acquisition  is 
inhibited  and  storage  is  transferred  to  the  wind  tunnel,  computer  for  the  calculation  of  the  various 
distortion  Indexes,  and  eventually  for  the  plotting  of  the  pressure  maps. 

The  acquisition  system  is  then  reactivated  until  the  threshold  is  no  longer  overpassed  during  a 
given  length  of  time. 

The  result  is  a  complete  flow  analysis,  in  certain  time  intervals  selected  on  the  basis  of  a 
privileged  distortion  index. 

At  the  same  time,  a  continuous  digital  record  of  the  64  channels  at  a  rate  of  16000  Hertz  is 
provided  by  a  P.C.M.  (Pulse  Code  Modulator)  recorder,  but  the  reading  and  the  data  reduction  of  this 
record  are  only  possible  in  deferred  time,  in  order  to  complete  the  unsteady  distortion  analysis,  if 
necessary. 

Distortion  index  analog  computer 

Distortion  index  analog  computers  can  be  built  to  obtain  in  real  time  the  unsteady  distortion 
characteristic  of  the  flow.  They  are  widely  used,  but,  of  course,  the  results  are  unfortunately 
restricted  to  the  programmed  distortion  index. 

HMS  analysis 

Very  simpler  are  the  unsteady  flow  analyses  based  only  on  the  measurements  of  the  mean  and  RMS 
values  of  the  pressure  probes.  A  turbulence  scheme  is  then  adopted  to  convert  the  results  into  unsteady 
pressure  maps,  and  to  calculate  the  distortion  indexes.  Assumptions  on  the  turbulence  vortex  radius  are 
proposed  by  [Melick,  78).  A  simpler  and  random  process  is  proposed  by  [Borg,  81].  These  theories  allow 
the  prediction  of  the  distortion  within  an  error  margin  of  about  20  J,  which  often  can  bo  considered  as 
acceptable,  as  regards  the  unsteady  distortion. 

II.  AFTERBODY 

II.  J.  AFTERBODY  CASIC_DATA  (fig.  39) 

.  The  main  parameters  defining  the  afterbody  design  conditions  are  : 

-  the  given  shape  of  the  upstream  part  of  the  afterbody,  which  is  characterized  here  by  a  diameter 
0f 

-  the  throat  diameter  of  the  nozzle,  <|> T 

-  the  pressure  ratio  of  the  nozzle  Jet,  t  *  p.  /p  . 

J  ° 

.  4> j ,  the  adapted  nozzle  exit  diameter  (Jet  expanded  to  the  ambient  pressure  pQ)  is  directly  derived  from 
T  and  t  by  the  nozzle  expansion  ratio  4>J^T  which  is  a  function  oft. 

.  qb  and  p  ,  the  mass  flow  and  the  maximum  available  pressure  of  a  secondary  flow  (cooling  flow, 

1b  max 

Intake  bleed  flow...)  are  also  significant  parameters. 

Typical  values  of  the  afterbody  parameters  as  a  function  of  the  flight  Mach  number  M  are  drawn  on 
fig.  39.  They  are  related  to  the  two  design  flight  conditions  :  cruise  flight  and  maximum  reheat. 

At  cruise  flight,  the  nozzle  throat  $  7  is  restricted  and  the  jet  is  slightly  expanded.  The  nozzle 
exit  $ j  is  much  smaller  than  the  upstream  afterbody  dimension  $ m. 

At  maximum  RPM  and  reheat,  $7  is  largely  open,  and  the  Jet  expansion  ratio  is  much  bigger.  It 
Increases  with  Mq,  and  the  nozzle  exit  $  j  becomes  equivalent  to  at  about  a  flight  Mach  number  Mq  equal 
to  2. 

IIi2::_CLASSIC_AFTERB0DY_DESIGNs 

II. 2.1.  Long  variable  flap  ejector  (fig.  40) 

A  direct  but  weight-ridden  solution  of  afterbody  adaptation  is  t.  adjust  the  external  profile  by  a 
series  of  long  variable  flaps,  and  the  internal  convergent-divergent  nozzle  by  two  series  of  flaps. 

Secondary  air,  q.,  can  be  injected  either  into  the  base  of  the  afterbody,  o^  the  throat  of  the 
nozzle,  depending  on  the  amount  of  the  secondary  mass  flow  and  on  the  maximum  pressure  p,  available. 

lb  max 

Afterbody  design  study  usually  proceeds  by  using  if  E  (nozzle  exhaust  diameter)  as  the  optimisation 
parameter. 

At  supersonio  Mach  numbers,  by  increasing  $  the  Internal  thrust  overtakes  a  maximum  when  the  jet 
is  exactly  adapted  (exit  pressure  pg  r  p0),  but  the  external  drag  continuously  reduces,  so  the  optimum 
value  of$E  corresponds  to  a  slightly  overexpanded  nozzle  (fig.  40). 
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Concerning  the  secondary  flow,  the  maximum  thrust  is  obtained  by  using  the  maximum  pressure  pi 

o  max 

available.  If  this  pressure  is  pretty  high,  as  it  is  for  the  bleed  flow  of  an  intake  throat,  it  is  more 
efficient  to  admit  the  secondary  flow  to  the  nozzle  throat  due  to  the  possibility  of  a  supersonic 
expansion  of  this  flow  in  the  diverging  nozzle. 

If  the  secondary  mass  flow  is  very  small,  or  of  a  low  maximum  pressure,  it  is  simpler  as  well  as 
acceptable  to  blow  it  towards  the  afterbody  base. 

At  subsonic  oruise  Mach  number  and  reduced  RPM,  it  would  be  necessary  to  close  up  the  nozzle  exit  to 
avoid  an  internal  overexpansion.  However,  in  this  oase,  external  overspeed  and  separation  wouxd  occur  on 
the  afterbody  boattall.  In  order  to  avoid  this  occurrence,  it  is  possible  to  combine  a  moderato  closure 
of  the  external  flaps  with  the  opening  of  auxiliary  doors  (fig.  41).  In  this  case,  the  door  flow  fills  up 
the  space  between  the  external  flaps  and  the  internal  flaps  adapted  to  the  jet  expansion. 

11. 2. 2.  Fixed  shroud,  trailing  edge  flap  ejector  (fig.  42) 

A  less  weight-ridden  but  also  less  performing  solution  of  afterbody  design  is  the  one  sketched  on 
fig.  42. 

A  fixed  shroud  is  equiped  with  a  series  of  trailing  edge  flaps  which  permits  the  simultaneously 
varying  of  the  boattail  shape  and  the  nozzle  exit  area.  Auxiliary  doors  are  open  at  subsonic  flight 

conditions.  The  door  flow  is  then  full  and  fills  the  space  between  the  adapted  jet  and  the  nozzle  flaps. 

In  fact,  in  the  same  flight  conditions,  it  is  also  possible  to  admit  more  secondary  flow  rather  than 
door  flow  at  the  throat  of  the  diverging  nozzle.  The  result  presented  on  fig.  43  shows  that  the  larger 
the  length  L  of  the  nozzle,  the  higher  the  optimum  value  of  the  secondary  mass  flow.  In  the  particular 

conditions  of  the  study,  an  auxiliary  door  opening  would  only  improve  the  thrust  at  values  of  ^  larger 

than  1.  Such  large  values  of  ^  are  only  encountered  when  the  design  flight  Mach  number  is  pretty  high,  of 
the  order  of  Mq  equal  to  2. 

Actual  solutions  of  fixed  shroud,  trailing  edge  flap  ejector  with  reverse  capability,  as 
respectively  applied  to  prototype  and  on-line  "Concordes"  are  presented  on  fig.  44. 

The  prototype  afterbody  includes  a  fixed  shroud  and  trailing  edge  flaps,  auxiliary  doors,  nozzle 
throat  flaps,  and  internal  reverse  bucklets,  the  closure  of  which  opens  a  passage  to  reverse  cascades. 

The  final  design  for  on-line  aircraft  is  simpler.  It  includes  a  "TV"  (television)  nozzle  exit  shape 
which  is  more  convenient  for  the  case  of  two  side-by-side  engines.  The  variation  of  the  nozzle  exit  area, 
the  opening  of  an  auxiliary  passage,  and  the  reverse  operation  are  ensured  by  only  adjusting  the  closing 
up  of  the  rear  bucklets.  With  such  a  solution,  flexibility  and  aerodynamic  performance  are  of  course  more 
limited,  but  the  weight  is  greatly  reduced. 

11. 2. 3.  Two-flap  ejector  nozzle  (fig.  45) 

The  two  series  of  flap  ejeotor  nozzle  which  is  sketched  on  fig.  45  represents  a  still  more  simplified 
solution  of  afterbody  adaptation.  It  is  used  on  a  lot  of  combat  aircraft,  for  Instance  on  the  "Mirage" 
family. 

Only  the  throac  area  and  the  external  boattail  are  adjustable  with  such  a  system. 

As  shown  on  fig.  45,  the  distance  L  between  the  throat  and  the  trailing  edge  of  the  external  flaps 
is  a  very  sensitive  parameter  for  designing  the  length  of  the  external  flaps  in  supersonic  flight 

conditions.  If  this  distance  is  too  short,  the  internal  jet  expands  up  to  the  external  flow,  which 

corresponds  to  an  overexpanded  Jet  and  to  a  low  base  pressure  pfa  penalizing  the  thrust.  The  optimum 
distance  is  the  one  for  which  the  jet  is  correctly  expanded  and  reattached  at  the  extremity  of  the  flaps. 

The  subsonic  adaptation  is  different.  In  subsonic  flow,  it  is  expedient  to  close  the  external  flaps 
to  profit  from  the  subsonic  recompression  of  ths  external  flow  on  the  flaps.  However,  this  recompression 

is  limited  to  maximum  flap  angle  values  as  a  function  of  the  Mach  number.  A  pretty  general  law  for  these 

values  is  given  on  fig.  46. 

On  the  other  hand,  this  maximum  closure  of  the  flaps  is  often  not  sufficient  to  achieve  an  adapted 
expansion  of  the  internal  jet.  In  such  a  case,  if  reattaohment  occurs,  the  Jet  is  overexpanded,  the  base 
pressure  is  low,  and  the  thrust  is  penalized,  so  it  is  more  advantageous  to  limit  the  olosure  of  the 
flaps,  at  the  expense  of  the  external  drag  and  to  leave  the  internal  jet  detached.  The  limit  is  given  on 
fig.  47,  which  summarizes  the  results  of  a  lot  of  tests  within  a  large  domain  of  flow  conditions.  The 
distance  H  between  the  Jet  boundary  and  the  flap  is  obtained  by  a  calculation  of  the  Jet  expansion  is  an 
ambient  pressure  pQ  by  the  method  of  characteristics.  The  drop  in  the  base  pressure  pfa  begins  for 
distance  H  smaller  than  0.4  the  length  of  the  Jet  boundary. 

This  limit  can  be  Improved  by  seoondary  air  flow  injeotion,  as  indicated  on  fig.  48. 

11. 3.  TWO-FNGINE  AFTERBODY  DESIGN 


II. 3.1.  Twin  engines  integration  (fig.  49) 
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Fig.  42-  Fixed  shroud  ejector  with  trailing  edge  flaps  and  auxiliary  door. 
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Fig.  43  —  Secondary  flow  qp  and  auxiliary  door  effectiveness  [Hardy.  S3], 
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Fig.  44  -  Fixed  shroud  ejector  with  reverse.  Actual  design 
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Fig.  45  -  Two  flap  (light)  ejector  nozzle.  Supersonic  flap  length  adjustment  [da  Richemont,  Delery,  84\ 
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Fig.  46  -  Two  flap  ejector  nozzle.  Subsonic  external  drag.  [Carri&re,  Sirieix,  Hardy,  6SJ. 


Fig.  47  —  Two  flaps  ejector.  Subsonic  internal  performance.  Jet  reattachment  limit  [Carridre,  Sirieix,  Hardy,  68]. 


Fig.  48  -  Two  flap  ejector.  Subsonic  internal  performance.  Secondary  flow  effect 
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Fig.  49  -  Twin  engine  aircraft  nozzle  installation.  3D  (TV)  nozzle  |  Hardy,  711 
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A  first  example  of  an  integration  study  of  a  two-engine  configuration  is  the  one  of  the  twin  engines 
of  the  "Concorde" . 

In  this  case,  the  best  integration  was  obtained  by  a  3-D  "TV"  (television)  shape  of  the  nozzle,  as 
shown  on  fig.  49. 

In  comparison  with  a  twin  axisymmetric  side-by-side  exhaust  system,  the  result  of  the  study  at 
flight  Mach  number  M I  ®  2  shows  that  the  3-D  shape  of  the  nozzle  causes  a  loss  of  internal  thrust  of 
0. 15J,  but  the  external  drag  of  the  afterbody  is  reduced  (0.6>  gain  of  thrust)  so  the  net  thrust  is 
improved  by  0.45J. 

II. 3. 2.  Nozzle  spacing  of  a  two-engine  afterbody  (fig.  50) 

A  second  example  of  an  optimisation  study  of  a  two-engine  fighter  configuration  is  the  design  of  the 
spacing  between  the  exhaust  nozzles. 

In  such  a  case,  a  large  spacing  is  advantageous  in  subsonic  speed  due  to  the  recompression  of  the 
flow  on  the  boattail  between  the  nozzles,  but  it  is  disadvantageous  in  supersonic  speed,  due  to  the 
supersonic  overexpansion  on  the  same  boattail. 

This  is  clearly  indicated  by  the  drag  terms  given  on  fig.  50  at  M  =  0.9  and  M  =  1.6,  and  is  a 
pretty  common  example  of  the  conflict  between  the  subsonic  and  the  supersonic  performances. 

II. 4.  PLUG  NOZZLE  (fig.  51) 


Axisymmetric  plug  nozzles,  as  represented  on  fig.  51,  are  very  attractive  from  the  aerodynamic  point 
of  view,  due  to  the  smooth  recompression  of  the  flow  around  the  emerging  spike  at  subsonic  speed.  They 
have  been  intensively  studied  in  the  past,  but  without  practical  development.  The  reasons  for  this  are 
certain  technical  difficulties  arising  from  strength  and  cooling  problems  on  the  plug,  and  also 
performance  losses  when  designing  an  actual  solution  with  variable  throat  area  and  secondary  flow. 

II. 5.  THRUST  VECTORING 


VTOL  aircrafts  are  not  considered  within  the  framework  of  this  paper. 

For  more  conventional  aircraft  however,  new  thrust  vectoring  systems  are  being  developed  which 
represent  an  important  field  of  research  for  the  next  generation  of  fighters.  The  aim  is  to  improve 
aircraft  manoeuvrability.  The  use  of  forward  "canard"  control  surfaces  on  the  present  Tighters  also 
affords  the  opportunity  to  balance  the  rear  lift  of  a  vectored  nozzle. 

Two  types  of  solutions  are  presented  hereafter  as  examples. 

11. 5. 1.  Vectoring  axlaynmictrlc  nozzle  (fig.  52) 

An  axisymmetric  vectoring  nozzle  proposed  by  the  SNECMA  is  presented  on  fig.  52.  It's  a  classical 
"two  series  of  flaps"  ejeotor  nozzle,  which  entirely  pivots  ahead  of  the  nozzle  throat.  The  advantage  of 
such  a  solution  is  that  the  thrust  car  be  oriented  in  any  direction. 

The  thrust  performance  and  the  deviation  effectiveness  are  Indicated  on  the  figure.  A  surprising 
result  is  that  at  high  angle  of  rotation,  the  Jet  is  more  deviated  than  the  nozzle  axis.  This  effect  is 
imputed  to  the  detailed  flow  field  ahead  of  the  nozzle  throat. 

11. 5. 2.  Vectoring  2-D  nozzle  with  reverse  (figs.  53,  54) 

Another  class  of  solutions  is  the  veotoring  2-D  nozzle  realized  by  2-D  flap  arrangements.  These 
solutions  can  be  more  efficient  due  to  the  more  favourable  external  flow  field  Interferences,  but  there 
are  also  more  weight-ridden  than  the  axisymmetric  ones. 

Many  detailed  arrangements  have  been  proposed.  One  of  them  is  presented  on  fig.  53. 

The  throat  area  is  made  adjustable  by  a  first  pair  of  flaps. 

The  nozzle  expansion  ratio  and  the  flow  deviation  are  insured  by  a  second  pair  of  profiled  flaps. 

Among  the  advantages  of  this  solution,  it  is  possible  to  totally  close  the  nozzle  throat  by  the 
throat  flaps,  and  to  ensure  an  efficient  reverse  flow  by  simultaneously  opening  reverse  flaps. 

The  benefit  of  very  favourable  external  flow  field  interferences  is  substantiated  on  fig.  54.  In 
subsonic  flow,  a  large  induced  lift  is  added  to  the  lift  alone  of  the  deviated  Jet. 

II  .6.  I5525?I£5i!:-U§I-2“ 

A  typical  afterbody  theoretical  flow  field  ealoulation  is  presented  on  fig.  55  as  an  example. 


The  internal  transonic  flow  field  up  to  the  nozzle  throat  is  calculated  by  a  finite  differenoe 
method  using  hodographio  parameters  which  are  well  adapted  to  the  straight  parts/sharp  edges  internal 
duct  shape. 


Fig.  54  -  Vectoring  2D  nozzle.  Jet  induced  lift  [Barrier ,  Re,  78 1. 
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Fig.  55  -  Afterbody  study.  Theoretical  methods  [Hardy,  Dutouquet,  8>\. 
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Fig.  56  -Afterbody  wind  tunnel  test  mounting. 
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The  supersonic  nozzle  flow  and  the  Jet  expansion  are  calculated  by  the  method  of  characteristics 
which  gives  a  precise  description  of  the  jet  and  a  fine  evaluation  of  the  internal  thrust. 

The  secondary  flow  and  the  external  flow  are  calculated  by  a  finite  difference  method  in  a  suitable 
coordinate  system. 

Coupling  processes  are  insured  between  the  various  calculations,  including  boundary  layer 
calculations  and  viscous  shear  line  displacement  effect. 

II. 7.  AFTERBODY  WIND  TUNNEL  TEST  TECHNIC 


II. 7.  1.  Afterbody  model  support  (fig.  56) 

The  most  difficult  problem  is  to  design  a  model  support  which  doesn’t  disturb  the  flow  field  in  the 
vicinity  of  the  afterbody. 

The  difficulty  of  designing  suoh  a  support  is  amplified  by  the  thickness  of  the  support  which  mu3t 
supply  the  compressed  air  to  the  exhaust  nozzle  and  which  must  also  resist  the  aerodynamic  loads. 

Two  types  of  supports  are  used,  which  are  sketched  on  fig.  56. 

The  "forward"  strut  presents  the  advantage  of  not  modifying  the  area  rule  of  the  rear  part  of  the 
model.  It  seems  that  this  kind  of  support  is  the  less  unfavourable  in  subsonic  flow. 

The  "wing  tip"  support  can  be  designed  in  such  a  way  that  the  waves  attached  to  the  support  no 
longer  reach  the  afterbody  above  a  given  supersonic  Mach  number.  Although  the  wing  shape  has  to  be 
modified  to  admit  the  passage  of  the  compressed  air,  the  supersonic  perturbation  of  such  an  arrangement 
car.  be  quite  reduced,  and  leas  penalizing  than  the  forward  strut  rig. 

11. 7. 2.  Internal  balance  (fig.  57) 

The  net  thrust  measurement  of  the  afterbody  can  be  obtained  by  an  internal  balance  arrangement,  as 
sketched  on  fig.  57. 

External  and  internal  seals  are  necessary  to  separate  the  weighted  part  from  the  forward  part  of  the 
model.  The  momentum  of  the  internal  flow  at  the  separation  section  which  is  an  important  term  of  the 
weighting  system  must  be  calibrated.  In  some  cases,  the  flow  enters  the  weighted  part  perpendicularly  to  I 

the  longitudinal  axis  in  order  to  minimize  the  flow  momentum  effect. 

The  measured  thrust  of  the  afterbody  is  compared  on  the  same  rig  to  the  drag  of  the  afterbody  of  the 
complete  aircraft  model  as  it  is  wind  tunnel  tested  on  a  sting  support,  in  order  to  obtain  the  net  thrust 
or  the  aircraft. 

Of  course,  some  corrections  must  still  be  applied,  such  as  the  hot  gas  effect  corrections  which  can 
be  studied  on  a  static  test  bench. 

A  more  preolse  evaluation  of  the  afterbody  effect  on  the  aircraft  performance  would  also  have  to 
take  into  account  the  lift  and  the  moment  of  the  afterbody  forces  by  using  a  three  component  balance. 

As  a  matter  of  fact,  such  an  Internal  balance  is  not  easy  to  realize  and  calibrate  and  so  it  is 
sometimes  more  practicable  to  use  an  external  balance  arrangement  at  the  wall  of  the  wind  tunnel  as 
described  hereafter. 

11. 7. 3.  External  balance  (fig.  58) 

Another  possibility  for  measuring  the  afterbody  performance  is  to  put  the  complete  rig  (support 
strut  and  aircraft  model)  on  a  wall  balance  of  the  wind  tunnel,  the  balance  being  equipped  with  a 
calibrated  uncoupling  system  of  oompressed  air  supply,  as  sketched  on  fig.  58. 

It  is  then  easier  to  measure  the  three  components  (or  the  six  components,  if  necessary). 

Again,  the  comparison  of  the  real  afterbody  (with  the  real  Jet)  to  the  reference  afterbody  of  the 
complete  aircraft  model  must  be  made  on  the  same  support. 

•Some  details  on  the  performance  evaluation  process  are  presented  in  the  next  section. 

11. 7. 4.  Afterbody  test  bookkeeping  and  performance  evaluation  (fig.  59) 

For  a  more  detailed  evaluation  of  the  performance  of  the  afterbody,  it  ia  necessary  to  know  the 
reference  thrust  of  the  nozzle  equipping  the  model  of  the  real  afterbody,  T  .  This  thrust  can  be 
defined  by  a  test  of  the  nozzle  on  a  static  test  bench. 

Thua,  knowing  the  forces  applied  to  the  reference  afterbody  model  configuration  (D^j.)  and  to  the 
real  afterbody  (DT),  as  described  on  fig.  59,  the  exhaust  system  installation  drag  can  be  defined  and 
obtained  by  ths  following  equation  : 

“installation  1  °T  '  {Dref  “  Tref)’ 

D.  represents  the  sum  of  the  internal  thrust  loss  and  the  external  afterbody  drag  (compared  to 
the  reference  afterbody). 

4 
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If  there  is  a  lift  effect,  AL  being  the  difference  between  the  lift  forces  measured  with  the  real 
afterbody  and  with  the  reference  afterbody,  it  can  be  established  [Leynaert,  7*t]  that  this  lift  im¬ 
provement  is  equivalent  to  a  drag  reduction  given  by  ; 
dCD 


*D  "  dC£» 


dCD 

where  -j=-  i« 
dCL 


the  inverse  of  the  local  slope  of  the  polar  curve  of  the  complete  aircraft. 


By  converting  in  the  same  way,  the  difference  of  the  moments  of  the  afterbody  forces  by  an 
equivalent  eq  ilibrium  drag,  the  net  installation  drag  of  the  exhaust  system  can  finally  be  obtained. 
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Amongst  the  main  requirements  for  the  next  generation  of  Combat  Aircraft,  three  of  them 
involve  the  development  of  advanced  engine  intakes  and  nozzles  fully  integrated  to  the  airframe,  with 
the  purpose  of: 

a)  a  low  detectability:  reduction  of  Radar  and  Infrared  Signatures  for  a  better  survivability, 

b)  a  combat  "supermanoeuvrability",  requesting  excursions  at  very  large  angles  of  attack,  beyond 
maximum  lift,  combined  with  large  sideslip, 

c)  a  short-airfield  capability,  both  for  take-off  and  landing. 


i)  The  "stealth"  concept  involves  a  range  of  technologies  to  be  incorporated  at  the  preliminary  design 
stage.  It  is  well  known  that  the  way  of  detecting  -and  engaging-  hostile  Aircraft  is  by  radar 
surveillance  (ground  based  or  carried  in  AWACS  type  Aircraft),  followed  by  autotraking  and  radar  or 
infrared  missile  launching,  for  example. 

The  two  solutions  for  a  low  observable  configuration  (Fig.  1)  are: 

-  a  reduction  of  the  radar  cross-section,  thanks  to  : 

.  a  suitable  airframe  shaping  (smooth  curves,  good  blending  of  discontinuities  like  wing/tail/ 
fuselage  junctions,  suppression  of  sharp  corners,  better  external  stores  integration) | 

.  the  use  of  radar-absorbant  material  coated  cn  the  airframe  skin,  or  advanced  composite 
structure  design) 

.  an  engine  intake  location  less  "visible",  above  wing/fuselage,  for  example. 

-  a  reduction  of  the  infrared  signature,  thanks  to  a  deflectable  propulsive  nozzle,  which  reduces 
the  infrared  emission  from  the  hot  turbine  or  afterburner  flow. 


FIG.  1 

A  HEW  CHALLENGE  for  AIRFRAHE/EnGinE  INTEGRATION  : 
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(*)  Prepared  unclassified  remarks  to  complement  the  survey  paper  on  "Fundamentals  of  Fighter  Aircraft 
Design:  EMC  IKK  INTAKE  AKD  AFTERBODIES",  by  J.  LEYNAERT  (OSERA),  at  the  ACARDTDP-VKI  Special 
Course,  Feb.  IUSO. 
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II)  Concerning  the  TOP-INLET  concept  to  reduce  the  radar  signature,  some  publiched  wind-tunnel  results 
£ref.  1,  2J  ,  show  that  the  Pitot  intake  efficiency  remains  i;-*ite  good,  even  at  large  angle  of 
attack,  if  a  vortex  sweeping  phenomena  is  developed  from  a  slei._cr  front  wing  (strake  with  large 
L.E.  sweep),  as  illustrated  on  Figure  2  by  NASA  and  Northrop  tests  at  low  speed  w  However  an 
unsymetrical  vortex  bursting  with  side-slip  is  quite  dangerous  when  a  combination  of  large 
incidence  and  yaw  angles  occurs.  The  same  conclusions  were  found  by  FFA/Sweden  £2}  0n  a  Fighter 
model  tested  with  a  top-inlet  at  subsonic/transonic/supersonic  speeds,  again  with  a  pitot-type 
intake  (Fig.  3)i  it  is  interesting  to  note  that  vortex  generators  are  efficient  to  reduce  a  large 
boundary-layer  separation  in  front  of  the  inlet  at  supersonic  regime. 

Positive  aspects  of  this  top-wing  mounting  are  to  avoid  some  problems  related  with  a 
conventional  ventra]  intake  location:  easier  integration  of  the  external- ventral  stores  and  no 
more  ingestion  of  foreign  objects  (or  hot  gas)  when  rolling  on  the  ground. 


FIG.  2 
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III)  On  the  Aircraft  propulsion  sideT  a  lot  of  fundamental  and  applied  Research  were  [j],  and  are  still 
devoted  to  the  use  of  the  jet-engine  for  inducing  aerodynamic  lift. 


1 1 1 . 1 )  Figure  4  summarizes  two  well-known  approaches: 

a)  A  small  amount  of  compressed  air  bleed,  taken  on  the  turbojet  HP  compressor! -) .  can  be  used 
for: 

-  boundary-layer  control,  by  blowing  on  leading-edge  or  on  trai ling-edge  flapi 

-  spanwise  blowing,  for  enhancing  a  powerful  vortex  lift  on  a  slender  wing( 

-  or  for  direct  reaction  controls  around  the  three  axis  of  an  Aircraft  during  Hovering- 
Transition  regimes  (VTOL),  or  during  post-stall  manoeuver  (future  fighters). 

b)  Another  approach  is  to  use  the  full  exhaust  flow  of  the  turbojet,  and  to  deflect  it  at  the 
rear  part  of  the  wing  to  induce  some  aerodynamic  lift  by  "jet  flap  effect",  which  is  added 
to  the  vertical  thrust  component  of  the  jet. 


This  thrust  vectoring  optimization  is  illustrated  on  Figure  5-  where  the  induced  lift  is  much 
larger  when  the  deflected  nozzle  is  located  at  the  wing  trai ling-edge  of  a  fighter  configura¬ 
tion. 

FIG.  4 
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(«)  The  thrust  penalty  due  tn  this  bleed  on  a  conventional  jet-engine  is  quite  severe:  about  lOf 
thrust  losses  for  a  S*  compressed  air  bleed)  a  specific  engine  cycle  design  for  an  economic 
permanent  bleed  would  be  very  rewarding  fer  future  V/STOL  or  supermanoeuvrable  A/C  projects. 
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III. 2) 


%% 


A  practical  corabat  configuration  was  tested  by  NASA^Ames  at  large  scale  (Fig.  6),  with  two 
actual  jet  engines  exhausting  on  the  upper  surface  of  the  flaps  and  used  for  thrust  vectoring. 
A  spanwise  blowing  at  the  wing  mid-chord  was  also  generated  from  a  side-fuselage  port  capturing 
directly  a  small  amount  of  the  aft-turbine  hot  flow:  the  induced  vortex  lift  at  large  angles  of 
attack  is  clearly  visible  on  the  curves,  and  the  maximum  lift  obtained  at  high  thrust  regime  is 
very  impressive)  lastly,  the  large  nose-down  pitching  moment  is  self  trimmed  with  this  actual 
unstable  configuration. 

Manoeuver  improvement  during  high  speed  combat  (Mach  0.6)  thanks  to  thrust  vectoring  is 
illustrated  on  Figure  7  for  a  similar  fighter  configuration,  tested  on  a  small  wind-tunnel 
model  01- 


FIG.  6 
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FIG.  7 


IMPROVEMENT  IN  C.  AND  TURN  RATE  WITH  THRUST  VECTORING  (Ref  U5AF/F0L) 
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III. 3)  Various  configurations  of  two  dimensional  nozzles  have  been  proposed  and  tested  by  several  US 
laboratories  (Fig.  8),  which  are  able  to  ensure: 

-  the  cruise  propulsion,  including  at  supersonic  regime  (with  a  convergent-divergent  nozzle), 

-  the  lift  enhancement  thanks  to  thrust  vectoring, 

-  a  braking  effect  through  thrust  reversing,  usable  for  landing  roll  reduction  and  quick 
deceleration  in  flight  manoeuver, 

-  and  even  some  yaw  vectoring  capability,  when  using  sidewall  flaps  or  ports. 

Moreover,  in  the  framework  of  the  Joint  Advanced  Fighter  Kngine  Program  £4^  >  launched  by  USAF 
for  the  Advanced  Tactical  Fighter  (ATF),  the  two  Technology  Demonstrators,  designed  by  General 
Electric  and  Pratt  and  Whitney  (low  BPH  augmented  turbofans,  ,10000  lb  thrust  class)  will  have  2 
dimensional  vectoring  and  reversing  nozzles  (Fig.  8dL) such  nozzles  will  "give  pilots  manoeu¬ 
vring  advantages  in  air  combat  and  shorten  landing  rolls,  reduce  base  drag,  and  help  minimize 
the  ATF's  infrared  and  radar  signatures.  Extra  weight  seems  the  greatest  disadvantage"  £4^  • 

In  the  meantime,  the  US  Air  Force  will  evaluate  in  flight  the  2P  nozzle  Technologies  on  a 
modified  F—  1 5  in  I9bb  (Fig.  9>=  a  new  digital  fly-by-wire  flight  control  system  will  coordinate 
2P-nozzles.  canard  and  conventional  existing  control  suurfaces  from  standard  flight-control 
imputs  by  the  pilot)  thanks  to  a  large  thrust  reversing,  a  ('O''  landing  roll  seems  possible  (use 
of  damaged  runways)  and  the  thrust  vectoring  will  be  used  for  take-off  rotation,  low  speed 
approach  and  supermanoeuuvrabil ity  in  combat. 


2  Dim.  MOZZLE  CONCEPT!)  for  THRUST  VECTORING 
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IV)  Combat  Aircraft  .Supcrmanocuvrabi lity  is  defined  as  the  capability  to  manoeuver  and  control  the 
Aircraft  at  angle  of  attack  beyond  the  maximum  lift,  as  shown  on  Figure  10:  the  main  objective  of 
this  post-stall  excursion  is  to  allow  instantaneous  manoeuver  at  low  speed:  small  radius  of  turn 
at  high  turn  rate  can  provide  an  unique  tactical  advantage  in  air  combat.  To  perform  such 
past-stall  manoeuver,  it  is  necessary  to  generate  large  control  forces  (independant  of  the  poor 
aerodynamic  control  forces  available  at  those  low  dynamic  pressures  ,  and  with  a  strong  flow 
separation  regime):  the  solution  is  to  use  the  powerful  engine  thrust  vectoring  integrated  inside 
the  active  flight  control  system  (Fig.  10) t  this  active  control  includes  orders  to  canard 
surfaces,  auxiliary  intakes,  engine  RPM,  and  possibly  to  reaction  controls  or  unsymetrical 
spnnvise  blowing  (for  rollTli  valuable  air-data  informations  (speed,  Aircraft  attitude,  etc.)  must 
be  provided  to  the  computer,  but  it  is  not  so  easy  at  such  flight  regime... 
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COMBAT  AIRCRAFT  BUPCRMAMOEUVRABILITY 


V)  To  conclude  these  remarks  on  the  leading  role  of  the  engine  for  Aircraft  manoeuvrability  improve¬ 
ment,  it  must  be  recalled  that  a  well-known  operational  VTOL  Aircraft,  the  Harrier/AV-8,  with  its 
Pegasus  engine  equipped  with  four  vectoring  nozzles,  is  already  able  to  use  them  not  only  for 
instantaneous  high  turn  rate,  but  also  for  rapid  deceleration  in  combat  (or  during  steep  approach 
before  vertical  landing). 

The  next  step,  studied  by  Rolls-Royce  [s],  would  be  to  develop  an  engine  configuration  with"plenum 
chamber  burners"  inside  the  "cold"  rotating  nozzles  (Fig.  II)  for  supersonic  flight  capability, 
combined  with  an  axisymetric  vectoring  "hot"  nozzle  for  pitch  and  yaw  control  (+  reaction  controls 
for  roll?). 

Such  supersonic  combat  configuration  would  be  able  to  perform  a  highly  loaded  STOL  take-off 
followed  by  a  vertical  landing  when  unloaded  (STOVL  concept). 


fig.  n 
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AIRFRAME/ STORE  COMPATIBILITY 

C  L  Bore 


Head  of  Research 
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SUMMARY 


By  considering  the  various  parameters  that  dominate  the  vAlue  of  a  fighter  air-force,  we  can  Isolate  those 
terms  which  respond  to  Influences  of  store  Installation  and  store  release  features.  It  Is  shown  that 
stores  affect  the  transport  capacity  of  the  air-force  through  the  lift/drag  ratio,  the  availability  factor 
through  the  agility  term,  and  the  target-killing  factor  through  the  delivery  accuracy  term. 

Next  we  examine  the  physical  effects  of  store  installations,  identifying  ways  to  minimise  the  undesirable 
effects.  Thus  drag  prediction  and  drag  reduction  are  considered  in  some  depth.  The  effects  of  drag  on 
the  agility  of  the  aircraft  are  examined  and  stability  and  flutter  effects  are  reviewed.  Store  release 
considerations  are  reviewed.  Finally,  some  recent  approaches  to  store/alrf rame  Integration  are 
considered. 

INTRODUCTION 


Our  task  here  Is  to  consider  the  whole  topic  of  alrframe/store  compatibility.  In  the  context  of  the 
fundamentals  of  fighter  aircraft  design.  Now  this  context  tends  to  concentrate  our  attention  more  on  the 
basic  fighter  design  aspects  of  airframe/store  compatibility  rather  than  going  Into  details  of  store 
technologies  In  general.  It  also  suggests  that  we  should  consider  the  fundamental  reasoning  behind 
various  choices  we  have  to  make.  We  will  concentrate  on  understanding  the  basic  Interactions  of  stores 
with  fighter  design,  together  with  some  Indications  of  magnitudes  of  the  niaibers  Involved.  Fuller 
follow-ups  of  these  lectures  can  be  made  by  reading  selected  references,  such  as  references  1  and  2. 

The  first  section  Is  an  analysis  of  the  main  parameters  which  dominate  the  value  of  a  fighter  air-force. 
Tie  other  sections  are  all  concerned  with  the  effects  of  store/alrframe  interactions.  Thus  the  sections 
are  as  follows: 

SECTION  HEADINCS 

•  The  "leverage"  of  store/alrframe  effects  on  air-force  value 

•  Dreg  and  other  Installed  forces 

•  Agility,  as  affected  by  drag 

•  Stability  and  flutter 

•  Store  release 

•  Alrframe/store  Integration 


1 )  THE  "LEVERAGE"  OF  STORE/ AIRFRAME  EFFECTS  ON  AIR-FORCE  VALUE 

From  my  experience  in  fighter  aircraft  design,  I  felt  that  aircraft  designed  before  (aay)  1976  tended  to 
be  something  like  figure  1.  The  airframe  itself  was  designed  carefully  to  be  smooth  for  low  drag,  but  the 
stores  tended  to  have  excrescences  more  appropriate  to  a  heavy  truck.  If  one  complained  that  the  store 
designer  was  squandering  the  drag  which  had  neen  won  by  means  of  painstaking  attention  to  detail  on  the 
aircraft,  one  was  liable  to  be  met  by  remarks  to  the  effect  that  stores  had  to  be  very  cheap  (because  they 
had  to  be  thrown  away  in  large  numbers)  and  in  any  case  they  were  not  meant  to  be  carried  on  the  way  back. 
The  point  that  draggy  stores  require  bigger  and  more  expensive  aircraft  seemed  not  to  be  appreciated. 
Furthermore,  there  were  many  pylon  and  store-carrier  features  that  were  to  he  carried  moat  of  the  time, 


FIGURE  1  WHY  SHOULD  AERODYNAMIC  CLEANLINESS  STOP  AT  THE  PYLON 7 


Clearly,  if  financial  controllers  were  to  be  persuaded  of  the  benefits  of  making  improvements  to  the 
aerodynamics  of  stores  and  their  installations,  it  wou’d  be  necessary  to  argue  in  their  language:  money. 
I  made  my  first  attempt  to  assess  the  value  of  aircraft  design  improvements  in  chapter  1  of  the  AGARD 
Working  Group'a  report  (reference  1),  and  a  better  attempt  in  reference  3.  The  latter  is  the  basis  for 
the  analysis  which  follows. 


Assessing  the  Value  of  an  Airforce 

Value  is  related  to  the  amount  that  one  would  be  prepared  to  pay  for  the  usefulness  supplied,  in  the 
circumstances  of  use.  Thus  the  value  may  vary  greatly  with  the  circumatances.  If  you  have  Just  fallen 
out  of  an  aircraft,  you  would  place  a  high  value  on  a  parachute,  but  if  you  are  drowning  you  would  not. 

We  cannot  be  sure  in  advance  about  the  range  of  scenarios  in  which  our  aircraft  will  be  used  eventually. 
For  example,  the  Harrier  was  designed  to  destroy  tanks  in  central  European  alr/ground  battles,  but  it  was 
actually  used  13,000  km  from  home  for  ship-based  alr/air  combat  (and  extremely  successfully!).  So  in 
practice,  our  evaluations  should  be  done  for  a  mixture  of  possible  scenarios.  Simply  to  illustrate  this 
lecture,  we  will  assuae  Close  Air  Support  (CAS)  operations  in  a  short,  sharp  war  -  at  the  end  of  which  the 
losing  side's  aircraft  are  out  of  action.  In  this  clrciustance ,  replacement  manufacture  will  not 
contribute. 

Factors  of  effectiveness  value 

The  effectiveness,  and  therefore  the  velue  of  an  airforce  is  proportions)  to  the  number  of  targets  it  can 
knock  out  before  the  airforce  is  put  out  of  action.  Clearly  this  is  proportional  to  a  number  of  factors, 
such  aa  the  rate  at  which  the  aircraft  can  transport  warload  (W),  the  overall  availability  of  the  aircraft 
with  their  bases  in  wartime  (A),  and  the  target-killing  effectiveness  (K) .  Let  us  examine  these 
propositions  more  closely.  We  have  : 


Value  Of  Effectiveness 

Effectivenesses  War  load  transport  rate  (unimpeded) 

Of  Availability  in  wartime  (Including  baaes) 

of  Kill  effectiveness 


whence  V  -  WACK 

where  C  la  the  constant  of  proportionality. 

We  can  see  that  if  any  one  of  these  factors  becomes  zero,  the  overall  value  becomes  zero. 
Warload  Transport  rate  (w) 

W  •  mass  of  ordnance  transportable  when  unimpeded,  relative  to  datum  aircraft 
•  (lead  of  ordnance  per  sortie)  x  (number  of  sorties  per  day) 

«  a.  N 

Here  the  sortie  rate  (N)  depends  on  s- 

*  turn-round  time 

*  block  speed 

*  distance  from  base  to  target  area 


(H) 

(d  )J 


I 


Therefore 


W ■  ( 


Where  the  suffix  It  indicate  that 
parameter  for  the  datum  aircraft. 


the  para 


Sai’s 


teter  is  to  be  mads 


.  (2) 

"relative”  by  dividing  by  the  comparable 


It  can  be  seen  that  a  small  aircraft  capable  of  operating  from  nearby  bases  may  transport  as  much  as  a 
large  aircraft  that  has  to  use  far-back  bases. 
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Availability  In  Wartime  (A) 

Availability  -  average  fraction  of  aircraft  time  usable  during  war 
This  depends  on  four  factors 


*  fraction  of  total  time  usable 


*  fraction  of  aircraft  usaole 


*  fraction  of  bases  usable 


plight-time  capability 
(tubad  weather  capability 

[availability  of  targets  within  range 

[survivability,  agility 
(aKrepairability 
[maintainability 

[runway  length  requirement 
(bHground  hardness  requirement 

[base  detectability/survivability 


*  availability  of  stores 


togistics 
nterchangeability 

Thus  A=(tabs)_  . 


(*) 


Thus  the  Availability  term  depends  on  many  *  llltles". 

Target  Killing  Effectiveness  (K) 

K-  specific  rate  of  knocking  out  targets  (per  unit  of  ordnance  released)  relative  to  datum 
aircraft  and  stores. 

This  depends  on  various  aspects,  but  not  generally  In  simple  proportional  laws  :- 
*  power  of  weaponry 


*  active  guidance  of  weaponry 


*  aiming  accuracy  of  aircraft 


*  accuracy  of  stores  trajectory 


The  Constant  of  Proportionality  (C) 


ralreraft  controllability 
J  sighting  system 
\pllotV  workload  and  fatigue 

{e  jector/carrler  dynamics 
aerodynamic  release  disturbance 


If  we  arrange  that  all  the  factors  of  value  are  made  non-dimensional  by  making  them  ratios,  relative  to 
the  factors  approplate  to  the  known  datum  aircraft,  then  the  constant  C  amounts  to  the  value  of  an 
airforce  comprising  a  given  number  of  the  datus  aircraft.  That  value  Is  not  set  by  engineers  or 
accountants  :  It  la  a  political  judgement.  We  can  assume  that  the  government,  In  Its  collective  wisdom, 
has  decided  that  the  value  of  the  detune  airforce  Is  not  leas  than  Its  llfstlme  cost.  Then  It  follows 
that  the  constant  C  Is  not  less  than  the  lifetime  cost  of  the  datia  airforce.  For  most  comparisons,  the 
value  of  C  Is  not  needed  accurately,  but  It  seems  that  typically  It  is  around  5  times  the  cost  of  buying 
the  aircraft  (figure  2). 


FIGURE  2  APPROXIMATE  LIFE-CYCLE  COSTS  OF  CAJ  AIRFORCE 
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Nowadays,  for  an  airforce  120  C.A.S.  aircraft,  the  value  of  C  must  be  In  the  vicinity  of  $10  billion.  So 
If  we  are  able  to  Increase  any  of  the  factors  discussed  by  a  mere  IX,  me  value  of  that  Improvement  is 
about  $100  o.  I  trust  you  will  agree  that  even  such  a  minor  Improvement  Is  quite  worthwhile. 

Overall  Value  (V) 

Substituting  from  (2)  and  (3)  into  (!)  we  get 

v-c(S5dt(uHlf. - « 


Effects  of  Stores 


Now  we  can  examine  the  terms  In  equation  (4)  to  determine  which  of  them  may  be  affected  by  store/airframe 
Interactions.  Obviously  the  datum  constant  C  Is  unaffected  by  our  proposed  new  design.  In  the  transport 
rate  factor  (equation  2)  the  block  speed  (or  block  Mach  number)  M  may  be  affected  by  store  drag.  The 
ordnance  mass  per  sortie  (m)  also  may  be  affected,  for  If  the  drag  can  be  reduced  substantially,  ordnance 
may  be  exchanged  for  fuel.  In  the  denominator,  the  average  distance  (d)  from  forward  base  to  target  Is 
determined  by  the  basing  versatility  (e.g.  whether  the  aircraft  is  V/STOL,  STOL  or  CTOL)  but  not  directly 
by  the  store  installation.  The  turn-round  time  (r)  depends  clearly  on  the  accessibility  and 
serviceability  of  the  store  Installation. 

In  the  availability  term  (which  embraces  many  "itllltles")  there  are  four  factors.  The  usable  time  factor 
(t)  may  be  Increased  sometimes  if  reduced  drag  increases  range  enough  to  bring  targets  within  range.  The 
"aircraft  usable"  term  (a)  can  be  affected  quite  markedly,  for  reduced  drag  may  Increase  both  the 
penetration  speed  and  agility  -  both  of  which  may  reduce  the  attrition  rate.  The  stores  installation  may 
affect  the  radar  and  infra-red  signature,  repairablllty  and  maintainability  aspects.  The  last  two  terms 
(b,s)  will  not  concern  us  very  much,  except  to  remark  that  there  are  strong  arguments  in  favour  of 
NATO-wide  interchangeability  of  stores  to  make  overall  logistics  more  economical  and  also  there  are  good 
reasons  to  tighten  up  on  dimensional  tolerances. 

...e  target  knock-out  term  (K)  obviously  can  be  sensitive  to  the  store  installation,  but  assessments  may 
not  be  easy.  If  the  stability  and  controllability  of  the  aircraft  are  Improved,  clearly  the  pilot  will  be 
able  to  do  a  better  Job  of  aiming.  Even  more  important,  if  store  trajectories  are  made  more  repeatable 
and  accurate,  fewer  sorties  will  be  needed.  This  latter  topic  will  concern  us  in  some  depth. 

There  are,  incidentally,  other  possible  effects  of  release  dlnturbances .  For  example,  there  have  been 
cases  where  a  release  disturbance  to  a  guided  missile  has  disrupted  "lock-on",  and  there  have  been  many 
cases  where  Jettisoned  stores  have  flown  about  so  wildly  that  they  have  struck  the  aircraft  and  caused 
damage  or  even  destruction  of  the  aircraft. 

To  summarise,  the  terms  of  equation  (4)  which  will  concern  us  further  are: 

*  M  block  speed 

*  s  mass  of  ordnance  per  sortie 

*  t  target  availability  :  effect  of  range 

*  a  aircraft  availability  :  survivability  -  penetration,  agility 

*  K  target  knock  out  f:  effects  of  stability  and  controllability 

(:  store  trajectory 

For  the  remaining  relevant  terms  we  will  simply  note  that  due  care  must  be  taken  to  ensure  that  the  store 
installations  will  afford  rapid  turn-round,  maintenance  and  repair,  and  that  radar  and  infra-red 
signatures  must  be  within  the  bounds  decreed.  Store  interchangeability  also  needs  sttentlon, 
internationally. 

The  most  important  conclusion  from  this  section  is  that  the  "leverage"  or  sensitivity  of  Improvements  can 
be  regarded  as  proportional  to  the  factors  of  equation  (4).  If  we  take  the  value  of  C  a*  (aay)  $10 
billion  then  a  1Z  improvement  to  the  overall  value  V  could  be  regarded  as  worth  about  $100  million.  It 
follows  that  it  is  quite  Important  to  improve  our  designs. 


2)  DRAG  AND  OTHER  INSTALLED  FORCES 


The  significance  of  Drag  reductions 


When  we  first  study  aircraft  design,  we  soon  learn  the  Importance  of  the  (lift/drag)  ratio  In  relation  to 
the  range  of  the  aircraft.  In  fact,  It  can  be  shown  Chat  for  an  aircraft  cruising  at  constant  lift 
coefficient  at  any  altitude,  the  generalised  range  equation  applies  (reference  5); 

r  -  a  (M1*!)  -  -  _  _  .  _  (5) 

0*«>  (VJS)  usually  small) 

Vhere  a#  Is  the  speed  of  sound  at  sea  level,  M  Is  the  cruise  Mach  number, and  (S  Vg)  is  the  jet  engine's 
specific  fuel  consumption  generalised  by  the  relative  temperature  of  the  atmosphere,  which  is  constant 
during  cruise  climb. 


The  weight  vatio  term  reflects  the  consumption  of  fuel  over  the  stage  of  route  concerned.  Now  It  can  be 
shown  (reference  6)  that  this  logarithmic  term  can  be  replaced  closely  by  (f/R^,  where  F  Is  the  fuel 
consumed  and  Wm  Is  the  geometric  or  logarithmic  mean  or  all-up  weight  over  the  stage  concerned.  Then  the 
generalised  range  equation  can  be  rewritten 


The  significance  of  this  form  becomes  evident  when  we  note  that  the  first  term  is  determined  by  the  choice 


of  -engine,  the  second  term  expresses  the  aerodynamic  efficiency,  and  the  third  term  embraces  the  fuel 


usage  in  terms  of  the  mean  stage  weight. 


Clearly,  If  we  double  the  drag  of  our  aircraft  while  leaving  the  third  term  fixed,  the  range  will  be 
halved.  In  practice,  on  many  aircraft  a  doubled  drag  would  lead  to  "educed  cruise  Mach  number,  so  the 
range  would  be  reduced  on  that  account  also.  Incidentally  the  doubled  cruising  thrust  would  greatly 
reduce  the  thrust  reserve  available  for  acceleration  and  manoeuverlng,  so  the  agility  will  be  severely 
lmpalred. 


Now  let  us  examine  what  course  ws  could  adopt  If  the  basic  drag  of  our  aircraft  were  unavoidably  doubled 
by  the  store  array  (noting  that  typical  store  arrays  are  often  much  worse  than  this!).  From  equation  6, 
we  would  have  to  double  the  fuel  mass  ratio  (F/W^)  to  restore  the  range.  First  see  what  happens  if  we 
simply  double  the  Internal  fuel  capacity,  without  altering  the  exterior  size  or  shape  of  the  aircraft. 
The  weight  of  fuel  tanks  would  be  doubled  (or  possibly  more.  If  tanks  had  to  be  crammed  into  small 
corners).  .The  mean  stage  weight  would  Increase  -  perhaps  by  some  12Z.  So  next  we  have  to  Increase  the 
Internal  fuel  capacity  by  a  further  factor  of  1.12,  just  to  keep  up  with  the  Increased  mass  of  the 
aircraft  (at  constant  dimensions).  Thus  we  soon  find  we  have  to  increase  the  fuel  capacity  of  the  basic 
aircraft  by  a  factor  above  2.24.  If  there  Is  not  enough  Internal  volume  to  cram  Inside  an  extra  125X  of 
the  basic  tankage,  we  have  to  enlarge  the  aircraft  overall,  and  this  Increases  the  drag  as  w-*ll  as  the 
mass.  Perhaps  an  alternative  would  be  to  Install  the  extra  fuel  In  external  fuel  tanks,  but  this 
Increases  the  drag  greatly.  Next  we  find  that  the  cruise  Mach  number  and  the  agility  are  severely 
Impaired,  so  we  have  to  choose  a  more  powerful  engine.  Usually  a  bigger  engine  has  higher  specific  fuel 
consumption,  particularly  at  lower  throttle  settings,  so  now  the  first  term  of  equation  6  has  been 
worsened.  Cj  If  we  accept  the  typical  drag  penalty  for  the  store  load,  the  sire  of  the  aircraft  has  to  be 
Increased,  blnce  aircraft  purchase  cost  Is  driven  mainly  by  engine  power  and  aircraft  mass,  we  find  that 
the  purchase  cost  of  the  airforce  has  Increased  substantially,  snd  the  fuel  cost  has  Increased  greatly. 


FIGURE  3  DRAG  OF  STORE  ARRAY.  ANO  CLEAN  AIRCRAFT 
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Now  let  ub  turn  our  attention  to  the  problem  of  reducing  store  drag.  First  consider  the  magnitude  of  the 
nunbers  Involved,  using  the  example  quoted  In  reference  3  (6  years  ago).  Figure  3  shows  on  the  left  the 
tocal  drag  caused  by  an.  array  of  stores  hung  on  2-store  racks,  on  four  pylons.  The  drag  of  this  store 
array  was  well  above  the  drag  of  the  clean  aircraft.  The  "first-stage  clean-up"  Involved  fairing  of  all 
excrescences  on  the  2-store  racks  and  the  stores.  Crutchlng  arms  were  retained  for  all  stores,  but  these 
were  aarodynamically  faired.  If  crutchlng  arms  were  removed  by  redesigning  all  the  Ejector  Release  Units 
(ERU8),  and  the  2-store  racks  were  re  designed,  the  total  store  drag  could  be  reduced  to  the  dotted 
outline.  By  this  stage,  the  reduction  of  drag  overall  is  equal  to  the  entire  drag  of  the  clean  aircraft. 

That  exsm.tle  was  based  on  quite  old  techniques.  By  taking  a  much  more  radical  approach.  Involving  stagger 
or  tandem  carriage,  and  tangential  carriage,  we  could  now  expect  to  reduce  the  total  drag  of  the  store 
array  to  about  one-tenth  of  its  classical  counterpart,  as  indicated  by  the  shaded  area  of  the  dotted 
rectangle.  Thus  by  using  all  the  store  array  techniques  now  available,  we  could  save  more  than  the  entire 
drag  of  the  clean  aircraft.  Even  now,  there  are  many  new  ideas  to  be  followed  up. 

Thus  if  current  knowledge  were  put  to  use  fully,  we  could  be  happy  that  research  into  reduction  of 
store-array  drag  had  led  to  raally  major  Improvements  in  the  value  of  NATO  airforces.  Unhappily,  It 
usually  needs  some  investment  in  new  equipment  (such  as  redesigned  store  carriers,  and  cleaner  stores) 
before  these  value  Improvements  can  be  reaped,  and  some  countries  have  government  departments  which  can 
count  the  cost  of  investments  but  which  are  often  Incapable  of  recognising  the  value  of  the  Improvements 
that  ensue.  In  the  case  of  store  drag,  I  estimate  the  ratio  of  improved  value  to  investment  Is  over  50: 
In  other  words,  the  payback  will  be  50-fold  or  more.  Some  other  nations  sre  not  so  backward  In 
recognising  worthwhile  investment.  France  -  for  example  is  already  using  Improved  2-store  carriers. 


Drag  Prediction  and  Reduction 


These  topics  ara  both  Important  and  specialised.  FOr  further  reading,  the  reviews  by  Barry  Haines  should 
be  sought  (references  7,8,4).  Hovevar  I  have  less  time,  so  I  will  hava  to  be  less  comprehensive.  I  vill 
outline  the  main  points  relying  haavily  on  Barry  Haines'  papers. 

The  conclusions  of  reference  8  make  a  useful  starting  point  for  this  section: 


1)  With  existing  external  store  arrangements,  the  drag  Increments  can  be  very  large,  e.g.  larger  than 
the  drag  of  the  clean  aircraft  without  stores. 

2)  Research  has  however  already  shown  how  major  Improvements  could  be  achieved,  many  of  the 
suggestions  evan  being  feasible  on  existing  aircraft. 

3)  New  multiple  carriers  and  undarfuselage  arrays  of  stores  should  aim  to  exploit  the  concepts  of 
tandem  carriage  and  stora  stagger  and  should  avoid  very  close  lateral  spacing  of  stores. 

4)  There  should  be  further  exploitation  of  the  favourable  Interference  possibilities  from  wing  tip 
carriage  of  slender  mlssllas. 

5)  On  new  projects,  wing/ underwing  pylons  should  be  designed  together  with  the  aim  of  alleviating 
adverse  lnterfarance  at  low  and  achieving  some  favourable  Interference  on  the  flow  breakdown  at 
high  CLat  moderate  and  high  subsonic  speeds. 

6)  For  new  aircraft,  the  complete  configuration  should  be  designed  as  sn  entity  with  due  regard  to  Its 
longitudinal  distribution  of  cross-sectional  area  and  with  the  stores  mounted  either  In  conformal 
packages  or  from  conformal  palleta. 


Reviewing  the  principles  racoaianded  In  thasa  conclusion,  it  is  clear  that  methods  for  predicting 
store-array  drag  hava  to  taka  into  account  multiple  carriage,  whether  tandem  or  staggared  -  with  affects 
of  lateral  spacing.  The  lntarfarances  between  stores  and  pylons,  and  the  undarwlng  surface,  and  the 
overall  cross-stctlonal  area  distribution  all'need  to  be  predictable.  The  affects  of  carrying  stores  In 
close  arrays  tangential  to  tha  surface,  or  on  pallets,  need  to  be  quantlf labia.  Finally  tha  drag  effects 
of  wlngtlp  carriage  of  slendar  stores  need  to  be  calculable. 

That  list  of  Interactions  seams  formidable,  but  useful  predictions  can  now  be  mada  for  all  of  them.  Tha 
approach  adopted  in  tha  UK  since  1977  (successively  by  Pugh,  Sadler  of  Ross  and  RAs)  has  been 
senl-amplrlcal,  using  extensive  sets  of  research  experiment*  to  understand  tha  aerodynamics  but  fitting 
maplrlcal  curves  to  tha  correlated  results. 


Previously  a  "drag  index"  approach  had  bean  In  uae,  lr.  which 

-  -  -  - 

where  K-  varies  with  Mach  number  and  depends  on  tbj  type  of  stora  array,  and  isolated  Is  tha  drag  of 
the  store,  carrier  and  pylon  tasted  ramota  from  an  aircraft.  Since  we  are  concarnad  with  an  array  of 
stores,  this  relation  be  can.? 


.to) 


where  K.  la  an  assembly  factor  to  account  for  interference  between  tha  various  stores  In  tha  array. 
However,  Dyer  and  Callsghar  (In  tha  USA)  had  soon  found  out  that  multiplying  tha  lntarfarenca  factors 
togathar  did  not  work:  additive  factors  ware  battar.  Tha  RAE  team  found  that  It  was  batter  to  apllt  each 
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of  the  terms  of  equation  (8)  Into  low-speed  and  Mach-dependent  parts,  to  be  factored  separately.  Thus, 
for  example,  when  calculating  the  drag  of  an  assembly  of  staggered  slde-by-slde  stores,  the  equation  Is  of 
the  fora: 


|(A  »  — + 
A 


~  -  -  -  -  -(9) 


where:^^ia  the  low-speed  or  "incompressible-flow"  drag  of  a  single  store, 
is  the  increment  with  Mach  number  in  the  isolated  store  drag, 


is  the  low-speed  assembly  factor 
KAt#  *8  8a  assembly  ^actor  on  the  Mach-dependent  drag. 


In  general,  K is  not  equal  to  K^,  and  both  terms  can  depend  on  lateral  spacing,  stagger  and  shape  of 
the  stores.  Methods  for  predicting  (%);  and  i)  are  improving,  but  for  best  results  wind-tunnel  tests 
should  be  done  on  models  large  enough  t?  represent  the  detailed  excrescences  of  the  full-scale  store,  at  a 
reasonable  Reynolds  number. 


Figure  4,5  show  illustration  of  how  and  are  estimated  in  the  RAE  method. 

Figure  4  shows  the  variation  of  Hi.  with  lateral  spacing  (^Jj)  for  two  side-by-side  stores  with  no 
longitudinal  stagger  ( y '  being  the  smallest  gap  between  the  stores,  and  d  being  the  store  diameter).  Ihe 
equation: 

K*-|+^liksfeisassr) - Oo) 


provides  a  reasonable  representation  of  experiment  for  various  different  stores  and  test  Mach  numbers  low 
enough  to  be  regarded  as  "lncomprecslble".  The  allowance  for  stagger  is  a  simplification  which  is  not 
very  accurate,  but  it  gives  a  quick  simple  estimate  which  will  often  be  good  enough  for  the  low-speed 
component  of  the  assembly  drag. 

symbols  Measured  values 


KAj  =  low  speed  assembly  factor 

FIGURE  4  ASSEMBLY  FACTOR  FOR  FAIRS  OF  SIDE- BY-SIDE  STORES  AT  LOW  MACH  NUMBER 


Figure  5  show*  the  variation  of  *AW  (l.a.  the  wave  drag  part)  with  atore  atagger.  The  variation  with 
lataral  spacing  la  judged  to  ba  trivial  at  and  not  much  at  other  N.  The  parameter  N  ia  regarded  aa 
the  "effective  number"  of  aida-by-aide  atoraa.  Because  adjacent  atoraa  can  ehield  any  given  atore  from 
the  effecta  of  atorea  further  away  in  a  row,  the  intention  waa  to  take  N  aa  2  whan  there  are  2  or  more 
atoraa  and  do  iti||tr i  Mod  not  lore  thin  3  when  chert  ere  3  or  lore  scores  with  stagger.  However •  it  is 
not  quite  so  staple,  sod  the  rules  may  be  cob#  lore  general  ss  date  is  accmulated. 
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_  prediction 

_  prediction,  no  allowance  for  stagger  effects 


FIGURE  •  2  BOMBS  ON  A  STAGGERED  TWIN  CARRIER 


riOURE  S.  EFFECT  OF  AXIAL  STAGGER  ON  Ml  OH  SFEED  ASSEMBLY  FACTOR 


Figure  6  (hows  a  comparison  between  predicted  and  measured  values  of  drag  for  an  assembly  of  two  Kk  10 
bombs  in  a  staggered  arrangement  on  a  atandard  carrier.  The  difference  between  the  two  curves  shows  the 
effect  of  stagger. 

The  RAE  method  also  Includes  allowance  for  tandem-carriage  effects.  The  forward  store  leaves  a  wake  with 
reduced  dynamic  pressure,  and  a  dead-air  region  close  behind  its  base,  these  effects  being  bigger  for  a 
bluff-nosed  store.  Also  there  is  effectively  a  reduced  Mach  number  for  the  flow  over  the  down-stream 
store.  Figure  7  shows  a  comparison  between  prediction  and  measurement  for  two  stores  on  a  tandem  beam. 
Note  the  magnitude  of  the  tandem  carriage  effect:. 
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FIOURE  t  INSTALLED  DRAO  OF  STANDARD  CST* 
FULLY  LOADED  WITH  MX  1SS0MSS  ON  BUCCANIKI 
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The  Installation  factors,  Kj,  for  arrays  of  underfuselage  stores  are  generally  not  higher  than  1.3,  and 
can  be  below  1.0  for  small  stores  semi- submerged  Into  the  fuselage.  For  pylon-mounted  undenting  stores, 
however,  estimation  of  Kj  Is  much  more  significant  and  difficult.  Values  of  K,  at  high  subsonic  speeds 
for  underwing  stores  can  be  high,  and  very  dependent  on  the  wing  design.  After  considerable  research, 
simple  multiplicative  Installation  factors  have  been  abandoned  In  favour  of  an  equation  of  the  form: 

&)t- *4)^(1)^^ . 60 

where  -  low  speed  installation  factor, 

(Wjl'SiidAkjLare  respectively  the  low-speed  and  Mach  dependent  drags  of  the  store  assembly 
Isolated  frointhe  aircraft , 

Fg  »  frontal  area  of  store  assembly, 

C_M  «  "excess”  Interference  drag  derived  as  a  function  of  wing  (thlckness/chord)  and  clean  wing 
drag-rise  Mach  number  <v  through  a  relationship  of  a  form:- 

. Ot) 


Figure  8  shows  the  variation  of  excess  drag  with  excess  Mach  number  for  three  different  combat  wing 
designs.  The  full-line  curves  are  predicted  from  e-uatlon  (12),  while  the  dotted  curves  are  from 
experiment.  Clearly  the  agreement  Is  good.  Note  that  reduced  wing  thickness  benefits  the  drag  rise  In 
two  ways:  is  increased,  and  Cj^jfor  given  (M-M^)  reduces. 

A  leading  conclusion  from  research  on  underwing  stores  Is  that  the  wing  lower  surface  and  pylons  should  be 
designed  to  reduce  the  peak  suctions  neir  the  wing/pylon  junctions.  Thus  there  is  more  to  this  than 
merely  reducing  (thlckness/chord)  of  the  wing.  Presumably,  in  time  the  prediction  methods  will  Introduce 
some  festures  of  the  lower-surface  pressure  distribution. 

Figure  9  shows  the  method  as  applied  to  the  Installed  drag  of  a  standard  triple  carrier  fully  loaded  with 
He. 10  bombs.  Clearly  the  accuracy  has  been  Improved  substantially,  and  a  wide  range  of  effects  can  now  be 
predicted,  at  useful  accuracy  .  Guided  by  these  predictions,  one  can  devise  Improved  arrays,  and  then 
tunnel  test  for  best  accuracy. 

Installed  Forces  and  Moments 

There  are  three  main  reasons  for  wanting  to  know  the  aerodynamic  forces  on  "Installed”  stores.  Firstly 
and  obviously  the  total  Installed  forces  in  flight  must  not  be  allowed  to  exceed  the  strength  of  the 
structure  (Including  the  ERU  and  the  store  casing).  Here,  the  total  Installed  force  Is  the  sum  of  the 
aerodynamic  force  plus  the  lneitla  force. 

Secondly,  the  Installed  forces  just  before  release  are  a  valuable  pointer  to  the  Impulses  that  will  act 
upon  the  store  just  after  release.  Indeed,  some  release  trajectory  methods  (e.g.  E.J. Dailey's  CLOSER) 
rely  cn  the  pre-release  forces  for  the  major  aerodynamic  Impulse  effect.  In  any  case,  any  unduly  large 
Installed  force  or  moment  may  be  a  crucial  warning  that  there  will  be  an  important  initial  Impulse  after 
release. 

Thirdly,  In  our  present  context,  ws  may  choose  to  Interpret  Che  term  "Installed"  to  mean  "held  In  place". 
Many  of  the  methods  that  can  be  used  to  calculate  the  forces  for  a  store  held  In  place  on  the  ERU  can 
equally  be  used  to  calculate  the  forces  on  a  store  momentsrlly  "In  place”  on  it  s  trajectory.  For 
conciseness  we  will  adopt  this  Interpretation,  where  convenient. 

Distinction  between  drag  and  atrcamwlae  force 

Before  going  on  to  discuss  the  various  methods  for  predicting  installed  forces,  please  excuse  a  brief 
diversion  to  discuss  the  fundsmental  distinction  between  drag  reused  by  a  store,  and  the  streamwlse  force 
acting  on  It.  Basically.  drag  arises  only  when  gum  turbulence  or  residual  heat  or  downwash  or  sldewash 
le  left  behind  In  the  wake  of  the  aircraft  as  a  whole.  We  usually  think  of  the  mechanisms  for  producing 
drag  as  boundary-layer-wakes,  separated-flow  wakes,  shockwaves  (lesvlng  very  fine-grain  turbulence,  as 
hsat)  or  vortices. 

Now  when  we  put  a  store  under  an  aircraft,  It  will  of  course  produce  a  wake  of  its  own,  but  It  may  also 
cause  an  extra  drag-producing  wake  on  (say),  the  pylon/wlng  junction.  So  the  drag  nay  arise  elsewhere 
than  from  the  wake  of  the  store  itself.  This  1*  evidently  the  case  with  supersonic  wave  drag,  for 
supersonic  Interferences  generally  shed  their  wakes  over  a  wide  frontage,  and  some  of  these  interferences 
may  reduce  total  drag. 

Another  fundamental  point  arises  from  buoyancy  forces.  Any  body  pieced  In  a  pressure  gradient  experiences 
a  force  opposite  to  the  otsssure  gradient,  but  buoyancy  forces  (even  In  the  streamwlse  direction)  must  not 
be  confused  with  drag  forces.  Indeed,  It  is  quite  cowan  to  find  that  when  one  aerodynamic  body  Is  placed 
close  to  another,  one  will  experience  a  forwards-acting  force  while  the  other  experiences  a 
rearwards-acting  force  (the  pair  of  these  forces  together  more  or  less  balancing  out).  Sometimes  (to  keep 
v.erodynmalcists  alive  to  fundamentals?)  the  drag  mechanism  will  be  operating  mostly  on  the  component  which 
experiences  ths  forward-acting  force.  In  such  a  ease,  the  drag  may  usefully  be  regarded  as  arising 
because  ths  forward-acting  force  Is.  In  practice,  less  than  It  should  be  Ideally. 

The  main  conclusion  to  be  noted  here  le  that  drag  Is  essentially  the  result  of  turbulence-producing 
mechanisms,  whereas  forces  can  arise  from  buoyancy  effects,  as  well  as  from  drags.  Consequently  we  ehould 
always  beware  of  the  dletlnctlon  between  streamwlse  force  and  drag,  especially  when  we  measure  installed 
forcee  by  force  transducers. 


Cp,«w  -U%)  exp(l-76  ?=Sfc) 

Wherever  possible,  one  should  use  measured  values  for  (%)Ai  and  (tj^)Aw. 
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Predicting  Forces  and  Moments 

In  general,  there  are  two  major  parts  to  any  force-prediction  computation.  Firstly,  there  is  the  task  of 
computing  the  flow-field  around  the  aircraft  to  a  sufficient  distance  below  It,  where  disturbances  to  a 
store  trajectory  are  judged  to  be  minor.  Secondly  there  is  the  problem  of  calculating  the  forces  and 
moments  that  will  act  on  a  particular  store  placed  at  any  attitude  and  position  iu  tiia L  Iluwiield.  ve 
will  see  that  there  are  various  ways  of  combining  these  two  parts  of  the  overall  calculation.  Euler 
methods,  now  coming  into  use,  essentially  combine  both  parts. 

Flow-field  calculations 

1.  The  Nielsen  method(9)  has  been  developed  widely  to  become  more  convenient  and  cost-effective,  both  in 
the  USA  (Northrop,  10)  and  in  the  UK(ll),  where  the  RAE  team  have  named  their  developments  RAENEAR.  This 
method  includes  modelling  of  the  stores,  and  the  store  force  estimate,  in  the  overall  computation. 

The  original  NEAR  method  required  elaborate  modelling  of  the  aircraft/store  configuration,  which  took  many 
man-weeks  of  data  preparation.  The  developments  have  greatly  reduced  the  data  input;  RAENEAR  now  taking 
about  2  man-days.  This  has  sacrificed  some  accuracy.  Many  trajectory  calculations  have  been 
satisfactory,  but  some  flow-field  calculations  have  been  disappointing,  -  notably  for  aircraft  with  large 
air  intakes.  Results  have  been  mostly  satisfactory  up  to  about  Mach  0.9. 

Until  recently,  loads  for  stores  in  pJsce  on  the  aircraft  have  been  inaccurate,  but  Isaacs  (11)  has 
recently  described  a  set  of  improvements  to  deal  with  this.  The  main  modifications  were  to  cover  the 
following  topics:  improved  modelling  of  store,  wing  and  pylon  thickness  effects  (notably  treament  of  the 
wing  root),  pylon/store  interference,  allowance  for  store/fuselage  interferences,  and  more  accurate 
methods  for  calculating  the  loading  on  stores  in  uniform  or  non-uniform  flow.  Despite  its  limitations  in 
some  respects  (which  are  Btill  being  improved)  RAENEAR  is  likely  to  continue  in  use  because  it  is 
economical  and  quick,  and  gives  useful  guidance  for  design  purposes. 

2.  PANAIR  panel  codes  (12,  13,  14,  IS)  have  been  developed  and  used  extensively  in  the  USA.  Both 
subsonic  and  supersonic  versions  are  available.  To  quote  (IS),  "Panair  provides  the  user  with 
considerable  freedom  and  flexibility  in  modelling  complex  configurations.  For  regions  where  linear  theory 
is  valid,  it  provides  good  correlation  with  test  data”  .  Results  for  supersonic  speeds  have  been  in 
reasonable  agreement  with  experiment  except  where  real  shock  waves  arise.  ThlB  is  because  linear  theory 
assioes  that  flow  disturbances  propagate  above  Mach  lines  (l.e.  an  assumption  of  sonic  propagation 
relative  to  the  free  stream  flow)  whereas  In  reality  real  shocks  are  substantially  steeper  (propagating  at 
supersonic  speeds  relative  to  the  local  flow).  A  modification  has  been  introduced  to  deal  with  this,  and 
it  has  bsen  concluded  that  PANAIR  will  be  capable  of  giving  good  supersonic  predictions,  a*  well  as  good 
subsonic  predictions. 

3)  SPARV  (the  Source  Panel  and  Ring  Vortex  method  -  reference  16)  has  been  developed  in  the  UK  as  a 
aubcrltlcal  panel  method  for  aircraft  configuration  calculations.  It  is  well  adapted  to  lifting 
configurations,  and  can  deal  with  vortex  wake  and  Ilf t-de pendent  drag  (to  first  order)  and  la  adaptable  to 
calculate  constraint  effects  due  to  ground  psoxlmlty  or  wind-tunnel  walls.  First  order  viscous  r'fects 
•Iso  can  be  included.  Being  widely  available  in  the  UK  and  user-friendly,  it  has  been  used  successfully 
as  the  flow-field  part  of  installed-load  computations.  Further  developments  are  in  progress. 

4)  TSP  (transonic  small  perturbation  method,  based  on  the  RAE  TSP  code)  has  been  used  suo-essfullv 
at  BAe  Brough  (17). 

5)  The  Hunt-Semple  Mk.  II  panel  method,  tvam  BAe  Warton  (18)  Is  an  esrly  panel  method  which  has  been 
used  successfully  for  store  load  work,  as  well  as  for  general  aerodynamics. 

6)  Mutual  Interference 

We  have  discussed  "the  aircraft  flowfield”  as  though  that  is  definite,  but  in  practice  an  array  of  stores 
may  exert  a.  lot  of  interference  upon  the  aircraft.  For  example,  suppose  we  are  considering  a  large  store 
on  an  inboard  pylon.  If  we  are  going  to  use  the  flow  angles  and  pressures  along  the  store  position  in 
order  to  calculate  the  forces  on  the  store  by  some  secondary  method,  it  aeeas  unreasonable  to  exclude  any 
distortions  of  the  flowfield  caused  by  the  store  itself.  Nov  one  way  to  calculate  "the  flowfield"  at  tho 
end  of  a  pylon  would  be  to  compute  the  flow  for  the  fusslags,  wing  and  pylon  without  the  store  in 
position.  Then  the  singularities  computed  for  fuselage,  wing  and  pylon  will  all  pertain  to  having  no 
store  la  position.  If  a  store  were  regarded  as  in  position  (a  'ghost  store"),  the  slngulsrltiss  at 
fuselage,  wing  and  pylon  will  sll  be  appropriate  to  this  case.  To  euabls  assessments  to  be  mads  of  this 
store  Interference,  UK  panel  methods  have  Introduced  "ghost  store"  fscllltles.  All  singularities  can  then 
be  calculated  as  though  ths  store  is  in  place.  Then  the  store  singularities  are  set  to  sero,  and  t’ne  flow 
field  to  be  Imposed  on  the  store  is  calculated.  This  approach  is  particularly  relevsnt  to  the  NU7A  method 
for  calculating  stors  forces  in  non-uniform  flow.  However,  the  experimental  evidence  to  justify  this 
argument  Is,  at  pressnt,  "underwhelming". 


I 
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Store  Force  Calculations 


Panel  methods  such  as  PANAIR  and  SPARV  are  time-consuming  and  costly ,  so  aircraft  designers  are  unwilling 
to  repeat  them  hundreds  of  times  over,  to  deal  with  the  wide  variety  of  stores  and  store  positions,  and 
particuarly  to  deal  with  all  the  positions  and  attitudes  that  stores  will  pass  through  on  release 
trajectorlii.  Consequently  secondary  force  calculation  methods  have  been  devised,  whereby  the  forces  and 
moments  on  stores  In  various  positions  will  be  deduced  from  a  very  limited  number  of  flow-field 
computations.  The  two  principal  methods  are  IFM  (In  USA)  and  NUFA  (In  the  UR). 

1)  IFM  (  The  Influence  Function  Method)  has  been  developed  In  the  USA.  The  combination  of  PAKA1K  and  IFM 
has  been  dubbed  as  COST  (Cost-effective  Option  for  Store  Trajectories).  The  basic  assumptions  ■— l:r'"ing 
IFM  can  be  found  In  many  US  references  (e.g.  reference  19).  The  method  assumes  that  one  can  divide  the 
length  of  the  store  into  a  number  (N)  of  elementa,  and  that  then  the  normal  force  and  pitching  moment  on 
the  store  In  a  non-uniform  flow-field  can  be  represented  as  a  function  of  the  Incidence  distribution  along 
the  store  by  equations  of  the  following  forms- 

C»-  CHo  mJf  Al  (<  -*•) . 0 3) 

'.)  -  -  - - 04) 

Al  and  Bi  are  the  Influence  coefficients,  the  incidence  at  the  local  element ,^#is  the  Isolated-store 

angle  of  zero  lift,  and  Cmo  Is  the  zero-lift  pitching  moment  cf  the  Isolated  store.  Similar  equations 
apply  for  the  side  force  and  yawing  moment. 

In  the  original  formulation  of  the  method,  there  were  three  main  steps :- 

(a)  Calibrate  the  store  In  a  known  non-uniform  flow  field  to  determine  the  influence  coefficients. 

(b)  Obtain  force  and  moment  data  for  one  particular  store  In  a  longitudinal  traverse  In  the  flow-field  of 
the  aircraft  concsrned,  then  using  the  influence  coefficients  derive  the  flow  angularity  for  that 
traverse. 

(c)  Using  this  dsrlved  flew  data,  the  loads  for  other  calibrated  stores  mounted  on  that  travsrse  can  be 
deduced. 

For  subsonic  speeds,  the  stores  were  calibrated  by  traversing  thsm  longitudinally  past  an  ogivs-cylindsr. 
For  supersonic  speeds,  the  calibration  was  usually  a  travsrse  below  a  plate  giving  a  A  degree  oblique 
shock  wave. 


Flgurs  10  shows  typical  results  from  various  stages  of  application  of  IFM,  taken  from  reference  15  and  19. 
It  can  be  seen  that  the  two  predictions  whers  the  loads  are  dsrlved  from  experimental  traverses  agrss  well 
with  the  measursments,  ao  the  IFM  techniques  can  be  uaad  (in  this  case)  to  obtain  the  Influence 
coefficients.  When  PANAIR  was  used  to  give  the  flow-field  (csss  there  were  bigger  discrepancies.  This 
was  due  to  inaccurate  representation  of  ths  position  and  strong  1  of  the  air  Intake  shock  wavs,  in  the 
calculation,  so  far  as  the  front  part  of  the  store  was  concerned.  However,  correction  of  the  shockwave 
would  still  leave  a  dlacrspaacy  at  the  rear  and  of  the  model.  US  tsports  suggest  that  IFM  may  be  more 
accurate  for  dsrlvlng  stors  loads  in  a  given  flow-field  than  PANAIk,  for  the  limitations  of  FANAIR'S 
linear  thsoory  are  avoided  in  the  IFM  loads  calculation.  Thus  they  conclude  that  COST  may  be  mors 
accurate  as  well  as  cheaper  and  quicker  than  using  PANAIR  for  both  parts  of  the  calculation. 
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A  recent  paper  (20)  brought  this  outline  up  to  date.  Just  as  flow  angularities  can  he  used  to  deduce 
forces,  ao  can  force  traverses  be  used  to  deduce  flow  angularities.  For  results  obtained  no  closer  than 
one  diameter  to  another  store,  the  deduced  flow  angularities  agree  with  measurements. 

The  assumption  of  linear  connection  between  angle  and  force  leads  to  little  error  on  most  of  the  traverses 
encountered  in  their  tests  so  far,  but  could  lead  to  errors  when  angles  exceed  (say)  25  degrees. 
Furthermore,  neglect  of  buoyancy  effects  may  be  significant  for  stores  mounted  closer  than  (say)  half  a 
diameter  apart. 

2)  NUFA  (Non  Uniform  Flow  Aerodynamics)  was  developed  at  British  Aerospace  Bristol  (21)  from  ABACUS,  -  a 
well-tried  method  for  predicting  missile  loads  in  a  uniform  free  stream.  Since  NUFA  exploits  the 
extensive  body  of  knowledge  that  went  into  ABACUS,  it  will  be  worthwhile  to  examine  first  the  scope  and 
restriction  of  that  data. 

The  missilea  covered  in  ABACUS  (22)  had  a  reasonably  general  form,  with  up  to  two  sets  of  wings  -  either 
monoplane  or  cruciform  (but  not  with  sweptforward  leading  edges),  with  the  bodies  regarded  as  a  nose,  a 
central  part  of  two  cylindrical  portions  joined  by  a  frustrum,  and  an  afterbody  which  could  be  either  a 
flare  or  a  conical  boat-tail.  The  flow  parameters  covered  are  quite  wide:  up  to  90  degrees  of  incidence, 
speeds  up  to  Mach  5.0  and  roll  angle  0  to  360  degrees.  Hie  aerodynamics  effects  taken  into  account 
include  vortices  shed  from  the  forebody  at  high  incidence,  vortex  interferences  from  body  and  wing 
vortices,  non-linear  lift  (by  the  DATCOM  method),  and  some  wake  interference  reducing  the  lift  of  the 
downstream  "wings"  (or  tail,  as  we  may  think  of  it).  Body-induced  upwash  effects  are  Included. 

Knowing  the  crossflow  force  on  every  part  of  the  missile  as  a  (non-linear)  function  of  the  Incidence,  a 
relatively  evident  generalisation  to  respond  to  a  non-uniform  distribution  of  incidence  leads  to  NUFA 
(though  the  extension  to  supersonic  conditions  is  not  yet  complete).  For  body  forces,  additional 
crossflow  buoyancy  forces  are  added. 

The  overall  loading  on  a  body  is  obtained  by  summing  the  individual  contributions  of  a  number  of  small 
axial  segments.  40  segments  are  generally  adequate,  bet  a  maximum  of  100  can  be  specified.  The  crossflow 
loading  is  calculated  using  H.J. Allen's  concept  of  adding  the  viscous  crossflow  separation  force  to  the 
potential  flow  crossflow  lift.  The  segment  forces  in  the  Z  and  Y  directions  are  expressed  by  :- 

-**(&)*-  -  -  -  -(») 

C«i  -  Al  (£);■►  Si  (£)* . (I t) 

Where  A  is  the  linear  coefficient  and  is  usually  obtained  by  slender-body  theory,  and  B  is  the  non-linear 
coefficient  (crossflow  drag).  The  buoyancy  loadings  are  evaluated  by  equations  of  the  form  :- 


-  .07) 


The  NUFA  calculations  can  be  applied  to  flow  field  data  from  experiment  or  from  flow  field  computations  - 
such  as  SPAKV.  the  NUFA  program  uses  204  K  of  memory,  and  a  trajectory  of  1.0  second  takes  typically  3.5 
seconds  on  an  IBM  3083. 

Figure  11  shows  an  exumple  of  trajectory  that  would  present  a  stiff  test  to  most  prediction  methods.  The 
SPARV/NUFA  combination  predicts  the  change  of  pitch  motion  at  0.3  seconds  adequately,  whereas  SPARV  for 
both  parts  of  the  computation  falls,  because  its  force/incidence  relationship  for  the  stove  is  linear. 
Thus  the  non-linear  incidence/ force  relationships  of  NUFA  can  be  very  important  for  practical 
trajectories. 


_ 0-J-i 

04-  _ - 

Ch  • -  Cr 


IDO  (sac.)  0  3-1 


C.2  •  0.4 


. a--;'-'* 

- - 


•-  (U__  0  4  0  4  •  0-0  H  1-0 

. . .  .  !*T  f*i  ss  .  ♦»  •  •  •  •  O 


0  0  1  04  0-4  0  1  H  to 


AliOAPT  UK  ID  MCI  -  1.4  dag 
HACK  MMtt  -  0.4 


- - 


.5.:..! 


04  t. 


^  ^  .  .  ■  ■  Q 


_  SMXV/NJ7A 
- 


’■'0 

•  Mtowrtd  ®  MkBPsnel 

a  NM«NkSPoflft  a  snutv 

(Cleon  A/Cl 

a  NUR»HkX  Panel  ■  WW* 
(Clean  A/t*  Pylon 
•  GhetM  Moral 


Fiaunt  it  emiMcnoN  o»  mm  huau  mtchum  motion  fioum  u  pncooctiom  op  loam  on  unmrfumlmi  itoni  »v  uk  rtCNNiourt 


WlMBhl*  WTTtt 


8-13 


Comparison  of  UK  Methods 

Figure  12  presents  a  comparison  (by  P. Kearney)  of  predictions  by  various  UK  methods,  and  measured  data  for 
loads  on  a  store  mounted  on  a  shoulder  station  below  a  fuselage.  It  Includes  the  Mk.  II  panel  method  (for 
flowfield)  with  NUFA,  using  alternatively  the  flowfield  for  the  clean  aircraft,  and  for  the  aircraft  plus 
ghost  store.  Unfortunately  for  the  argument  for  ghost-store  flow  fields,  the  predictions  seem 
over-corrected  (If  that  is  the  right  term)  by  the  ghost  store  stratagem.  However,  the  accuracy  of  the 
experiments  was  Judged  as  no  better  than±-05  in  Cn  and ±<)0!n Cw.Bowever,  SPARV  again  seems  quite  good. 

Euler  Methods 


Euler  computations  are  already  coming  into  play  for  store/airframe  interactions  -  including  trajectories 
(23.24,25).  It  seems  likely  that  they  will  come  into  use  Increasingly  in  the  next  5  to  15  years,  but 
probably  they  will  stay  in  the  hands  of  CFD  specialists  for  the  earlier  part  of  that  time.  It  is  worth 
noting  that  elthough  they  can  deal  with  compressible  flows  and  shockwaves,  they  will  n,  t  cope  with  major 
viscous  effects,  such  as  boundary  leyer  separations.  For  these,  the  next  step  to  Navier-Stokes  codes  will 
be  needed , 


3)  AGILITT ,  AS  AFFECTED  BY  STORES 

The  effects  of  stores  on  aircraft  "agility"  (in  a  broad  sense)  obviously  vary  greatly  with  the  role  of  the 
aircraft  (which  determines  the  stores  carried)  and  also  with  the  particular  missions  flown.  In  order  to 
assess  the  penalties  ceused  by  excessive  store  drags,  and  conversely  by  the  benefits  to  be  won  by 
designing  lower-drag  store  installations,  it  is  necessary  to  calculate  performance  capabilities  for  a 
renge  of  eircraft  and  sorties,  with  two  stenderds  of  store  drag. 

An  excellent  survey  of  this  kind  was  made  by  Dr  J  Barche  (26).  For  present  purposes,  much  of  the  detail 
cen  be  omitted,  for  we  are  concerned  with  understanding  the  basic  effects  on  fighter  design.  Similarly, 
typical  results  will  be  shown  only  for  one  aircraft  role:  the  Close  Air  Support  (CAS)  role.  This  section 
of  the  lecture  will  be  based  firmly  on  ref. (26).  However,  it  is  worth  noting  that  these  hypothetical 
calculations  are  elready  10  yeers  old:  it  is  already  possible  to  envisage  much  bigger  drag  reductions  than 
were  assumed  then. 


Close  Air  Support  exanple. 

The  main  task  for  CAS  aircreft  is  air  support  for  ground  forces  end  ths  examples  of  CAS  types  cited  by 
Barche  were:  SU-7/17  Fitter,  Jaguar,  Alpha-Jet,  G-91,  A-10,  Harrier  and  Vlggen.  He  considered  that  store 
penalties  were  similar  for  the  Air  Interdiction  end  Counter  Air  roles,  which  edded  the  following  aircreft 
exMples:  Mig-23  Flogger,  Tornedo.F-4,  Bucceneer,  Fill. 

The  lnstelled  dreg  of  typlcel  stores  (1970s  vintage)  sre  shown  in  figures  13  and  14.  the  example 
celculeted  wes  for  e  CAS  eircraft  of  20  000  lb  KT0W  end  e  cruise  T/W  of  0.4  to  0.5.  A  typical  store  load 
wes  taken  es  :- 


e  300g  fuel  tenk,  under  the  fuselage 
e  3  x  530  lb  bombs  on  eech  minor  wing  station 
e  elr/ground  missile  on  each  outer  wing  station 

The  drag  increments,  above  the  dreg  of  the  cleen  elrcreft,  in  the  serious  steges  of  the  mission  ere  shown 
in  fig  15.  this  shows  that  the  rele’tive  dreg  lncreese: 


dropped 


etteched 


exceeds  100Z  during  ecceleretion  and  climb 

is  roughly  100Z  in  the  cruise  end  loiter  phese  st  high  Mach  numbers 

ebout  150Z  during  high-speed  descent,  cruise  snd  atteck  with  the  intrel  fuel  tank  alreedy 
still  around  50Z  with  ell  droppable  stores  dropped,  but  with  pylons  and  triple  carriers  still 


Performance  characteristics 


The  influence  of  stores  dreg  end  mass  together  on  performance  is  manifest  on  the  Specific  Excess  Power, 
sustained  load  factor,  end  specific  renge.  Maximum  speed  versus  eltltuds,  longitudinal  ecceleretion, 
climb  rate  and  turn  rate  are  directly  connected  with  these  parameters. 

Specific  Excess  Power  is  shown  in  figure  16,  both  for  the  cleen  aircraft  eud  the  fully  loeded  eircraft. 
The  difference  between  the  full  lines  end  the  dotted  lines  lndicetes  the  loss  of  envelope  due  to  stores. 
The  flight  envelope  (Ps"0)  Is  dreatlcelly  reduced,  both  in  maximum  altitude  end  maximum  speed.  the 
envelope  corresponding  to  50Z  of  the  maximum  cleen-aircreCt  Ps  almost  venishes  with  full  stores.  The 
loeded  manoeuvrability  is  very  poor,  no  if  ettecked,  ell  stores  have  to  be  dropped  end  the  mission 
aborted. 

Load  fectors  ere  shown  in  fig  17.  The  losses  of  capacity  ere  Just  es  dremetlc  es  for  SEP. 

Specific  Bangs  is  shown  in  fig  18.  At  higher  eltitudes  the  renge  losses  ere  elmost  50Z  (pertly  due  to 
store  weight ,  es  well  es  dreg).  At  see  level,  the  renge  losses  ere  in  the  30Z  -  40Z  renge  (mostly  due  to 
dreg). 
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Sensitivity  to  Improvements 

Barche's  paper'  (26)  gives  Interesting  sensitivity  anal./sts  lor  sll  of  the  conbst  types  considered  (Air 
Defence,  CAS,  Air  Interdiction,  Counter  Air,  and  Tactical  Air  Reconnaissance  ).  He  expressed  his 
sensitivity  results  by  means  of  the  equation:- 

The  varioug  terns  in  this  equation  are  given  In  his  table  below, 

where  To  understand  this  It  Is  instructive  to  write  out  and  simplify  the  equations  for 

the  various  performance  parameters. 


tarn  rata 


Table  shews:  at/r*  (4Co-J)aM/M-2(C0-1)  AW/W  *0  AT/T-2(C0-1)  Anx/nI  •  -C«  *  Cm/Cm 
If  AMaATsAnt sO.than:  Ar/r-  2(Cq~1)  aW/W>  -Cq  A  Coo/ Coo 

Conformal  Carr.'sge 

Bare  he’s  whole  message  (ten  years  ago)  was  that  It  was  very  important  to  reduce  the  drag  penalties  of 
stores,  but  his  expectations  for  possible  store-drag  reductions  have  already  been  surpassed  in  many 
respects.  Hla  examination  of  the  benefits  of  conformal  carriage  were  closer  to  a  foretaste  of  the 
Improvements  we  should  aim  to  Incorporate  Into  new  designs,  though  even  these  benefits  are  not  the  best 
that  can  be  done.  With  this  preamble,  we  will  look  at  the  benefits  of  conformal  carriage  relative  to 
conventional  multiple  ejector-rack  carriage  on  F-4  aircraft  (pioneered  by  J  H  Nichols,  reference  7), 

Figure  19  shows  In  the  bar-chart  form  the  specific  range  of  an  F-4  aircraft  with  empty  TER/MER/TER  racks, 
and  with  the  racks  loaded  with  "low  dreg"  Mk  82  bombs.  The  empty  racks  alone  reduced  the  range  11Z  in 
cruise  and  16Z  at  low  altitude.  Adding  the  bombs,  the  range  degradation  relative  to  clean  aircraft  come 
to  20Z  In  cruise  and  31Z  at  low  altitude. 

Alternatively  the  F-4  when  fitted  with  an  unloaded  conformal  adaptor  actually  had  4Z  more  range  in  low 
level  flight.  When  loaded  with  12  bombs,  the  range  penalty  was  only  7Z  (Instead  of  20  Z)  for  cruise  and 
6Z  (Instead  of  31Z)  for  low  altitude  flight. 

The  effects  on  the  flight  envelope  are  quite  radical,  ss  shown  In  fig  20.  Note  that  with  conventional 
carriage,  the  F-4  had  no  supersonic  capability,  but  with  the  conformal  loading,  the  majority  of  the 
clean-aircreft  supersonic  flight  envelope  was  available.  Doubtless,  if  this  had  been  designed  Into  the 
aircraft  In  the  first  place.  Instead  of  as  a  retrofit,  the  benefits  would  have  been  better  still. 
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4)  STABILITY  AMD  FLUTTER 
Stability 

Systematic  relationships  between  store  arrays  and  stability  are  few,  but  the  conclusions  of  a  survey  by 
Courslmault  (27)  can  be  sunmarlsed. 

Lateral  Stability 

Pylon-mounted  external  under  the  fuselage  can  decrease  the  directional  stability  and  also  lead  to 
excessive  sideslips  In  abrupt  rolls  -  see'  fig  21.  Conformal  carriage  of  stores  under  P-4  led  to  greater 
directional  stability  stores  than  an  P-4  with  conventional  multiple-rack  loading.  Wing-pylon  stores  also 
can  have  a  detrimental  effect  on  lateral  stability,  but  this  can  be  kept  within  bounds. 

Not  enough  generalised  work  has  been  done  to  permit  firm  rules,  but  It  can  be  speculated  that  part  of  the 
lateral  effects  are  due  to  "forward  fin"  aerodynamics,  but  for  fuselage  -  mounted  stores  therr  Is  also 
always  a  likelihood  of  any  thick  boundary  -  layer  wake  affecting  the  behaviour  of  the  tall  fin  of  the 
aircraft.  This  produces  both  a  reduction  of  fin  effectiveness,  and  a  tendency  towards  limited  snaking,  as 
the  fin  oscillates  back  and  forth  through  the  thickness  of  the  wake. 

From  such  arguments  one  could  postulate  two  rules: 

1)  Minimise  the  forward  -  fin  behaviour  of  the  stores,  and 
3)  Minimise  the  drag  of  the  store  installations. 


Longitudinal  Stability 

Generally,  aircraft  carrying  external  wing  stores  experience  reduced  pitching  stability,  as  Illustrated  by 
fig  22.  Talssere  (28)  concluded  from  tallplane-of f/tallplsne-on  tests  that  most  of  the  stability  loss 
arose  from  extra  dovnwash  acting  on  the  tallplane. 

Stores  alone  (not  fixed  to  a  pyloi.l)  cause  change  In  the  aircraft  neutral  point,  but  no  tallplane  downwash 
contribution.  Pylons  experience  Increasing  outwards  lift  as  the  wing  Incidence  Increases,  and  this  leaves 
a  trailing  vortex  wake  which  gives  Increasing  downwash  inboard  of  the  pylon.  The  tallplane  reacts  to  this 
with  Increasing  download.  Presumably  aircraft  without  a  conventional  Inboard  tallplane  would  not 
experience  this  stability  degradation.  When  stores  are  added  to  the  end  of  the  pylons,  the  outwards 
lifting  force  on  the  pylon/store  combination  Is  Increased.  This  Increases  the  strength  of  the  trailing 
vortices,  and  would  normally  Increase  the  unstable  contribution  on  the  tallplane. 

These  contributions  depend,  of  course,  on  the  relative  heights  of  stores  and  tallplane,  and  so  vary  with 
aircraft  Incidence.  They  also  vary  with  the  amount  of  lift  acting  outwards  on  the  pylon/store 
combination,  so  If  the  pylon  Is  angled  and  cambered  to  have  low  lift,  the  tallplane-reacted  Instability  Is 
reduced.  It  has  also  been  found  that  It  la  beneficial  to  reduce  the  sideways  facing  area  of  the  pylon, 
particularly  under  the  wing  leading  edge,  where  the  outwards  flow  Is  greatest.  Tails  on  the  stores  may 
reduce  the  Instability  contribution,  but  this  Is  mostly  due  to  reduced  downwash  effects  on  the  aircraft 
tallplane. 


FIGURE  21  INFLUENCL  OF  FUSELAGE  STORM  ON  DIRECTIONAL  STABILITY 


VARlATIOn  OF  THE 

HEUTRAL  POINT 


FIGURE  22  INFLUENCE  OF  WING  STORES  ON  NEUTRAL  POINT  LOCATION 
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FIGURE  23  INFLUENCE  OF  PYLONS  AND  ITT  US  ON  OOWNWASH  AT  TAIL  STATION 
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Flutter,  and  other  unsteady  Interactions 

It  doea  not  seem  appropriate  In  this  course  to  go  deeply  Into  methods  of  computation  for  aeroelastlc 
problems,  so  we  will  only  discuss  the  main  effects  caused  by  the  addition  of  stores.  This  discussion  Is 
based  largely  on  reference  29.  Also  there  were  five  relevant  papers  In  the  Athens  symposium  (papers 
15,18,23,24  and  25  of  reference  2) 

The  main  effects  on  flutter  from  addition  of  wing-mounted  stores  are  due  to  the  Inertia  effects,  rather 
than  unsteady  forces  on  the  stores.  The  extra  mass  and  Inertia,  together  with  extra  degrees  of  freedom 
(such  as  pylon  yaw  elasticity,  for  example)  Introduce  more  vibration  modes,  and  cause  the  frequencies  of 
all  modes  to  be  lower  This  creates  many  more  opportunities  for  (say)  a  bending  mode  frequency  to  nearly 
coincide  with  a  torsional  mode,  and  thus  permit  flutter.  Each  new  degree  of  freedom  Introduces  more 
opportunities  for  mode  frequency  coincidence,  such  as  fore-aft  wing  motion  on  pivoted  wings,  or  rigid-body 
pitching  on  forward-swept  wing  configuration  or  pylon/wlng  flexibilities.  Wlngtlp  carriage,  In 
particular,  may  lead  to  need  for  substantial  ballasting  to  change  a  mode  shape  or  frequency. 

The  great  number  of  store  types,  in  combination  with  with  a  variety  of  store-carriage  station,  leads  tc 
an  enormous  number  of  possible  combinations  to  check  out.  Since  each  computation  Itself  Is  quite 
elaborate,  the  aeroelastlcs  specialists  are  always  seeking  ways  to  rednce  the  number  of  cases  to  be 
computed.  It  has  been  shown  (ref.  30)  that  clean-wing  modes  alone  are  net  enough  to  give  good  flutter 
predictions:  a  combination  of  wing-flap  modes,  wlng/dlscrete  load  modes  and  wlng/pylon  codes  gives  far 
better  representation. 

In  some  cases,  the  flutter  speed  Is  sensitive  to  store  C.G,  to  pylon  yaw  stiffness,  or  pylon  frequency. 
It  Is  not  always  simply  a  matter  of  Increasing  the  stiffnesses,  for  the  tuning  required  alms  to  prevent 
coincidence  of  (say)  torsion  and  bending  mode  frequencies.  For  example,  a  low  flutter  speed  may  occur 
when  the  frequency  for  a  bending  mode  (wing  or  pylon  bending)  Is  in  the  vicinity  of  a  wing  mode  having 
considerable  torsional  motion  Induced  by  Inertia  loads  on  the  store.  CFher  modes,  such  as  pylon  yaw,  may 
b-  Involved. 

Unsteady  aerodynamic  pressures,  which  comprises  in-phase  and  out-of-phase  components  of  the  pressures,  are 
obtained  by  specialised  codes  such  as  NLR  or  NASTRAN  doublet-lattice  codes.  Although  both  subsonic  and 
supersonic  codes  can  be  obtained,  relatively  l'ttle  work  has  been  published  on  transonic  codes.  For 
unsteady  pressures,  any  effects  likely  to  arl^e  from  separat.-d  boundary  layers  (during  buffet,  for 
example)  are  unexplored. 

Since  the  main  basis  for  prediction,  prevention  and  control  of  flutter  Is  generally  regarded  as  a 
corroborated  mathematical  -  analytical  model,  and  some  elements  of  the  aerodynamic  modelling  are  not  yet 
demonstrated  to  be  adequate,  there  Is  usually  a  call  for  aeroelastlc  model  testing  to  back  up  the 
computations.  Dynamic  similitude  Is  necessary  to  scale  the  modelling. 


Buffet  effects 


Not  all  oscillating  loads  are  due  to  aeroelastlc  phenomena,  for  an  important  clasr  of  loading  actions 
arises  from  fluctuating  boundary  layer  separations,  which  may  occur  over  latge  or  small  areas  of  surface. 
Sometimes  a  local  buffeting  action  may  Impose  structurally  significant  loads  on  an  alrcra':  component:  for 
example  perhaps  70Z  of  the  static  strength  at  50  times  per  second.  It  does  not  trke  long  to  build  up 
fatigue  damage  on  (for  example)  an  aileron  operating  rod  or  hinge,  if  such  strong  local  buffeting  occurs. 
This  could  occur  perhaps.  If  a  fuel  tank  or  store  group  leads  to  a  shock  Induced  separation  under  the 
aileron  or  flap.  At  present,  such  loadings  cannot  be  predicted  reliably:  It  Is  better  to  conduct  wind 
tunnel  tests  using  oil-flow  flow  visualization,  and  measure  local  pressure  fluctatlons  In  any  structurally 
significant  areas.  Sometimes,  such  effects  are  missed  during  the  design  stage,  and  eventually  the 
measurements  are  found  necessary  i.-i'ng  flight  development  (a  more  expensive  stage). 
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STORE  RELEASE 

In  general,  there  are  two  categories  of  atore  release  to  contend  with:  firstly  releases  of  stores  which 
merely  have  to  leave  the  aircraft  without  damaging  It,  and  secondly  releases  of  weapons,  which  then  have 
to  knock  out  a  target.  In  b'oth  casea,  It  is  essential  to  ensure  no  damage  to  the  aircraft.  In  the  second 
case  there  is  the  additional  requirement  that  tha  atore  should  not  suffer  undue  disturbance  on  release. 
The  big  dlfferance  is  the  site  of  release  disturbance  which  can  be  tolerated. 

Now  tha  total  disturbance  to  a  store  on  release  includes  all  the  aerodynamic  disturbances  acting  upon  it 
during  its  trajectory  (eapeclally  the  part  nearest  tha  aircraft).  We  have  already  considered  the  problems 
of  Calculating  these  disturbances  in  the  section  headed  "DRAG  AND  OTHER  INSTALLED  FORCES".  The  forces 
Imposed  by  the  ejector  release  unit  also  have  to  be  taken  into  account  carefully.  On  British  ERU's  there 
are  two  ejector  rams  to  each  store,  and  it  is  possible  to  alter  the  ratio  of  the  two  forces,  so  that  the 
mechanical  impulse  applied  may  be  nose-down,  through  level  to  nose-up.  Typically,  an  end-of-stroke 
velocity  is  intended  to  be  about  3  m/s.  A  cordite  cartridge  produces  high-pressure  gas  which  flows 
through  an  orifice  ("throttle")  to  each  ejector  ram,  and  different  sizes  of  throttle  can  be  fitted. 
Unfortunately,  the  total  Impulse  generated  is  not  generally  within  close  tolerances,  and  worse,  sometimes 
a  coarse  particle  of  debris  from  the  cartridge  may  block  or  partially  block  one  of  the  throttles.  Then 
the  Impulse  applied  to  the  store  is  greatly  different  from  what  was  "expected".  Any  reasonably  probable 
malfunction  of  this  sort  has  to  be  allowed  for. 

The  energy  applied  to  the  store  is  not  dictated  by  the  ERU  alonr  An  ejector  ram  is  usually  a  device 
producing  a  certain  amount  of  work  output.  If  the  aerodynamic  force  on  the  store  when  Installed  is  (for 
example)  such  as  to  hold  the  store  up,  then  some  of  the  work  done  by  the  ram  is  expended  on  moving  the 
store  against  the  aerodynamic  forcas,  so  the  end-of-stroke  velocity  of  the  store  is  reduced.  Other 
lmpo'rant  factors  are  the  effective  mass  and  stiffness  of  the  wing,  pylon  and  remaining  stores  at  the 
staff-  v  concerned.  If  these  are  low,  the  ram  may  be  expending  more  work  on  pushing  the  wing  up,  than  on 
pushing  the  store  down.  Cases  have  been  cited  (31)  where  the  net  Impulse  on  the  4th  store  from  a  4-store 
rack  was  only  about  one-tenth  as  much  as  the  Impulse  on  the  first  to  go. 

It  follows  that  for  wing-mounted  stores,  quite  elaborate  calculations  may  be  needed  to  work  out  the 
required  ERU  throttle  settings.  Experimental  ERU  firings  are  needed  to  verify  the  main  assumptions  of 
such  releases,  wherein  a  simulated  (or  real)  wlng/pylon/ERU/  set  up  is  fired  above  a  pit  in  which  the 
store  is  caught.  These  are  known  as  "pit  drops”. 

If  stores  are  mounted  under  a  fuselage,  many  of  the  above  mass  and  stiffness  problems  largely  vanish. 

If  a  store  is  particularly  unstable,  it  may  be  regarded  as  necessary  to  mount  the  store  on  a  trapeze  arm 
which  swings  down  through  a  substantial  angle  before  r'~»  hinge  disengages.  In  other  cases,  special  fores 
of  launcher  may  form  s  major  part  of  a  project  study. 


erimental  Prediction  Methods 


Since  the  number  of  poaslble  combinations  of  stores,  stations,  adjacent  stores  and  release  conditions  is 
enormous,  any  store  release  development  and  proving  programe  that  depended  solely  on  flight  trials  would 
be  extremely  expensive.  Because  of  this,  a  groat  deal  of  effort  hss  gone  into  developing  reliable 
calculations  (see  DRAG  AND  OTHER  INSTALLED  FORCES)  and  wind-tunnel  based  experimental  methods  which  reduce 
the  flight  test  prograsne.  Applying  this  philosophy,  the  wind-tunnel  programme  for  the  A-7D  store  release 
certification  saved  over  $16,000,000  at  1970  prices  (ref  32). 


It  would  be  out  of  place  to  review  experiment*"  1  store  release  techniques  In  any  depth  here.  For  an 
excellent  review,  see  Mathews  (31).  All  we  do  is  to  outline  the  nature  of  the  wind-tunnel  techniques  now 
In  use,  to  bring  out  their  strengths  and  weaknesses.  Basically  there  sre  tio  classes  of  tunnel-based 
techniques:  (1)  free  drop  snd  (2)  captive  trajectory. 


Free-drop  Techniques 


Naturally,  the  earliest  experimental  techniques  Involved  dropping  model  stores  In  wind  tunn  is.  As  usual, 
we  heve  to  choose  which  similarity  rules  are  to  be  respected  for  the  models.  For  trajectory  tracing  there 
sre  three  ways  of  choosing  similitude:  Froude  scaling  (which  simulates  all  dimensions  properly,  provided 
that  Mach  number  does  not  matter  significantly),  and  the  so-called  "light  model"  and  "heavy  model" 
techniques  which  both  specify  equal  Mach  niabers  for  model  and  flight. 


For  any  free-drop  technique,  It  Is  well-known  that  the  ratlor.  of  aerodynamic  to  gravitational  forces  must 
be  the  ssme  both  for  the  model  tests  and  flight. 


whereOfla  store  density,  p  Is  ambient  pressure,  M  is  test  Mach  maber,  ^g  i*  i/ol umt. 
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Froude  Scaling 

For  thi»  fort  of  scaling,  the  gravity  acceleration*  for  model  and  flight  are  accepted  as  equal,  aa  are  the 
force  coefficients*  Putting  the  nodel  acale  aa  Ifa  ,  ao  that  area  S  scales  with  iff  and  the  volume  B  scales 
withJfjl,  equation  19  reduces  to:- 


"-(<), - w 


writing  U  ■  aM  where  a  la  the  speed  of  sound,  an dAoCjr’we  eet:- 

$*)»"  m($r\ - M 

The  speed  scale  then  become*  n»*nd  the  acale  for  densities  becomes 

(tit.) 

?s  “  m  - 

This  fora  of  ace  ling  la  Ideal  for  tasta  where  the  Mach  number  of  the  free-stream 
consequence,  and  In  particular  It  la  used  for  simulation*  of  snow  and  Ice  build-up, 
low-speed  trajectory  work.  However,  for  transonic  and  supersonic  testa  It  la  often  essential  to  test  the 
model  at  flight  Mach  number.  Then  with  Mach  number  set,  some  part  of  the  aodel  simulation  may  be  wrong 
There  la  scope  to  choose  which  part  of  the  simulation  asy  be  disregarded. 


_  _  .(12) 


flow  is  of  little 
sand  Ingestion  and 


Heavy  Model  Scaling 

For  heavy  aodel  scaling,  the  at  in  choice*  are 


2ft- n±a . 

°>  Pf 


(for  test  nominal  Mach  number) 


Because  all  accelerations  are  related  to  the  gravitational  acceleration,  which  leads  to  a  low  vertical 
velocity  at  the  lowest  edge  of  the  aircraft  aodel  flovfield.  It  follows  that  all  aodel  store  velocities 
relative  to  the  local  airflow  are  too  low.  Therefore  true  relative  Mach  ninbers  are  not  properly 
simulated,  despite  the  Intention.  It  la  therefore  erroneous,  no  matter  how  Important  the  establishments 
which  use  It. 


Another  difficulty  arises  for  small  models,  for  the  very  high  density  required  for  the  aodel  stores  may 
not  be  practical- 


Light  Model  Scaling 

The  ala  of  light-model  scaling  la  to  get  all  relative  velocities  scaled  correctly.  Firstly  the 
free-atreaa  Mach  number  for  the  nodel  la  set  to  the  flight  Mach  number.  In  order  to  achieve  the  proper 
relative  velocities  between  the  local  airflow  and  the  nodel  stora,  the  model  store  has  to  reach  full-scale 
values  of  perturbation  velocity.  Thus  the  aerodynamdcallyr  caused  accelerations  have  to  be  scaled  to  n 
times  the  flight  accelerations. 


Ideally,  the  gravitational  acceleration  acting  on  the  store  must  be  scaled  by  the  sane  factor  as  the 
aerodynamic  accelerations;  that  Is  by  M  .  Then  all  relative  Mach  numbers  would  be  correct.  Then  we  can 
set  Mm  •  M^  In  equation  (19),  and  the  geometrical  scaling  gives: 


so  equation  (19)  reduces  to 


.(ZS) 


How  In  accordance  with  the  argument  above,  we  take  4  "hflthen:- 

{%)  . (**> 

In  practice  ,  It  Is  not  easy  to  alaulate  a  multiplied  gravity  acceleration  on  the  store.  A  strong 
magnetic  field  could  be  considered,  but  has  not  been  engineered.  The  nearest  practical  approach  la  to 
accelerate  the  aircraft  nodel  upwards  at  an  acceleration  of  (n-1)  tinea  gravity,  as  In  the  Accelerated 
Model  Big  (AMX)  technique  (33, 34)*  This  will  be  outlined  briefly.  Otherwise,  the  deficiency  In  the 
gravitational  acceleration  1*  accepted  with  or  without  some  correction*. 


Deficiencies  of  tight  model  jettison* 

The  error*  due  to  providing  a  gravitational  acceleration  on  the  nodel  store  of  1.0  g  Instead  of  n.g  are 
obviously  greater  if  the  aodel  scale  Is  smaller.  In  France,  the  solution  has  been  often  to  test  a 
large-scale  model  at  Modane,  and  hope  that  the  errors  are  not  important.  If  we  take  a  simple  minded  view, 
for  the  moment,  we  can  argue  that  the  model  store  drop*  too  little  distance  under  gravity  In  simple 
light-model  testa.  If  we  are  concerned  merely  with  the  store  falling  away  without  hitting  the  aircraft. 
It  could  be  argued:  "If  the  store  clears  the  aircraft  In  a  light-model  test.  It  would  clear  by  a  greater 
margin  with  properly  simulated  gravity".  Such  an  argument  lay  behind  much  early  store  clearance  testing. 
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A  simple  minded  trajectory  "correction"  can  be  calculated  by  calculating  an  additional  drop  for  the  store, 
according  to  this  equation: 

-----  -(27) 

where  t  is  the  elapsed  time  since  release.  Thia  "corrects”  the  trajectory  further  downwards,  but  because 
the  model  store  has  remained  too  close  to  the  aircraft  for  too  long,  it  will  have  been  subject  to 

Inappropriate  aerodynamic  disturbances  for  too  long. 

Accelerated  Model  Rig  (AMR)  Techniques 

The  aim  of  the  modelling  is  to  achieve  a  model  trajectory  which  is  the  same  shape  as  the  flight 

trajectory,  and  of  model  scale.  Light  model  scaling  arranges  that  the  aerodynamic  accelerations  are 
properly  scaled.  The  motion  of  the  store  through  the  aircraft  flowfleld  in  the  direction  of  gravity  needs 
more  thought.  The  basic  aim  is  to  arrange  that  the  model  store  passes  through  the  model  flowfleld  at  the 
scaled  rates.  Since  the  movement  of  the  store  relative  to  the  ground  remains  at  1.0  g,  we  have  to  move 
the  aircraft  and  its  flowfleld  (relative  to  the  ground)  In  order  to  make  the  patn  or  cne  store  relative  to 

the  aircraft  correct.  Suppose  the  model  Is  full  scale.  With  the  AMR  techniques  < 33, 34)  the  aerodynamic 

accelerations  have  to  be  1/30 times  those  cf  1 light.  The  proper  relative  acceleration  In  the  gravity 
direction  Is  made  up  of  l.Og  on  the  store  and  29g  on  the  aircraft  and  Its  flowfleld.  This  corrects  for 
all  first  order  effects,  but  leaves  a  small  angular  rate  discrepancy,  which  is  corrected  for  by  imparting 
the  approprict -  Increment  of  pitching  rate  to  the  model  store  at  release.  Then  the  entire  dynamic  scaling 
Is  very  close. 

The  technique  has  been  validated  at  BAe  (Brough)  on  Buccaneer,  Harrier,  Hawk  and  Tornado,  Including  a 
partlcuarly  sensitive  test  case  where  an  awkwardly  shaped  empty  dispenser  struck  the  flight  aircraft. 

An  Important  advantage  of  this  technique  Is  that  very  awkward-shaped  stores  can  be  dealt  with,  and 

severely  tumbling  trajectories,  without  any  need  for  separate  tests  or  calculations  to  find  the 
aerodynamics  of  the  store  at  all  speeds  and  altitudes.  There  are  no  support  Interferences  on  the  stores, 
and  multiple'' releases  could  be  tested.  Overvlng  releases  also  can  be  simulated.  A  disadvantage  Is  the 
need  to  make  the  special  sxwlda  for  the  carefully  ballasted  stores.  The  techniques  required  have  been 
perfected  at  BAe  Brough,  but  for  any  new  facility  to  acquire  then  would  be  a  significant  task. 

Tvo-Stlng  rigs 

Two -sting  rigs  were  pioneered  In  the  USA  (35)  but  they  have  been  emulated  In  the  UK  (36),  France  and 

Canada,  at  least.  The  model  store  Is  supported  from  t  controllable  sting,  so  that  It  can  be  positioned 
anywhere  around  likely  trajectories,  and  measure  the  aerodynamic  forces  at  each  position.  In  principle, 
once  the  forces  sre  known  at  one  point  la  a  trajectory,  the  next  point  In  the  trajectory  can  be 
calculated.  So  one  way  of  using  the  rig  Is  to  read  the  forces  Into  a  computer  and  jcoapute  the  next  point 
of  the  trajectory  on-line.  It  should  be  noted  that  the  model  store  Is  effectively  stationary  In  the 
flowfleld  at  esch  point  of  Its  trajectory,  so  th«  forces  measured  are  not  the  same  as  would  be  experienced 
by  a  store  with  the  properly  scaled  crossflow  and  rotational  velocities.  The  usual  way  of  allowing  for 
these  effects  Is  to  Incorporate  estimated  corrections  for  the  calculated  motions.  This  mode  of  operation 
is  known  at  the  Captive  Trajectory  System  (CTS). 

Another  way  of  using  the  rig  Is  to  measure  forces  at  a  number  of  points  on  a  three-dimensional  grid  which 
encloses  the  likely  trajecto-les,  and  then  to  calculate  the  various  points  on  a  trajectory  by 
Interpolation  for  the  forces,  plus  the  motion  corrections.  This  way  of  operating  Is  the  grid  Survey  mode. 

Yet  another  way  is  to  do  a  grid  survey  of  local  flow  directions  and  total  pressures,  so  that  the 

trajectories  could  be  calculated  using  a  secondary  force  calculation  procedure  (e.g  IFM  or  NUFA). 

Recent  experience  (e.g  36)  suggests  that  two-stlng  rigs  are  being  used  Increasingly  In  the  grid-survey 
mode,  with  fewer  on-line  captive  trajectories.  This  Is  because  the  latter  require  substantially  m  -re  time 
In  the  wind-tunnel,  and  therefore  more  ost.  These  rigs  are  proving  their  usefulness  every  day.  rhey  are 
especially  useful  for  missile  launches,  and  for  understanding  interference  aerodynamics  close  to  the 
aircraft. 


6)  AIRFRAME/ STORE  INTEGRATION 

At  every  stage  of  fighter  design,  the  same  conclusions  arise.  It  is  worth  a  greet  deal  to  reduce  store 
drag  and  the  aerodynamic  release  disturbances.  Although  much  can  be  done  to  improve  on  existing 
aircraft/store  configurations,  a  greet  deal  mors  could  be  done  by  designing  nsw  aircraft  and  new  stores 
from  the  start  so  that  the  combination  will  be  exceptionally  efficient.  Ue  have  already  seen  that 
conformal  (or  tangential)  carriage  of  stores  has  a  number  of  major  advantages,  and  more  recent  thoughts 
naturally  turn  to  semi-submerged  carriage,  or  to  store  carriers  designed  to  fit  like  blisters  smoothly  to 
the  surface.  Such  arrangements  sre  classed  as  "Integrated". 

The  best-known  example  of  the  latter  type  of  Integration  Is  the  F-15  "Fastpack"  (37),  which  Incorporates 
smoothly  blended  qulck-relesss  units  which  accomodate  various  interchangeable  role  packs,  such  as  fuel, 
ERU's  with  atoms  and  so  on,  Tijurc :  I*.,?'  »«d  26  show  an  early  version  of  the  F-15  Fastback  system, 
while  fig  27  shove  the  large  drag  saving  posrlble. 

Work  Is  continuing  on  various  schemes  of  this  sort,  and  on  other  schemes  of  semi-submergence  and  blister 
packs.  It  is  not  so  easy  to  apply  such,  schemes  under  wings,  because  of  the  small  chordwlse  lengths 
available.  However,  the  advantages  are  potentially  so  valuable  that  very  substantial  work  Is  merited. 
These  advantages  Include  role-change  and  turn-round  time,  and  stealth:  matters  which  must  not  be 
under-rated. 
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FIGURE  26  F— IB  CONFORMAL  WEAPONS  /FUEL  PALLET 


FIGURE  27  CONFORMAL  VS.  CONVENTIONAL  FUEL  TANK  INSTALLATIONS.  F-16 
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CONCLUSIONS 

It  is  hoped  that  thesa  lacturas  hava  shown  that  tha  interactions  between  stores  and  fighter  design  are  so 
Important  that  a  great  deal  of  design  work  is  worthwhile  to  seak  tha  most  cost-affactive  solutions. 
Always  remember  that  the  ala  of  the  airforce  is  to  be  affective  in  wartime:  the  cost  tands  to  be  the 
peacatlaa  raadiness  cost.  If  you  keap  the  overall  alas  in  aind,  you  will  regard  effactlva  stora /airframe 
integration  as  a  most  important  matter. 
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AEROELASTICITY  AND  OPTIMIZATION  IN  FIGHTER  AIRCRAFT  DESIGN 


H.  Gbdel  and  H.  Htirnlein 

Messerschmitt-Bblkow-Blohm  GmbH. 
Helicopter  and  Military  Aircraft  Group 
P.O.  Box  801160,  8000  Munich  80 
W. -Germany 


SUMMARY 

Constraint  functions  and  their  dif fcrcntiiLioiib  aie  given  in  this  paper  xor  tne 
most  interesting  physical  disciplines  of  structural  optimization  and  well-known  optimi¬ 
zation  techniques  are  mentioned.  Because  of  the  growing  significances  of  iterative 
methods  a  large  space  has  been  conceded  to  the  iterative  solution  of  linear  equation 
systems  and  its  use  in  various  algorithms.  It  is  shown  that  big  computer  time  saving 
effects  would  be  achieved  if  the  special  characteristics  of  the  physical  formulation 
could  be  exploited  mathematically. 


INTRODUCTION 


The  design  of  a  recent  highly  manoeuvrable  fighter  aircraft  is  at  the  present  time 
strongly  influenced  by  advanced  technologies  whose  applications  are  more  and  more  growing 
in  the  future.  This  fact  has  been  recognized  not  only  in  the  statics  domain  where  compo¬ 
site  materials  have  gained  already  high  significancy  but  also  in  the  aeroelastics  and 
flight  mechanics  where  control  surface  effectivenesses,  CCV  configurations  and  active 
control  capabilities  play  an  important  role.  Already  in  the  preliminary  design  phase 
the  design  engineer  has  to  regard  all  these  recent  requirements  doing  his  complex  in¬ 
vestigations.  Hence  integrating  effects  are  obtained  during  an  optimization  process.  The 
main  task  of  optimization  is  to  minimize  the  objective  function  -  in  general  the  weight 
of  the  structure  -  whilst  taking  into  account  all  the  requirements  derived  from  techno¬ 
logies  mentioned  above.  Several  disciplines  are  treated  in  thin  paper 


e  Formulation  of  the  general  optimization  problem 

e  Description  of  an  iterative  solution  of  linear 

equation  systems 

e  Derivation  of  constraints  and  sensitivity 
analyses 

e  Mathematical  programming  techniques 


An  important  point  of  view  in  structural  optimization  is  the  performance  of  recent 
vector  computers,  available  at  the  present  tine.  Vector  computers  enable  us  to  investi¬ 
gate  large  structures  not  only  in  the  statics  domain  but  also  in  the  aeroelastics  and 
structural  dynamics  region.  Provided  that  the  mathematical  routines  needed  for  analyses 
and  optimization  are  embedded  in  the  general  data  flow  during  design  phase  of  an  air¬ 
craft  shorter  time  of  development,  increasing  quality  of  the  product  and  trend  informa¬ 
tion  *or  further  development  can  be  expected. 


THE  OPTIMIZATION  PROBLEM  IN  AIRCRAFT  DESIGN 

Structural  optimization  of  an  aircraft  is  mainly  influenced  by  the  techniques  which 
are  used  in  the  statics,  dynamics,  aeroelastics  and  aerodynamics  domain.  The  specialist 
who  is  engaged  in  the  interdisciplinary  optiaiization  process  is  highly  dependent  on  these 
techniques.  He  is  supposed  to  involve  all  these  contributions  in  a  joint  analyses  system 
which  takes  a  lot  of  organization  because  of  the  different  formulations,  mesh  grid  for 
example.  In  addition,  the  mathematical  process  for  optimization  is  a  further  important 
component.  The  mathematical  formulation  of  the  optimization  task  is  at  the  beginning, 
given  in  a  rather  compact  form 

minimise  f(x)  (objective  function) 

subject  to  gj  (x)  *  0  j*  J  (constraint  functions) 

x<Rm  (design  space) 


(1) 
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The  changeable  structure  which  is  taken  ae  a  base  for  optimization  will  be  descri¬ 
bed  by  the  design  variable  vector  x.  All  other  parameters  of  the  structure  remain  un¬ 
changed  during  the  optimization  process.  As  objective  function  not  only  the  weight  of 
the  structure  is  used  but  also  deformations,  root  moments  or  aerodynamical  efficiencies 
are  usually  taken  as  objective  function.  Using  the  weight  we  have  a  linear  function  of 
the  sizing  variable  x.  Two  classifications  can  be  made  for  the  optimization  process. 

Classification  by  the  type  of  chosen  design  space 


•  sizing  variables 

•  geometrical  variables 

•  topological  variables 


actual  design  of  members 

shape  design  of  structure!  challenge 

arrangements  of  members  J  for  the  future 


Classification  by  the  kind  of  considered  constraints 


•  dynamics 

•  aeroelastics,  aerodynamics 


stress,  displacement,  buckling 
frequency,  acceleration 
efficiency,  flutter  divergence  speed 


Constraint  functions  are  highly  non-linear  functions  of  the  design  variable,  except 
for  side  constraints  which  have  a  simple  form.  In  most  of  the  optimization  procedures 
the  constraints  will  be  considered  simultaneously  during  the  optimization  process,  but 
some  systems  use  an  interactive  proceeding.  The  mathematical  assumptions  for  optimiza¬ 
tion  are  of  that  kind  that  the  constraints  and  the  objective  function  should  show  a 
konvex  progress,  see  Fig.  1  where  a  general  proceeding  is  shown.  However,  by  means  of 
a  simple  two  bar  structure  it  can  be  shown  that  this  supposition  is  violated,  see  Fig.  2. 


\\ 


Domain  of  feasible 
Design 

~  Optimum 


grt  qt  Constraints 
t,- ,  tj  *  Design  Varieties 


.Weight' const. 


GENERAL  PROGRESS  OF  CONSTRAINTS 


2  DEFLECTION  CONSTRAINTS  ON 
A  SIMPLE  TWO  BAR  STRUCTURE 


Furthermore  the  constraints  should  be  manifold  differentiable  functions.  That  means, 
all  of  the  implemented  formulae  of  the  analyses  have  to  be  known  in  the  sensitivity 
analyses  procedures.  So-called  black  box  solutions  can  not  be  used  efficiently  in  the 
sensitivity  calcs.  In  both  statics  and  dynamics  domain  the  physical  behaviour  of  the 
problems  can  be  formulated  by  linear  equation  systems  or  linear  differential  equatioi 
systems.  In  the  steady  aerodynamics  domain  a  linear  formulation  is  used  in  general.  By 
means  of  an  aerodynamical  influence  coefficient  matrix  C  an  aerodynamical  distributor 
is  given  in  equation  (2)  due  to  an  angle  of  attack  distribution M 


Ac,  “  C(g)  ■  Ol(U) 


where  C  is  a  real  unsymmetrical  matrix.  This  matrix  depends  mainly  on  the  geometry  of 
the  aerodynamic  system,  whereas  K  is  a  function  of  the  elastic  deformations  too.  Formula¬ 
tion  (2)  has  been  commonly  used  And  successful  runs  have  been  made  for  simple  structures 
with  corresponding  procedures.  On  v.'.  contrary,  however,  recent  aerodynamic  codes  show  a 
non-linear  behaviour  which  cannot  be  used  immediately  in  the  optimization  process,  be¬ 
cause  of  the  fine  mesh  grid,  see  Fig.  3  taking  also  into  account  interferencies  of  dif¬ 
ferent  surfaces  and  so  on.  Hesh  grid  in  aerodynamics  as  well  as  that  of  the  statics  should 
have  a  reasonable  frame  for  optimization  bv  means  of  a  crude  grid. 
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FIG.  3  RECENT  AERODYNAMICS  MESH  GRID 

A.  reasonable  formulation  of  the  aerodynamics  for  use  In  structural  optimization  could 
be  as  toilowa 


Acp  =  Acp(g,u)  +C*(g,u)-to(Au)  »> 


For  a  given  deformation  distribution  u  of  the  structure  and  on  the  base  of  its  aero¬ 
dynamic  geometry  the  ^Cp^.uj-distributlon  could  be  calculated  using  recent  aerodynamic 
codes.  The  matrix  CMg,  u)  should  represent  a  constant  aerodynamic  influence  coefficient 
matrix  valid  only  in  the  environment  of  the  deformed  structure,  that  is,  only  small  va¬ 
lues  AOt(Au)  would  be  allowed.  By  reasons  of  the  insufficiencies  in  our  tools,  especially 
that  mentioned  above,  analysis  should  be  done  as  good  as  possible.  Formulation  (3)  has 
never  been  considered  for  optimization  in  the  past. 

During  an  optimization  process  there  are  sous  restrictions  in  view  of  manufuctoring 
aircraft  structures.  Minimum  gauges  have  to  be  regarded.  If  composite  materials  are  used 
not  every  fibre  angle  of  the  layers  of  the  elements  can  be  realized  since  allowable  stres¬ 
ses  for  unorthodox  combinations  are  not  available.  Skin  thickness  distributions  could  be 
prescribed  which  demands  a  special  proceeding  in  the  optimization  process  (variable 
linking) . 

Because  of  the  fact  that  optimization  proceeds  in  a  more  approximatively  manner  an 
increasing  use  of  iterative  methods  could  be  recognized.  Before  describing  the  analyses 
and  sensitivity  analyses  procedures  a  detailed  description  of  a  mathematical  routine  will 
be  given  which  is  used  in  some  significant  programs. 


ITERATIVE  SOLUTION  OF  LINEAR  EQUATION  SYSTEMS 

Two  main  reasons  for  the  use  of  iterative  solutions  are  obvious.  On  the  one  hand  a 
certain  number  of  aeroelaxtical  problems  lead  to  an  iterative  solution  of  a  linear  equa¬ 
tion  system  because  of  the  complex  coherencies.  Direct  solutions  wo.ild  be  unefficient  cr 
even  impossible  in  many  cases.  On  the  other  hand  there  are  conditions  performing  structu¬ 
ral  optimization  for  which  the  iterative  process  conv  rges  very  quickly.  The  more  progress 
we  have  in  optimization  the  smaller  changes  on  the  stru  tures  occur  and  the  faster  con¬ 
verges  the  problem.  By  reasons  of  the  significancy  of  it.  rative  methods  the  description  of 
the  method  in  mind  will  be  presented  in  a  r-.t-her  detailed  manner.  Equation  (4)  gives  the 
general  form  of  the  task 


Ku  -  Cu+b  j  K,C  e  Rnrn  ju.be  Rn 


In  most  cases  K  represents  a  stiffness  matrix  which  can  be  decomposed  >y  CHOLESKY  as  follows 


K-LLr  , 


(5) >  (6) 


L  is  a  lower  triangular  matrix,  C  is  in  general  un symmetrical,  in  formulations  with¬ 
out  aerodynamics  matrix  C  becomes  symmetrically.  For  the  solution  of  equation  (4)  it  is 
necessary  that  the  difference  K-C  is  a  non-singular  matrix,  the  iteration  process  is 
running  by  the  following  equation  (7) 


KuT"  =  Cut 


CHOLESKY  factorization  (5)  can  be  used  as  long  as  no  changes  of  the  structure  occur.  This 
fact  is  very  important  for  the  efficiency  of  the  method  since  one  iteration  step  re¬ 
quires  only  one  multiplication  C  •  u,  one  forward  (FW)  and  one  backward  (BW) substitution. 
In  addition,  if  the  stiffness  matrix  K  is  even  banded  a  higher  decrease  of  computer  time 
is  achieved.  The  iteration  (7)  could  be  started  with  the  vector  u<o)  »  0,  unless  a  better 
approximation  is  known.  An  usefull  convergency  criterion  is  as  follows 


*  £ 


where  £  represents  an  appropriated  value  to  the  solution  u  .  The  iteration  process  (7) 
has  been  tested  at  MBB  for  a  wide  range  of  examples  ind  provided  that  the  process  has 
shown  a  converging  behaviour  good  resultR  were  obtained.  During  a  cooperation  between 
MBB  and  the  University  of  Munich,  Prof.  W.R.  RICHERT  gaves  his  opinion  to  the  iteration 
and  has  made  some  proofs  to  it  /I,  2/.  A  converging  condition  is  given  below.  Conver¬ 
gency  is  provided  for  that  case  for  which  condition  (9)  is  fulfilled. 

afi  <  1  i  (K  =mox  a,  ,  /«/,...,/?  <s» 

For  the  calculation  ofOCj.  and  fit  the  equations  below  have  to  be  performed  by  means 
of  the  elements  of  the  matrices  L  and  C. 


'•  A . 


no)>  (in 


4”/U  J'  $  +  ^  . * 


(12);  (13) 


Using  the  calculated  values  et  and  fi  an  estimation  of  the  error  can  be  made  at  any 
iteration  step  V 


Convergency  conditions  as  well  as  error  estimations  mentioned  above  are  of  that  kind 
that  the  real  relations  mostly  are  of  better  behaviour  as  it  is  shown  by  these  pessimistic 
criteria.  A  better  estimation  can  t*  made  by  using  the  characterisation  of  the  dominant 
eigenvalue  which  is  associated  to  the  linear  equation  system.  Considering  u  as  the  exact 
solution  approximations  at  the  iteration  steps  V  and  v+1  could  be  defined 


um^u-AuM  ;  u"*"  -  u -Au""" 


M5»!  |U( 


Equations  (IS)  and  (16)  used  in  (7)  leads  to 


KAu*”'- CAuM  *  Auw”-KCAuM 
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Equation  (17)  shows  the  well-known  v.  MISES  iteration  for  eigenvalue  problems.  This 
iteratior  results  after  a  certain  number  of  steps  in  an  approximation  of  the  dominant 
eigenvalue  X^. 


A 

t 


n  • 


/Au^l  * 


IXJ<1 


(18);  (19) 


The  values  /Au,-  /,  /  Au,-  *  lt .  decrease  by  a  geometrical  progression  and  vanish 

for  V -*■  oo,  provided  that  a  dominant  value  /  Xd/<  1  was  achieved.  Convergency  condition 
(19)  has  been  published  in  many  reports.  Nevertheless,  in  the  following  it  is  shown  that 
linear  equation  systems  can  also  be  solved  if  Xd  *  -1. 


Convergency  Improvements  by  an  Eigenvalue  Transformation 


The  eigenvalue  problem  associated  to  the  iteration  process  (7)  can  be  written  as  follows 

(C-\K)y=0 

We  have  found  that  better  convergency  could  be  obtained  by  the  use  of  a  relaxation 
procedure  which  is  given,  equation  (21)  and  (22) 


Kz f'""  -CuM+br  vT*  -  p  um  *  qz"*"  |2,|i  1 

It  was  found  that  the  values  p  *  1-aj  and  q  *  6)  lead  to  an  eigenvalue  transformation  as 
follows 


Xt  =  Xjtt  -0  +  1  <23> 

This  transformation  is  applied  to  equation  (7)  and  the  new  iteration  is  achieved. 


Ku o>CuM  +(i- u))KuM + cob 


It  is  obvious  that  for  the  value  «- 1  the  original  iteration  process  (7)  is  obtained.  Ir. 
case  of  convergency,  that  is  u*v+1*  ■  u<v1*  u  equation  (24)  changes  to 

KumuCu+(i  oj)Ku+ojb  or  o-u)(Cu+b-Ku)-G)  0  ^ 


Hence,  solution  u  is  independent  on  the  value  V  .  The  main  task  is  now  to  find  an 
optima)  M  -value,  to  find  the  smallest  dominant  eigenvalue,  of  course.  The  eigenvalue 
transformation  (23)  is  valid  for  all  eigenvalues  of  the  problem  in  mind.  Because  of  the 
unaymmetry  of  matrix  C  real  and  complex  eigenvalues  may  occur.  Provided  that  only  real 
eigenvalues  become  dominant  in  the  considered  domain  versus  0),  Fig.  4  shows  the  linear 
behaviour  of  the  transformed  eigenvalues.  In  the  past,  all  of  the  investigated  real  aero- 
elastic  structures  have  shown  this  behaviour.  In  addition  if  only  problems  of  the  statics 
have  to  be  solved  matrix  C becomes  symmetrically  and  all  eigenvalues  appear  as  real  eigen¬ 
values. 

During  the  iteration  process  the Au-vectors  of  equation  (17)  are  not  known  but  after 
a  certain  number  of  iteration  steps  an  approximation  Xa  of  the  corresponding  eigenvalue 
Xd  is  achieved.  By  means  of  a  small  correction  term  we  can  write  for  any  component  ks 


Au.nt"  -  Au?  \jue‘;) 
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FIG.  4  •  BOUNDARIES  OF  REAL  DOMINANT  FIG.  5  PROGRESS  OF  DOMINANT  EIGENVALUE 

EIGENVALUES  VERSUS  (0  ITERATION  PROCESS 

This  behaviour  is  depicted  in  figure  5  for  some  iteration  steps.  From  this  figure  we  can 
deduce 

At c -  u'r' -u?‘  -  Ai£'  -Auy  -  -xjueS'H  <”> 
Mr-  Aiim'-Ai£,a-Ai£'\M!?)[i-\J(hC)]  <»• 


T  (**4) 


Au, 


Sul 


to) 


1-h  + 

1  -  +  £km) 


(29) 


Equation  (29)  converges  to  the  dominant  eigenvalue  Xd  if  g  decreases.  A  geometrical 
progression  of  the  decreasing  error  components  Zu*  Is  obvious.  An  useful  formulation  is 
given  as  follows 


,  / Au,M>t 

IAumI 


(30) 


In  certain  cases  it  may  happen  that  the  convergency  of  the  solution  u  is  much  faster 
than  that  of  the  v.  MISES-Iteration .  In  these  cases  eigenvalues  are  rather  small  so  that 
transformations  are  not  necessary  for  time  saving.  In  Fig.  4  the  iteration  provides  at 
CO*  1  the  eigenvalue  Xmin,  point  A,  since  /Amin/  >  /A  max/-  The  iteration  at  point  B 
converges  to  the  dominant  eigenvalue,  point  C.  By  means  of  the  points  E  and  C  Xmax  can  be 
computed,  point  D.  The  optimum  condition  Amln.opt  /  .  / A  v  .  /  leads  to  the  optimally 
Cd-value  and  to  the  smallest  convergency  rate.  max. opt. 


Cd 


•opt 


~  ^m>n~  A. 


;  \m  \ 


'max 


mm‘* 


5 * 


Lg/\l 


(31);  (32);  (33) 


Considering  a  case  where  Amin/  *  Amax/  no  convergency  improvements  can  bo  achieved. 

An  estimation  of  the  number  of  necessary  iteration  steps  s  is  given  by  equation  (33)  where 
d  ,s  the  number  of  valid  digits  of  accuracy.  Supposing  that  the  matrix  C*contains  a  variable 
ratio  q/qr  -  d/namic  pressure  for  example  -  it  is  obvious  that  the  eigenvalue  depend  linearly 
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on  this  ratio.  Under  the  assumption  that  Xmax  >  0  has  been  calculated  for  q/qr  =  1  an 
upper  boundary  for  the  ratio  in  question  is  achieved  by  equation  (35) . 


C-4-C;  m 

Hr  "r  maK 


' max 


(34);  (35) 


In  Fig.  6  results  are  depicted  for  iterations  performed  for  a  real  aeroelastic 
structure  at  certain  co-values.  At  £0  *  1  a  minimum  eigenvalue  has  been  detected  which  is 
less  than  -I.  No  convergency  for  solution  u  was  obtained  but  the  v.  MISES  iteration  con¬ 
verged  very  fast,  see  line  #1. 

Line  #2  and  #3  show  the  progress  of  eigenvalues  foru)=  0.7  and  0.5.  The  iteration  at 
the  optimum  (O  shows  an  alternating  behaviour  which  could  be  caused  by  the  multiple  domi¬ 
nant  eigenvalues. 


FIG. 


6  DOMINANT  EIGENVALUE  BEHAVIOUR 
CALCULATED  FOR  A  REAL  AERO¬ 
ELASTIC  STRUCTURE 


FIG.  7  REAL  AND  COMPLEX  DOMINANT  EIGEN¬ 
VALUE  PROGRESS 


If  both  complex  and  real  eigenvalues  become  dominant  during  the  iteration  process 
the  behaviour  versus  a)  could  be  studied  only  for  the  absolute  value  of  the  eigenvalue. 
Since  the  imaginary  parts  remain  unknown  the  formulae  derived  for  real  eigenvalues  are 
not  valid.  For  a  given  accuracy  d  obtained  after  s  iteration  steps  an  estimation  of  an 
average  convergency  rate  could  be  achieved  by 


/A,/ 


fa 


10  * 


(36) 


The  calculation  of  <0Qpt  seems  to  be  an  iterative  search  process. 


Application  to  statics  and  dynamics  problems 


Recent  solutions  of  the  statical  problems  are  bas<!d  on  the  finite  element  formulation 
which  enables  us  to  assemble  the  total  stiffness  matru-'  K  as  a  sum  of  a  big  number  of 
element  stiffness  matrices.  During  an  optimization  process  it  may  happen  that  small 
changes  of  the  structure  lead  to  a  linear  formulation  of  the  new  stiffness  matrix  K, 
with  K*  as  a  constant  matrix  and  Was  a  variable  value,  U>0. 


Ku  -  (K+  o(K*)U3‘b  or  Ku  -  ~(xK*u  +b  j(4r)  <  —  (37);  (38 

1  CXr  ’max  Zmax 

Provided  that  0  <  Ag^x  1  for  a  given  value  ((*  R  at  03  ■  1  was  achieved,  a  maxi¬ 
mum  ratio  Of /Ur  is  given  in  equation  (38);  if  A  max  *  0  no  upper  boundary  occurs.  This 
behaviour  is  obtained  having  a  positiv  definit  matrix  K*. 


In  the  past  vibration  calculation  of  big  structures  were  mostly  performed  in  a  con¬ 
densed  form  on  the  base  of  assumed  modes  whereby  the  results  of  this  approach  have  been 


highly  influenced  by  the  choise  of  these  inodes.  Before  eigenvalue  extraction  could  be 
done  a  big  amount  of  computer  time  has  been  spent  on  the  calculation  of  the  condensed 
matrices.  Recent  computer*-  especially  vector  computers  -  allow  now  a  higher  degree  of 
freedom  number.  Both  stiffness  and  mass  matrix  could  be  assembled  in  the  structures  grid 
model  and  vibration  calculation  could  use  these  matrices.  Because  of  the  frequent  changes 
of  the  structure  during  the  optimization  process  an  eigenvalue  extraction  procedure  could 
be  useful  which  uses  results  of  an  earlier  step.  Such  a  procedure  could  be  a  modification 
of  the  perturbation  method  by  H.  WITTMEYER  /3/.  This  routine  contains  a  solution  proce¬ 
dure  for  a  linear  equation  system  which  is  used  during  vector  iteration.  Because  of  the 
symmetry  of  stiffness  matrix  as  well  as  mass  matrix  only  real  eigenvalues  are  considered. 
By  reasons  of  the  small  changes  in  the  stiffness  and  mass  matrices  the  iterative  solution, 
equation  (24),  used  in  the  perturbation  method  would  show  a  distinguished  efficiency. 


ANALYSES  PROCEDURES  AS  BASE  OF  OPTIMIZATION 


During  the  optimization  process  of  an  aircraft  very  different  analysis  progt-ams  are 
used.  A  certain  number  of  physical  disciplines  contribute  simultaneously  to  a  better 
sizing  of  an  aircraft.  The  general  base  for  an  aircraft  design  is  a  finite  element  formu¬ 
lation,  but  other  bases  are  used  too,  /  4/.  The  combination  of  the  different  mesh  grid 
systems  of  statics,  aerodynamics  and  structural  dynamics  are  performed  using  transforma¬ 
tion  matrices.  These  matrices  describe  the  relation  between  the  forces  and/or  moments 
of  the  one  system  (a)  to  those  of  the  other  system  (s) ,  equation  (39).  If  we  define  the 
deformation  relation  for  both  systems  by  equation  (40) ,  the  virtual  work  in  both  systems 
is  equal,  equation  (41),  independent  on  the  behaviour  of  transformation  matrix  T. 


A 


(39);  (40);  (41) 


In  vivw  of  the  validity  of  these  transformations  the  design  engineer  has  to  be  very 
carefully  using  these  matrices.  The  general  statics  equation  based  on  a  finite  element 
model  with  loads  R  (x)  independent  of  the  deformation  u(x)  is  given  by  equation  (42) 


Krx)  urn*  Rrx)  >  K=LLT 


where  :  x  €  Rra  design  variable;  u€Rn;  R£Rn;  m  is  number  of  design  variables;  n  is  number 
of  degrees  of  freedom  (DOF).  The  matrix  KGRnxnis  in  general  a  banded  positiv  definit 
matrix  which  can  be  decomposed  by  the  CHOLESKY  factorization,  equation  (43),  where  L  is 
a  lower  triangular  matrix.  This  factorization  is  done  only  once  for  each  optimization 
step  and  the  solution  vector  is  obtained  by  one  FW.'BW  substitution  per  load  case.  In  the 
statics  domain  with  fixed  loads  two  types  of  constraints  are  considered, stiffness  con¬ 
straints  and  strength  constraints.  Stiffness  constraints  can  be  treated  by  affin  linear 
relationship  (44),  whereby  displacements,  twist  and  camber  could  be  handled.  Normalizing 
the  general  restriction  (45) ,  the  equivalent  formulation  of  the  imposed  constraints  can 
be  written  by  (46),  aj  stands  for  allowable, 


pfx) - tx  +  aTu(x) j. o ^ p  j  1±g(x)--=  1  -  ^  * o  («»;  M5>;  (46) 

or  in  general  form 

g(x)  =  g(p(u(x)))  (47) 


Stress  constraints  depend  on  the  type  of  the  finite  elements.  These  constraints  de¬ 
pend  on  the  displacement  vector  u  and  explicite  on  the  design  variable  x.  The  non-linear 
elements  beam,  plate  and  shell  describe  the  general  case.  In  the  following  we  considere 
per  element  xc  only  one  constraint  gc  without  loss  in  generality.  Using  the  formulation 
FM  ■  (N,  M,  Q) ,  where  N  represents  the  internal  normal  forces,  H  moments  and  Q  shear 
forces,  we  obtain  for  element  c« 

FHm = Ft1(x.u) :  *  FC(X' i  u,  i  6c(X)-5c(x.FHc)--S'(xc)Fnc 


(48);  (49) 
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F  (x  )  describes  the  non-linear  finite  element  behaviour  of  the  element  geometry  and 
designvariabxe  x.  Superposition  of  FMq  leads  to  the  stress  vectors,  equation  (49),  Using 
a  differentiable  hypothese  (v.  MISES,  TSAI-WU,  HILL  and  others)  for  the  calculation  of 
the  equivalent  stress  0e  the  vector  &c  can  be  reduced  to  a  scalar  value,  (5G),  and  after 
normalizing  the  restriction  (51),  we  achieve  the  constraint  function  (52) 


<%«&/£);  1  ±g/X):=  1-  *  0  <50>>  <51>'  <52> 


Composition  of  all  these  mentioned  relations  leads  to  equation  (53) . 


gc (X)  -  gc  fa  OX  (X,  FHC  (x,u(x)»»  gjx)  -  gj&jtuxm  <»> 


For  linear  elements,  bar,  membrane ,  shear  for  example  equation  (53)  becomes  more 
simple,  (54).  Strain  constraints  could  be  treated  in  an  analogous  manner. 

In  view  of  efficiencies  of  the  steady  aeroelasticity  equation  (42)  must  be  extended 
by  a  deformation  dependant  term.  Equation  (55)  will  be  solved  by  the  iterative  method 
equation  (24),  mentioned  above. 


Kcx)  u(x)  -  Q  u(x)  +Rfx) ,  Qe  ;  ym  « 1 + bTu(X)  .  cse) 

The  efficiencies  (rudder  moment,  lift  ...)  are  defined  by  the  affin  linear  relation¬ 
ship  (56).  Vector  b  contains  the  behaviour  of  the  geometry  and  the  aerodynamics  for  the 
rigid  structure.  Normalizing  the  restriction  (57),  which  contains  the  de til red  efficiency 
leads  to  the  equivalent  constraint  definitions 


0  ^  y d  -y(x)  j  Q(x):s*^p-  -1*0  }  g(x)  -  gty(u(x)))  (57),  <58) ,  (59> 

Calculating  natural  frequencies  to  and  the  associated  normal  modes  v  equation  (60) 
has  to  be  solved  by  an  eigenvalue  extraction  method. 


(K(X) -X(x)  M(x))v(x)=o  j  (60),  (61) 


K  is  stiffness  matrix,  M  mass  matrix,  X  4  0,  only  distinct  eigenvalues  should  occur. 
Two  cases  are  considered,  isolation  of  frequencies,  see  Fig.  8,  and  lower  restriction  of 
frequencies,  see  Fig.  9.  Vibration  mode  shape  constraints  are  not  considered  in  this 
paper . 


frequency  domain 


free  of  frequencies 


CO 


frequency  domain 


FIG,  8  FREQUENCY  ISOLATION 


FIG.  9  LOWER  BOU’.'D  OF  FREQUENCY 


In  th»  first  case  two  restrictions  has  to  be  treated  hereof  and  normalizing  is  done. 


0  =6  CJJX)*  CO  K*it ....  i 

*  A/  # 


j  0  ±  (JO  ±  COJX)  ,  K-i+1,....n  <62> »  <63> 
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Qjx):~l~  ~u r1  *°  >  Kmi>-U  ^4),  (65) 

M  ^  4, 

For  a  given  t0±  we  have  to  decide  which  one  of  the  two  restrictions  should  be  taken. 
This  may  have  an  important  influence  on  the  optimization  process  as  well  as  on  the  final 
design.  Treating  the  second  case  only  one  restriction  is  considered,  equation  (66)  and 
normalizing  of  it  leads  to  equation  (67). 


0  *  <n  6  tyM  i  gjx>‘ 


COf(X) 


-1^0  )  im*, . n  (66>  <*  <67> 


The  basic  equation  system  for  solving  the  flutter  problem  is  given  below. 

[  ^tP°Mrx)  +Ka)  -  -4^-  A(ktn»)]q(x)  =  0 


This  formulation  is  based  or.  r^^mal  modes  of  the  structure  and  hereby  M  represents 
the  generalized  mass  matrix,  K  stiffness  matrix  _..d  .»  unsteady  aerodynamic  matrix, 
q  generalized  coordinates,  Vf  stands  for  flutter  speed  and  p  is  the  eigenvalue  of  the 
problem.  Matrix  A  i3  a  function  of  the  reduced  frequency  k  and  Mach  number  Ma,  where 
k  »  bcd/v  is  built  by  the  reference  length  b  and  by  the  frequency  u>  of  oscillation. 
Equation  (68)  is  an  implicite  function  for  the  flutter  speed  vf.  Restriction  and  con¬ 
straint  function  are  given  by  (69)  and  (70). 


0±vf±  vf(x) )  g(x):m  - 1-0 


(69);  (70) 


It  is  obvious  that  over  the  full  mission  domain  of  an  aircraft  more  than  one  criti¬ 
cal  flutter  case  may  occur  which  all  have  to  be  considered  during  the  optimization  pro¬ 
cess.  For  divergence  investigations  equation  (68)  becomes  more  simply  for  a  non-oscilla- 
tory  motion,  p  ■  0. 

[ Km  -  ^j^A(k.o,M*)] qrx)-0  or  (Km  -Am. A)qrx)~o  <«> 

The  smallest  real  eigenvalue  A  *pvt/2  of  equation  (71)  gives  the  divergence  speed  v,j. 
The  restriction  and  the  constraint  function  are  similar  to  these  of  the  flutter  formula¬ 
tion. 


o-vd  *  ^  <x) ;  grxk*  -1±o 


(72),  (73) 


All  of  the  main  analysis  procedures  are  now  treated  and  the  corresponding  constraint 
functions  are  defined,  which  are  the  base  of  the  sensitivity  analysis  tools  described  in 
the  following. 


CALCULATION  OF  THE  GRADIENTS  OF  CONSTRAINTS 

Sensitivity  analysis  plays  the  dominant  role  during  the  optimization  process.  In 
the  past,  sensitivity  analysis  has  been  done  sometimes  using  the  numerical  differentia¬ 
tion  method,  but  this  proceeding  is  restricted  to  a  rather  small  number  of  design  variab¬ 
les.  Provided  that  m  represents  the  number  of  design  variables  the  expense  on  computer 
time  increases  proportionally  to  m4  whereas  for  the  analytical  approach  it  is  proportional 
to  m’ .  At  the  present  time  500  and  more  design  variables  are  desired.  Analytical  sen¬ 
sitivity  analysis  is  expensive  in  any  case. 

Notation:  By  means  of  the  CHAUCHY  symbol  0  the  so-called  Jacobian  is  formulated  for  a 
vector  function  g 


9={JJ  '  &  "(Wats 


(74);  (75) 


J 


Sensitivity  analysis  will  be  done  here  in  the  stress  domain  for  the  most  complicated 
case  of  non-linear  elements.  Formal  derivation  is  made  using  equation  (53).  Differentia¬ 
tion  of  this  equation  with  respect  to  the  design  variable  x,  using  chaine  rule  and  re¬ 
garding  the  explicite  dependency  on  the  design  variable  x  provides 


-Dge  ■  Dsc  ■[*  +Ik>c  +D/V  -D'Uj] 

(76) 

Distributive  multiplication  gives 

%gc  -  «T +  4r  ♦  cl •  D'U, 

(77) 

where: 

'  eir1 

(78) 

^  ■  If  •  •*“ 

(79) 

c>u-n*cHm  ■  ew** 

6e  r*c  “c  dc  ])0F  of  e/ement  c 

(80) 

The  vectors  a,  b  and  c,simple  to  calculate,  depend  on  the  design  variable  x  only. 

In  addition,  vectors  a  and  b  are  sparse  populated,  only  the  c-th  component  is  nonzero. 
Because  of  the  value  dc  vector  c  is  rather  small.  The  term  is  the  most  time  con¬ 

suming  part  in  numerical  calculation.  Formal  partially  differentiation  of  equation  (55) 
with  respect  to  variable  Xf  provides: 


we  obtain  a  linear  equation  system  which  can  be  solved  iteratively  like  equation 
solution  for  all  design  variables  provides  equation  (85) . 


(81) 

(82);  (83) 

(55)  and 


where 


Kv-  -  Q \{  +pc  )  Du  *  K*  (K-Q)P  (84),  (85) 

y=(vi) )  p-(pi)  built  by  columns 


Considering  all  constraints  of  the  actual  type  we  can  summarize 

A  - (aj) )  B - (brc)  j  C-  (c^)  built  b* rows 

and  equation  (76)  changes  in  a  general  form 

WT 


Dg-A  +  B  +  C(K  -Q)  P 


(86);  (87) 


(88);  (89);  (90) 


(91) 


Two  different  approaches  are  considered  in  the  following  description.  Using  design 
space  method  columns  of  matrix  V  are  calculated  (pseudo  displacements)  based  on  the  itera¬ 
tive  solution  like  (55).  Premult4.  Plication  of  V  with  matrix  C  is  needed  finally.  Por  the 
state  space  method  we  define 


WT-  C(K-Q f 


(rowwise  solution,  virtual  displacements) 


(92) 
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and  solution  will  be  done  for  the  equivalent  equation  system  in  the  same  manner. 


KW-QTW  +  CT 


Postmultiplication  of  with  the  matrix  P  is  needed  also.  Caused  by  the  finite 
element  formulation  matrices  P  and  C  are  sparse  populated.  Provided  that  we  have  only 
loads  independent  of  the  deformations  matrix  Q  becomes  zero  and  no  iterative  solution 
is  necessary.  The  numerical  amount  for  the  state  space  method  is  linear  dependent  on 
the  number  of  constraints,  whereas  for  the  design  space  method  there  is  a  linear  de¬ 
pendency  on  the  number  of  design  variables.  The  remaining  stiffness  and  strength  con¬ 
straints  for  linear  elements  can  be  solved  analogously,  note  that  A  =  B  =  0.  From  the 
numerical  point  of  view  it  should  be  mentioned  that  for  mixed  constraints  (statics  and 
aeroelastics  constraints)  the  state  space  method  shows  a  general 

Many  mathematical  programming  systems  lead  to  subproblems  of  the 


minimize  cpcx)  >  q>rx)  =frx)  +  G(grx)) 

Formal  differentiation  provides  equation  (95) ,  The  row  vector  /3T 
easely  available  after  analysis  has  been  done  for  the  structure 


A<P  =^/*BsG-J)g  >  p-DG 

Equations  (91)  and  (96)  used  in  (95)  we  obtain 

Dxcp  -M  +pA  +pB  +f(K-Q)P  j  tf-pC  l97>>  1981 

where is  called  an  adjoint  variable.  Finally  we  have  to  solve  equation  (99)  using 
state  space  formulation 

WT=VT(K~Q )  or  Kw-Qw+'Yl 


From  equation  (99)  it  can  be  seen  that  the  iterative  solution  for  only  one  vector 
is  necessary.  In  view  of  operation  counting  the  significant  speed  up  factor  m  (number 
of  actual  constraints)  is  obtained. 

Sensitivity  analysis  for  natural  frequency  constraints  is  done  by  differentiation 
of  equation  (60)  and  the  general  constraint  function  (100)  with  respect  to  x^ ,  resp.  x 


superiority, 
following  typ. 

(94) 

of  equation  (96)  is 

(95)  ;  (96) 


gm  -gram)))  >  hxg  v  DX  (100);  (101) 


(102) 


The  most  interesting  term  of  equation  (101)  is  the  last  one.  Premultiplication  of 
(102)  with  a  normalized  vector  vT,  where  vT  M  v  ■  1,  provides  equation  (103)  since  the 
second  part  of  (102)  vanishes. 


dX 

dxi 


S-WtV-X  /-f 


(103) 


Sensitivi  y  analysis  done  for  divergence  constraints  is  similar  to  the  natural 
frequency  process.  The  general  form  of  the  constraint  function  (104)  and  the  differen¬ 
tiation  of  it  with  respect  to  x  lead  to 


g(x)  -  g(vd  (X(x)))  }  Hg  ‘Qg  ]]yM  -Dm A 


A 


(104);  (105) 


Furthermore  differentiation  of  (71)  with  respect  to  Xi  provides: 


rdK 

L  dx< 


(106) 


Premultiplication  with  the  left  hand  eigenvector  g*  (caused  by  the  unsymmetrical 
matrix  A)  gives  equation  (107)  since  the  product  of  the  second  term  of  (106)  vanishes. 


-  T  dK 

dX  m  q*  q 
dXi  q*rA  q 


(107) 


Differentiation  for  all  of  the  design  variables  provides  the  most  interesting  term  DxX 
of  equation  (105). 


For  sensitivity  analysis  of  the  flutter  speed  constraint  equation  (70)  is  extended  to 


gm-g(vfrm(x)n  1,0 

where  m(x)  represents  the  linear  dependency  of  the  element  mass  on  the  design  variable 
x.  Differentiation  of  (108)  with  respect  to  x  gives 


I)g  -qg  Dj  -DKm 

The  derivation  of  the  term  DjgVf  has  been  published  by  RUDISILL  and  BHATIA  / 5/ .  These 
so-called  flutter  velocity  derivatives  have  been  successfully  used  in  the  optimization 
procedure  FASTOP  /6/.  The  terms  i  g  and  2xm  are  of  simple  typ. 

*r 


OPTIMIZATION  PROCEDURES 


In  the  last  years  various  optimization  procedures  have  been  established  for  solving 
the  non-linear  programming  problem,  equation  (1).  The  solution  of  these  problems  is 
usually  attempted  by  two  different  iterative  approaches.  On  the  one  hand  procedures 
have  been  developed  on  the  basis  of  "optimality  criteria",  (OC)  /7,  8,  9/.  For  this 
kind  of  optimization  physical  facts  of  the  constraints  have  to  be  included.  The  mathema¬ 
tical  formula  wion  is  given  by  equation  (110). 


tv  +  1) 


pfXtM)  j  veN  txeRm  t 


m 


(110) 


where  w  is  an  appropriate  reccurence  relation.  On  the  other  hand  methods  called  "mathe¬ 
matical  programming”  (MP)  are  used  to  find  an  optimal  design  of  a  structure.  In  these  routines 
a  search  direction  vector  is  calculated  and  in  combination  with  a  step  size  value 
a  better  design  could  be  found,  equation  (111). 

XM  +  am. sM  veN;tteF;  x,sePm  <"» 


All  MP-methods  are  based  on  solving  the  local  KUHN-TUCKER  conditions.  These  methods 
are  usually  divided  in  three  categories,  transformation  methods,  primal  and  dual  methods. 
Among  optimization  experts  transformation  methods  are  known  as 

•  Barrier  functions 

•  Penalty  functions 

•  Methods  of  multipliers  (augmented  Lagrangian) 

whereas  the  primal  methods  are  divided  into  the  indirect  methods 

•  Sequential  linear  programming  (SLP) 

•  Sequential  quadratic  programming  ISQP) 
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and  direct  methods 

•  Gradient  projection  methods 

•  Generalized  reduced  gradients  (GRG) 

•  Method  of  feasible  directions  (MFD) 

The  dual  techniques  are  methods  which  try  to  solve  the  so-called  dual  problem. 

Whilst  primal  methods  treat  the  constraint  problem  the  transformation  methods  deal 
with  a  sequence  of  unconstraint  problems.  Penalty  and  barrier  function  methods  show  an 
ill-conditioned  behaviour  the  more  progress  in  optimization  we  have.  Methods  of  multi¬ 
pliers  do  not  show  those  insufficiencies. 


Seven  years  ago  MBB  has  started  optimization  with  the  known  procedure  FASTOP.  This 
routine  is  characterized  by  an  iterative  proceeding.  Stress  and  flutter  constraints 
could  be  treated  with  FASTOP.  Whilst  stresses  are  treated  by  means  of  a  fully  stressed 
ratio-procedure  flutter  constraints  would  be  handled  using  a  redesign  formula  for  satis¬ 
fying  an  optimality  criterion.  In  this  routine  it  is  attempted  to  obtain  unique  flutter 
velocity  derivatives  Sv/Sw,-1*  const,  for  the  so-called  critical  elements.  Full  des¬ 
cription  of  the  capabilities  of  FASTOP  and  test  results  are  given  for  a  calculated  simple 
wing  structure  in  / 1 0/ .  Modifications  in  FASTOP  have  been  made  for  the  handling  of  de¬ 
flection  constraints  too.  For  deflection  constraint  handling  a  deflection  gradient  method 
has  been  developed  and  calculations  of  well  known  examples  have  been  performed.  Compari¬ 
sons  of  these  calculations  were  published  in  /II/. 

Nevertheless ,  two  years  ago  MBB  has  started  the  development  of  an  own  optimization 
program  system,  called  LAGRANGE,  where  all  of  the  significant  constraints  mentioned  above 
are  treated  simultaneously.  Mainly  mathematical  programming  is  used  for  optimization.  In 
this  program  system  barrier  function  method,  augmented  Lagrangian  and  sequential  linear 
programming  is  realized  already. 


CONCLDSION 

For  structural  design  of  modern  airplanes  the  use  of  an  recent  optimization  program 
system  is  mandatory  to  fulfil  the  requirements  of  the  whole  mission  domain  of  an  air¬ 
craft.  Constraint  formulation  and  sensitivity  analysis  for  it  plays  an  important  role. 

The  use  of  modern  iterative  solution  procedures  provides  high  quality  of  the  analysis 
calcs,  computer  time  saving  effects  and  shorter  development  phases  of  an  aircraft.  In 
the  future  recent  vector  computers  will  support  optimization  in  a  quite  specially  manner. 
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MATERIALS  FOR  FIGHTER  AIRCRAFT 


by 

RJ .Sell  an 

British  Aerospace  pic 
Preston,  Lancs  PR4  1  AX,  UK 


1.  INTRODUCTION 

Of  the  many  important  decisions  to  be  made  during  the  initial  conception  and  design 
of  advanced  fighter  aircraft/  one  of  the  most  critical  is  that  made  by  the  materials 
engineer.  Together  with  the  designer/  he  will  recommend  the  type  of  material 
to  be  incorporated  in  the  aircraft's  structure.  Such  recommendations/  while 
respecting  the  criteria  of  minimum  mass  and  minimum  cost/  must  also  ensure  that 
the  structure  will  possess  a  long  life  and  be  simple  to  service  and  maintain. 

This  is  indeed  a  challenge! 

This  paper  discusses  some  of  the  new  materials  and  production  processes  that 
are  available  for  use  on  advanced  fighter  aircraft.  Comparisons  are  made  between 
the  advanced  light  alloys  that  are  now  becoming  available  (i.e.  aluminium-lithium)/ 
and  the  latest  intermediate  modulus  fibres  for  use  in  carbon  fibre  components. 

2.  NOTATION 

b  panel  width 

E  Young's  modulus 

Et  tangent  modulus  for  metal  panels.  Young's  modulus  for  CFC  panels 
fty  tensile  yield  stress 

ftu  ultimate  tensile  stress 

K  buckling  coefficient 

H  Mach  number 

P  spanwise  compressive  load  per  unit  chord 

s  spec i f i c  gravity 

t  panel  thickness 

Cv  coefficient  of  variation 

T0  ambient  temperature 

IRAK  ram  temperature 

TrEC  Recovery  temperature 

6  j,  buck  ling  stress 

^OPT  optimum  compressive  stress 

3.  OPERATING  ENVIRONMENT 

Before  any  discussion  on  the  comparison  of  the  mechanics'  properties  of  the  various 
candidate  materials  can  begin,  it  is  essential  to  define  the  operating  environment 
of  the  aircraft. 

The  most  significant  aspect  which  distinguishes  the  design  of  the  structure 
(and  also  choice  of  materials)  of  supersonic  aircraft  from  those  of  lower 
performance  aircraft,  is  the  high  temperature  environment  caused  by  kinetic  heating 
in  sustained  supersonic  flight. 

Moisture,  in  combination  with  high  temperature  also  has  a  detrimental  effect 
on  the  mechanical  properties  of  materials  -  especially  on  composite  materials. 

3.1  TEMPERATURE 

Two  temperatures  are  important  to  the  structural  designer,  and  both  are 
a  function  of  Mach  number. 


Ram  (or  stagnation)  temperature  »  Tg^n  *  T0  (1  ♦  0.2N  *)*  K 
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Recovery  temperature  =  Trec  =  To  (1  +  0.18M2)  'K 

Leading  edges  of  alt  components  experience  ram  temperature.  For  fighter 
type  aircraft  such  as  the  Tornado  and  the  experimental  aircraft  EAP, 
the  high  localised  ram  temperatures  do  not  present  any  great  problems 
as  the  leading  edges  are  made  from  metal  to  meet  rain  erosion  and 
birdstrike  requirements.  However,  ram  temperatures  are  usually  too 
high  for  current  epoxy-based  CFC. 

Problems  may  arise  with  future  aircraft  structures  of  hybrid  :„,is t ruct i on 
because  of  ther-al  stresses  which  may  be  induced  due  to  different  expansion 
coefficients  of  the  metal  leading  edge  and  (say)  a  CFt  main  wing  torsion 
box . 

Being  away  from  the  leading  edges,  the  majority  of  the  external  structure 
experiences  recovery  temperature.  As  the  major  portion  of  the  external 
skin  is  at  recovery  temperature,  this  is  the  most  important  one  to  be 
considered  by  the  ma t er ia l s /s t rue tures  engineer. 

As  stated  above,  because  temperature  reduces  the  material  mechanical 
properties  (and  hence  increases  weight),  the  materials/structural  engineer 
should  always  be  prepared  to  challenge,  if  necessary,  the  overall  aircraft 
design  assumptions. 

For  example,  assuming  the  aircraft  is  designed  to  .Vd  =  800  knots, 
and  a  design  Mach  Number  M  =  2.2.  -  see  FIGURE  1,  at  the  critical 
intersection  point  and  assuming  ISA  conditions,  the  recovery  temperature 
of  thestructure  is  1 36°  C .  However,  if  one  is  prepared  to  "cut  the 
corner"  of  the  envelope  (as  shown  in  FIGURE  1),  the  maximum  recovery 
temperature  can  be  reduced  to  120  °C.  Thus,  by  reducing  the  performance 
of  the  aircraft  by  a  negligible  amount  at  the  critical  point,  the 
design  temperature  of  the  structure  is  reduced  from  136°  C  to  120°  C 
which  in  turn  increase  the  compression  properties  of  CFC  by  1 1 X . 

3 . 2  MOISTURE 


With  current  eooxies,  the  resin-dominated  CFC  strength  properties 
(shear  and  compression)  suffer  a  reduction  with  moisture  absorption 
and  increasing  temperature.  These  reductions  in  properties  are 
discussed  more  fully  in  Section  5.  Currently,  there  is  no  product 
available  which  will  give  CFC  complete  protection  from  water  ingress, 
so  until  superior  resins  are  available  the  reduction  in  mechanical 
properties  of  epoxies  must  be  accepted. 

It  may  be  thought  that  owing  to  the  heat  generated  during  supersonic 
flight  the  moisture  absorbed  by  CFC  would  be  dissipated  by  evaporation. 
However,  as  tactical  military  aircraft  fly  for  only  about  300  hours 
per  year  (and  only  a  proportion  of  this  is  at  high  speed),  compared 
with  approximately  8500  hours  per  year  on  the  ground,  moisture 
reduction  due  to  kinetic  heating  will  not  occur  to  any  great  extent. 

The  general  design  level  on  recent  CFC  designs  in  the  U.K.  has 
assumed  a  moisture  uptake  of  IX  by  weight. 

Research  and  in-service  measurements  in  the  U.K.  and  the  U.S.A. 
show  that  trie  external  skins  of  typical  CFC  structures  using  current 
material  will  absorb  around  IX  by  weight  in  moisture  during  the 
life  of  the  aircraft.  However,  because  of  the  increasing  use  of 
CFC  in  internal  structure,  together  with  a  fuller  understanding 
of  the  mechanism  of  absorbtion,  this  convenient  assumption  is  being 
rev i ewed. 

Be  that  as  it  may,  considering  a  typical  CFC  material,  IX  moisture 
at  120°C  will  reduce  the  compressive  strength  by  30X  (but  the  tensile 
strength  by  only  5X)  when  compared  with  room  temperature,  dry 
properties. 

With  metallic  structures,  moisture  problems  are  generally  avoided 
by  close  quality  control  and  internationally  accepted  protection 
procedures . 

fletal  structures  of  aircraft  capable  of  sustained  supersonic  flight 
do  require  careful  protection  from  corrosion,  but  the  technology 
is  available,  in  particular  from  Concorde  experience.. 


4.  METALLIC  MATERIALS 


The  majority  of  the  current  generation  of  supersonic  aircraft,  including  those 
which  were  designed  for  sustained  supersonic  cruise  are  constructed  from 
conventional  copper  or  zinc  based  aluminium  alloy*  Titanium  (which  has 
excellent  high  temperature  properties),  is  used  locally  in  the  regions  of 
the  power  plant  or  at  points  of  high  load  concentration. 

This  limited  use  of  titanium  is  due  to  the  high  initial  cost  of  the  material, 
together  with  the  very  high  fabrication  and  forming  costs  when  conventional 
manufacturing  techniques  are  employed.  One  military  aircraft  however  which 
has  a  high  titanium  content  (considering  it  was  designed  in  1970)  is  the 
Panavia  Tornado,  which  has  the  wing  carry-through  box  and  the  main  pivot 
lugs  manufactured  from  th.is  material.  The  percentage  structural  material 
distribution  of  the  Tornado  (which  is  representative  of  a  modern,  supersonic 
variable  geometry,  tactical  aircraft)  is  given  in  TABLE  1,  where  it  will 
be  noted  that  17. 5X  of  the  structural  mass  is  titanium. 

future  supersonic  military  aircraft  will  have  a  completely  different  material 
distribution  to  that  of  the  Tornado,  and  will  feature  wings,  fins,  foreplane 
(or  taileron)  and  major  portions  of  the  fuselage  made  from  CFC.  TABLE  1 
also  gives  the  material  distribution  of  the  EAP  demonstrator  aircraft  currently 
under  construction  in  the  U.K.  and  scheduled  to  fly  in  1986,  together  with 
the  distribution  for  the  European  Combat  Aircraft  currently  being  developed 
by  an  international  consortium  of  AIT,  BAe,  CASA  and  MBB. 


MACH  No. 

FIG  1  RECOVERY  TEMPERATURE  BOUNDARIES 


AIRCRAFT 

MATERIAL 

TORNADO 

EAP 

EM 

ALUMINIUM 

ALLOY 

71.0 

58.8 

47.0 

STEEL 

6.4 

3.9 

3.5 

TITANIUM  ALLOY 

17.5 

10.5 

5.6 

C.F.C. 

0 

19.7 

36.8 

MISCELLANEOUS 

5.1 

7.1 

7.1 

*  INCLUDES  GLASS  REINFORCED  PLASTIC 
TABLE  1  DISTRIBUTION  OF  STRUCTURAL 

MATERIAL 


4.1  ALUMINIUM  ALLOY 

Table  1  shows  that  aluminium  alloy  has  a  very  important  part  to  play 
in  the  structure  of  advanced  military  aircraft,  though  it  is  certain 
that  ar.>  new  aircraft  will  use  different  types  of  aluminium  alloy  to 
those  currently  used  in  the  structure.  These  new  alloys  are  the  aluminium 
lithium  type,  as  well  as  the  developed  zinc  based  7150  alloy  and  the 
powder  metallurgy  7090  and  7091  type  alloys. 


4.1.1  CONVENTIONAL  ALUMINIUM  ALLOY 

The  majority  of  the  world's  fighter  aircraft  are  currently  constructed 
from  a  combination  of  widely  known  and  understood  copper-based 
aluminium  alloys  2014  and  2024,  together  with  the  zinc  based 
7010  and  7075  alloys.  It  is  considered  that  the  use  of  copper- 
based  alloys  on  future  fighter  type  aircraft  will  be  minimal. 

However,  development  of  zinc  based  alloys  will  continue,  and 
the  recent  introduction  of  7150  by  ALCOA,  which  offers  high 
strength  and  increased  toughness  c ompa red  with  7010,  should  ensure 
that  it  is  used  on  future  aircraft,  especially  if  >,he  high  strength 
a l umi n i urn- l i t h i urn  alloy  (Al-Li  type  B)  continues  to  have  development 
problems. 

A  further  improvement  in  the  properties  of  aluminium  alloys 
can  be  obtained  by  using  the  powder  metallurgy  process.  TKis 
relatively  new  process  gives  the  material  a  much  finer  grain 
structure  which  enhances  its  fatigue  performance  as  well  as 
increasing  the  basic  mechanical  properties.  The  ALCOA  Company 
in  the  USA  are  currently  working  on  developments  of  the  7090 
type  aluminium  alloy  which  have  an  ultimate  tensile  strength 


i 
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of  the  order  of  620  N/mm2,  and  may  within  the  next  decade  be 
increased  to  800  N/mm2  .  TABLE  2  compares  the  basic  mechanical 
properties  cf  the  powder  metallurgy  alloys  with  both  aluminium- 
zinc  and  aluminium-lithium  alloys  (see  also  para.  4.1.2). 

4.1.2  ALUMINIUM-LITHIUM  ALLOY 

Although  it  is  considered  to  be  a  new  alloy,  the  aircraft  industry 
has  already  had  manufacturing  and  service  experience,  albeit 
not  entirely  satisfactory  with  a  l  umi ni urn- l  i t hi  urn  alloy.  In 
the  1950*  s  and  1960's  the  BAe  TSR  2  and  the  North  American  Vigilante 
used  X2020  aluminium-lithium  alloy,  despiteits  extremely  short 
critical  crack  length.  In  addition  it  is  known  that  the  Russian 
TU  144  supersonic  transport  used  a  type  of  aluminium-lithium 
alloy,  as  well  as  some  of  the  latest  Soviet  fighters. 

Why  is  there  this  renewed  interest  in  a l umi n i urn- 1  i t hi  urn  alloys, 
and  are  they  so  superior  to  the  currently  used  copper  ar d  zinc 
based  alloys? 

A  cursory  glance  at  the  mechanical  properties  show  that  they 
are  very  similar  to  those  of  2014  and  7010  material.  The  most 
important  difference  between  the  current  conventional  alloys 
and  aluminium- lithium  is  its  reduced  density,  being  approximately 
90%  of  the  former  material.  This  then  is  the  material's  great 
attraction,  since  it  is  generally  possible  to  achieve  a  lower 
mass  by  using  a  material  with  a  smaller  density  rather  than 
one  with  higher  ultimate  strengths. 

An  additional  attraction  of  alumi ni urn- 1 i t hi  urn  is  that  the  Young's 
Modulus  "E"  has  also  increased  by  approximately  10X  when,  again, 
compared  with  conventional  alloys.  This  will  also  reduce  mass, 
especially  for  structures  designed  by  panel  buckling  or  instability. 

If  then  this  is  such  an  attractive  material  why  is  it  not  being 
used  in  current  airframes?  Unfortunately,  there  have  been  manufact¬ 
uring  development  problems  (still  not  completely  resolved)  with 
the  new  a  l  umi n i urn- 1 i t h i urn  alloys. 

The  U.K.  approach  in  developing  a l umi n i urn- l i t h i urn  alloy  has 
been  to  identify  three  targets;  being  the  replacement  of  low, 
medium  and  high  strength  aluminium  alloy.  The  major  work  has 
been  carried  out  by  British  Alcan  International  Limited,  using 
a  chemical  composition  initially  developed  by  the  Royal  Aircraft 
Establishment  at  Farnborough  -  the  new  alloys  having  an  increased 
lithium  content  of  the  order  of  2  to  3X  compared  with  IX  of 
the  old  X2020  material.  In  addition  to  the  United  Kingdom, 

Alcoa  in  the  United  States  and  in  Fnnce  are  also  actively 
developing  the  alloy.  The  medium  strength  alloy  known  as  Al-Li 
type  'A'  is  almost  at  the  production  stage,  the  evaluation  process 
to  assess  formality,  fabrication  and  determination  of  material 
allowables  is  complete,  and  early  development  material  has 
been  used  in  the  construction  of  the  trailing  edge  flaps  of 
the  EAR. 

The  high  strength  alloy  (Al-Li  type  'B')  is  still  in  the  development 
stage,  with  production  material  planned  to  be  available  later 
in  1986.  It  is  envisaged  that  this  material  will  be  used  for 
the  major  fuselage  wing  ca r r y- t hr ough  frames  on  the  European 
Fighter  Aircraft  (EFA). 

For  the  purpose  of  comparison  with  other  materials,  the  reduction 
in  mechanical  properties  of  a l um i n i urn- l i t h i urn  at  temperature 
will  be  assumed  to  be  the  same  as  2014  for  type  'A',  and  7075 
for  typ  'B'.  These  reduction  factors  are  given  in  FIGURE  2. 

The  mechanical  properties  of  a l um i n i um- l i t h i um  are  given  in 
TABLE  2. 

4.2  MAGNESIUM  ALLOY 

Because  of  their  lack  of  resistance  to  corrosion,  magnesium  alloys 
will  continue  to  be  used  only  in  areas  which  are  readily  accessible 
for  inspection.  To  improve  their  performance  however,  efforts  are 
being  made  by  the  manufacturers  to  improve  their  corrosion  resistance, 
together  with  means  of  improving  the  protection  by  insulating  coatings. 
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ALUMINIUM  -  2  INC  ALLOY 

7075 

(CONVENTIONAL  MANUFACTURING 

PROCESS) 

7010 

7150 

ALUMINIUM  ALLOY 

7090 

(POWDER  METALLURGY  MATERIAL  'XI 

MANUFACTURING  PROCESS) 

ALUMINIUM-LITHIUM  ALLOY 

TYPE' A' 
TYPE'S' 

N/mm  * 

(MPa) 

SPECIFIC 

SPECIFIC 

STRENGTH 

MODULUS 

179 

25,710 

183 

25,710 

216 

25,710 

221 

25,710 

285 

25,710 

178 

30,950 

206 

30,950 

The  magnesium  alloys,  notably  A357,  and  the  newer  KOI  material  are  normally  used 
for  complex  castings  such  as  canopy  surrounds,  windscreen  arches  etc.  The  major 
attraction  of  magnesium  castings  are  the  relatively  low  cost  (when  compared  with 
a  fabricated  alternative  design)  and  Its  low  mass.  The  density  nf  magnesium  alloy 
is  approximately  6  7  X  of  aluminium . _  _ 

_ N/_  m*  (MPa ) _ N/nm  *  (MPa) 

ULTIMATE  SPECIFIC  SPECIFIC  SPECIFIC 

STRESS  MODULUS  GRAVITY  STRENGTH  MODULUS 


72,000 

72,000 

72.000 


2,000 

2,000 


78,000 

78,000 


TABLE  2  COMPARISON  OF  BASIC  PROPERTIES  OF  ALUMINIUM  ALLOYS  AT  ROOM  TEMPERATURE 
4.3  TITANIUM 

No  new  titanium  material  specifications  are  envisaged  during  the  next  decade, 
but  because  of  new  manufacturing  processes  currently  being  deve loped, the  use 
of  titanium  on  the  next  generation  of  supersonic  aircraft  may  increase.  One 
cannot  of  course  be  certain  of  this  statement,  as  the  use  of  titanium  is  also 
dependent  upon  the  overall  configuration  of  the  aircraft  and  the  structural 
loading  index  £. 

b 

TABLE  3  gives  a  comparison  of  the  wing  loading  index  of  three  aircraft 
developed  (in  conjunction  with  our  European  Partners)  at  the  Warton  Division 
of  British  Aerospace.  The  importance  of  this  parameter  is  illustrated  later 
in  the  paper  (see  Section  6.2). 

The  Tornado  has  a  high  loading  index  compared  with  the  later  EAP  and  EFA, 
this  high  loading  being  due  to  overall  aircraft  configuration;  Tornado  having 
a  small  highly  loaded  wing  c a r ry- t h rough  box  whereas  the  EAP  and  EFA  have 
low  aspect  ratio  wings. 

The  Tornado  c a r r y- t h rough  box  is  titanium,  the  lower  skin  of  the  box  being 
electron-beam  welded  to  the  ribs  and  shear  webs. 

The  new  manufacturing  processes  mentioned  above  are  Superplastic  Forming  (SPF) 
and  Diffusion  Bonding  (DB). 

The  Superplastic  Forming  process  involves  the  application  of  oas  pressure 
at  approximately  900°  C  to  form  sheet  into  a  tool  die  representative  of  the 
component  shape  to  be  manufactured.  The  process  is  a  controlled  operation 
where  the  material  is  subjected  to  a  pre s sure- t i me  cycle,  carefully  selected 
to  produce  the  correct  strain  rate  variation  throughout  the  forming  operation. 

Diffusion  bonding  can  take  place  at  the  same  level  of  temperature  when 
pressures  are  high  enough  to  produce  continuous  and  homogeneous  bonds  between 
the  sheets  of  material  being  joined  together. 

Positioning  'stop-off'  compound  strategically  between  the  sheets  enables  the 
diffusion  bonded  areas  to  be  differentiated  from  those  areas  which  are  to 
be  blown  apart  during  subsequent  superplastic  forming  operations. 
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The  majority  of  the  work  at  British  Aerospace  has  concentrated  on  the 
6A1  4V  Titanium  alloy,  this  material  being  in  the  annealed  condition, 
thus  allowing  complex  thin  sheet  structures  to  be  produced  by  the  process 
without  any  subsequent  heat  treatment  being  requited. 

Employment  of  the  SPF/DB  process  to  titanium  in  aircraft  designs  leads 
to  large  cost  and  weight  savings  being  achieved.  The  cost  saving  proves 
to  be  very  substantial  as  a  result  of  the  minimised  labour  involvement 
during  the  fabrication  process. 

Savings  up  to  505!  of  the  cost  of  conventional  manufacture  have  been 
demonstrated  in  design  studies  carried  out  to  date. 

Weight  savings  are  not  .is  great  although  they  can  be  quite  significant, 
especially  when  full  advantage  can  be  taken  of  the  high  specific  strength 
of  titanium,  and  where  tie  conventional  alternative  designs  would  involve 
a  large  number  of  mechani-al  attachments,  with  their  associated  structural 
weight  penalties  especially  from  bearing  requirements. 

Design  and  development  programmes  to  demonstrate  the  potential  advantages 
of  the  SPF/DB  process  are  currently  being  carried  out  at  British  Aerospace. 

These  programmes  (which  are  partially  funded  by  the  U.K.  Ministry  of 
Defence)  deal  with  manufacturing  development,  basic  technology  (including 
design  allowables)  and  structural  demonstrators. 

Results  obtained  from  the  basic  technology  programme  indicate  that 
the  mechanical  properties  (including  fatigue  performance)  of  SPF/DB 
titanium  are  only  marginally  reduced  when  compared  with  the  "as-received" 
material.  The  extent  of  the  reduction  being  dependent  upon  the  method 
of  manufacture  -  i.e.  hot  open  die  or  the  muffle  box  process. 

One  of  the  structural  demonstrators  included  in  the  U.K.  MoD  programme 
which  is  of  direct  relevance  to  future  military  aircraft  is  a  full 
scale  foreplane  initially  designed  for  the  BAe  P.110  project.  This 
component  is  currently  being  manufactured  and  will  be  statically  tested 
during  1986.  FIGURE  3  shows  the  details  of  the  construction  while 
TABLE  4  gives  the  cost  saving  and  also  the  weight  penalty  when  compa-ed 
with  a  CFC  foreplane  (and  of  course  its  titanium  spigot  ).  Despite 
the  slight  weight  penalty,  a  SPF/DB  titanium  fc,  rep  lane  offers  a  competitive 
solution  for  the  future  canard  configurations,  because  of  the  large 
saving  in  cost. 


MATERIAL 

RELATIVE 
COST  * 

MASS  OF  FOREPLANE 
LINCLUDING  SPIGOT) 

SPf /DC 
TITANIUM 
ALLOY 

0.70 

77  Kg 

C.F.C. 

1.00 

68.5  Kg 

P1 1 0  FOREPLANE 


FIG  3 


•RELATIVE  COST  BASED  ON  PRODUCTION  RUN 
OF  300  AIRCRAFT 

TABLE  A  P110  FOREPLANE  COMPARISON  OF  HASS 

AND  COST 


4.4  STEEL 

Steel  has  a  negligible  loss  in  mechanical  properties  at  120°  C  and 

consequently  has  been  used  for  some  supersonic  aircraft.  For  example, 

the  Bristol  188  research  aircraft  and  also  the  North  American  B70 

had  predominantly  steel  airframes.  One  other  aircraft  which  must  be 

mentioned  is  the  General  Dynamics  Fill  which  has  a  steel  carry-through 

box.  However,  because  of  the  high  density,  together  with  the  cost 

of  fabrication,  it  is  most  unlikely  that  steel  will  feature  predominantly 

in  the  structure  of  the  next  generation  of  supersonic  aircraft,  but 

will  of  course,  be  continued  to  be  used  at  points  of  high  load  concentration. 

The  mechanical  properties  of  currently  used  steel  material  are  given 

in  TABLE  6. 


4.5  METAL  MATRIX  COMPOSITES 

Metal  matrix  composites  may  be  divided  into  four  main  types  categorised  by 
the  metal  form  of  re-inforcement  employed:- 

Whisker  -  0,2  ft  m  diameter 

Particulate  -  1,0 fi  m  to  100  JU  m  plus  diameter 

Short  fibre  -  10 yU  m  to  60  ja  m  diameter 

Long  continuous  fibre  -  60 yU  m  diameter 

The  nature  of  the  re-inforcing  materials  is  usually  ceramic,  examples  being 
Silicon  Carbide  (SiC)  Alumina  ( AljOj) ,  Boron  Carbide  (B4C). 

For  Aerospace  applications,  each  of  these  types  of  metal  matrix  composites 
is  being  considered  in  conjunction  with  aluminium  alloys.  Only  the  long 
continuous  fibre  is  currently  being  considered  for  titanium  alloys. 

The  main  benefits  of  re- inforcing  alloys  is  to  improve  specific  strength 
and  stiffness. 

The  manufacturing  method  employed  to  make  materials  greatly  affects  the  final, 
usable  form.  For  example,  whiskers  and  particulates  usually  employ  casting 
or  powder  technologies  which  lead  to  semi-finished  or  finished  articles 
(castings,  forgings,  sheet,  extrusions  etc).  Short  and  long  fibres  usually 
lead  to  materials  having  a  laminate  arrangement  of  the  re-inforcing  materials, 
e.g.  diffusion  bonded  sheet  laminates  and  laminate  casting. 

Evaluations  to  date  have  been  concerned  with  materials  of  each  type  obtained 
mainly  from  the  USA.  Research  quantities  of  some  types  of  metal  matrix 
composites  are  becoming  available  in  theU.K.,and  these  too  are  being  assessed. 

The  evaluations  have  resulted  in  attention  being  paid  towards:- 

(a)  ll.K.  material  development  and  evaluation  of  particulate  re-inforced 
aluminium  alloys,  adopting  the  powder  technology  route  of  manufacture. 

One  example  is:- 

SiC  flake-like  particles  in  2014  alloy. 

Such  materials  are  currently  being  assessed  by  BAe  and  tew,  lower  density 
variants,  are  being  considered. 

(b)  Evaluation  of  continuous  fibre  re-inforced  titanium  when  fabricated 
within  a  diffusion  bonded  structure.  Thus:- 

SiC  continuous  fibre  in  Ti/6A1/4V  alloy. 

TABLE  5  provides  a  comparison  of  typical  mechanical  properties  for  these 
materials  and  base  alloys. 

The  effect  of  adding  SiC  particulates  to  6061  alL.ninium  alloy  is  shown 
in  FIGURE  4,  where  it  can  be  seen  that  the  ultimate  tensile  stress  can 
be  increased  from  310  N/mm8  to  490  M/mm  8  and  the  modulus  from  72000 
N/mm  8  to  110000  N/mm8  by  the  addition  of  30X  SiC  particulates  (by  volume). 
Unfortunately,  the  elongation  also  reduces  from  approximately  12X  for 
the  basic  material  to  4X  when  the  particulates  are  added. 

The  main  advantages  associated  with  metal  matrix  composites  are  increased 
strength,  stiffness  and,  in  some  cases,  improved  fatigue  properties  and 
reduced  density.  The  main  disadvantages  are  low  ductility,  sometimes 
pronounced  anisotropy  and  high  material  and  manufacturing  costs. 

Despite  this  disadvantage  of  reduced  elongation,  metal  matrix  composites 
are  an  exciting  development,  and  if  it  were  possible  to  add  SiC 
particulates  to  Aluminium-Lithium  Type  B  alloy  (see  para.  4.1.2)  then 
this  would  really  be  a  material  for  use  in  the  year  2000!! 

A  comparison  is  made  in  TABLE  5  between  the  re-inforced  titanium  and 
2010  aluminium  alloys  and  the  basic  unreinforced  material. 


TABLE  5  COMPARISON  OF  THE  PROPERTIES  OF  METAL  MATRIX 


ROOM  TEMPERATURE 


CARBON  FIBRE  COMPOSITES 


Carbon  fibre  composite  (CFC)  is  probably  the  most  important  new  material 
to  be  introduced  into  the  aircraft  structure  in  the  last  two  or  three  decades. 

Not  only  does  CFRC  possess  excellent  specific  strength  and  modulus,  but  it 
offers  an  unusual  opportunity  to  design  the  structure  and  the  material  simultane¬ 
ously.  The  structural  and  materials  engineer  now  have  the  ability  to  meet 
the  ever  growing  demands  made  by  the  ae rodyna m i c i s t  in  designing  advanced 
military  aircraft. 

But  what  are  the  truths  about  carbon  fibre?  Is  it  as  good  a  material  as  the 
popular  press  would  have  us  believe?  Is  it  a  new  wonder  material  which  is 
stronger  than  steel  and  lighter  than  aluminium?  Uell,  as  with  the  majority 
of  things  in  life,  this  statement  is  "partly  true  and  partly  false”. 

Firstly,  a  "new  material"?  Carbon  fibre  was  developed  at  the  Royal  Aircraft 
Establishment  at  Farnborough  and  announced  mid  1966;  that  is  20  years  ago, 
so  it  can  no  longer  be  described  as  a  new  material.  Secondly,  is  it  stronger 
than  steel?  If  a  comparison  of  the  basic  properties  is  made  between  the  currently 
available  X  AS  carbon  fibre  manufactured  by  Courtaulds  in  the  U.K.,  and  metallic 
materials  used  in  the  aircraft  structure,  it  can  be  seen  from  TABLE  6  and 
£  l  so  in  diagrammatic  form  in  FIGURE  5  that  carbon  fibre  is  indeed  much  stronger 
then  steel  and  lighter  than  aluminium.  Un f t rt una t e l y ,  owing  to  the  various 
environmental  and  design  constraints  tne  extremely  high  strength  and  stiffness 
values  of  carbon  fibre  reduce  considerably  when  manufactured  into  a  practical 
aircraft  structure.  As  discussed  ot  previous  symposia,  (Refs  1  and  2),  reduction 
factors  are  necessary  to  establish  the  design  allowable  strengths  rd  moduli. 
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FIG  5  COMPARISON  OF  BASIC  PROPERTIES  OF  CURRENTLY  USES  MATERIALS  AT 
ROOM  TEMPERATURE 


5.1  REDUCTION  FACTORS 

The  reduction  factors  briefly  described  below  are  given  for  the  XAS 
fibre/914  resin  material  supplied  in  the  form  of  un i -d i r e c t i ona  l  tape. 
Uri-directional  tape  being  preferred  to  woven  cloth  (see  also  para. 

5.4)  for  major  structural  Class  1  components  because  of  its  superior 
strength  properties,  being  more  adaptable  to  automatic  lay-up  and 
also  allowing  the  engineer  to  design  a  more  efficient  l ami nat e, te . g . 
a  50X  *  0°  ,  30X  x  ±  45°  and  20X  x  90°  laminate  would  be  impossible 

to  produce  using  woven  cloth). 

5.1.1  PRE-IMPREGNATION 

The  strength  of  the  carbon-fibre  when  embodied  in  a  matrix 
of  resin  to  foim  pre-i mpregnated  un i -d i r e c t i ona l  tape  reduces 
the  tensile  strength  to  approximately  60X  of  its  original 
value. 

5.1.2  LAY-UP 

As  most  structures  must  resist  several  cases  of  combined  loading, 
mul t i -or i ent a t i on  lay-ups  are  necessary.  The  usual  choice 
is  to  have  lay-ups  with  fibres  aligned  at  0°,  90°  and  i  45° 
relative  to  some  datum  direction,  but  variations  may  be  required 
for  particular  applications  such  as  aerodynamic  tailoring. 

A  typical  laminate  of  SOX  x  0°,  401  x  145.  and  10X  x  90°,  will 
have  a  strength  of  approximately  59X  of  its  uni -directional 
equ 1 v a  lent . 

5.1.2  ENVIRONMENTAL  DEGRADATION 

Current  CFC  materials  absorb  moisture  during  their  service 
lives,  typically  tn  an  average  value  of  about  IX  by  weight 
in  aircraft  applications.  This  moisture,  together  with  the 
effect  of  high  temperature,  will  reduce  the  mechanical  properties. 
For  example,  when  wet  at  120°C  the  resin-dependent  shear  and 
compression  properties  can  fall  by  about  30X  relative  to  room 
temperature/low  moisture  conditions.  In  addition,  repeated 
excursions  to  such  high  temperatures  reduce  the  resistance 
of  epoxies  to  moisture  absorption. 

5.1.3  VARIABILITY 

The  coefficient  of  variation  (Cv)  of  strength  of  CFC  components 
is  higher  than  equivalent  metal  assemblies.  Analysis  of  tests 
of  CFC  specimens  has  shown  that  typical  mean  test  values  should 
be  reduced  by  approximately  20X  to  obtain  minimum  design  values. 
CFC  moduli  variation  also  currently  exceeds  that  for  metal, 
but  not  to  such  a  marked  extent.  Greater  use  of  automated 
tape-laying  machines  will  reduce  the  variability,  and  the 
latest  test  results  show  that  the  Cv  tor  CFC  is  approaching 
that  obtained  from  metal  assemblies. 


raw] 


Until  recently  it  had  been  the  practice  in  the  U.K.  to  establish 
the  design  allowables  based  on  the  'A'  level  of  confidence 
(as  defined  in  ref.  3),  this  decision  has  now  been  modified 
to  accept  a  ’ B '  level  of  confidence  for  all  structural  assemblies 
apart  from  very  localised  single  load  paths. 


The  definition  of  'A'  and  'B1  values 
'A'  Value 


defined  as  follows:- 


At  least  993!  of  the  population  of  values  is  expected  to  equal 
or  exceed  the  'A'  basis  mechanical  property  allowable,  with 
a  confidence  of  95X. 

• B '  Value 

At  least  903!  of  the  population  of  values  is  expected  to  equal 
or  exceed  the  'B1  basis  mechanical  property  allowable,  with 
a  confidence  of  95X. 

The  effect  of  using  the  'B1  rather  than  'A'  values  is  summarised 
in  TABLE  7. 


CONDITION 


120°C/1X  MOISTURE 


TENSION 


MATERIAL  XAS/914  LAY-UP  6tUxO°,  30Z  x  ±  45°,10%x90 
TABLE  7  COMPARISON  OF  'A1  AND  'B'  DESIGN  VALUES 


5.1.6  NOTCH  SENSITIVITY 

Owing  to  the  elastic  behaviour  to  failure  of  fibre-dominated 
CFC  properties,  the  stress  concentrations  due  to  notches  are 
not  relieved  by  plasticity  as  they  are  with  metal  construction. 
FIGURE  6  shows  the  s t re s s -s t ra i n  curve  of  a  typical  CFC  laminate 
compared  with  the  curve  for  a  currently  used  copper-based 
aluminium  alloy  L65  (2014). 

Because  of  this  lack  of  plasticity,  stress  concentrations 
cannot  be  ignored  in  the  static  design  of  CFC,  and  the  strength 
can  be  reduced  by  up  to  673!  -  the  actual  value  being  dependent 
upon  the  lay-up  as  well  as  the  severity  of  th  notch. 


j  FAILING  STRAIN 

CFC/  \ 

/ _ AL.  ALLOY _ ^V| 

0  01  02  03  04  05  06  ~ 


AL.  ALLOY 


001  002  003  004  005  006  007  008  009 
STRAIN 


SPECIFIC  STRENGTH  xlCTCN/mm2 
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5.2  YOUNG'S  MODULUS 

The  moduli  also  suffers  from  the  various  reduction  effects 
described  above.  The  reduction  factors  to  be  applied  to  moduli 
are  however  smaller  than  the  strength  reduction  factors  and 
are  summarised  in  FIGURE  7. 


M  Ul  Ul 


AND  MODULUS  -  XAS/914  MATERIAL 


5.3  C.F.C.  ALLOWABLE  STRESSES  AND  MODULI 


The  cumulative  effects  of  the  reduction  factors  described 
in  5.1  on  the  strength  and  modulus  of  CFC  are  shown  in  FIGURE 
7.  It  will  be  noted  that  the  strength  of  carbon  fibre  as 
originally  manufactured  is  3550  N/mm 2  ,  but  the  allowable 
stress  used  for  design  after  all  of  the  various  reduction 
factors  have  been  considered  reduces  to  465  N/mm2 
in  tension,  and  290  N/mm2  in  compression. 

The  tensile  modulus  of  CFC  is  also  reduced  from  235000  N/mm2 
for  pure  carbon  fibre  to  an  allowable  design  modulus  value 
of  77400  N/mm2. 

5.4  WOVEN  CLOTH 

CFC,  and  also  glass  and  Kevlar  can  be  obtained  in  woven  cloth 
form  rather  than  as  uni -directional  tape  described  above.  Various 
forms  of  cloth  having  different  weave  patterns  are  available 
for  use,  the  most  popular  type  being  the  'Plain  Weave'  -  this 
cloth  having  approximately  equal  strengths  in  both  the  weft 
and  warp  direction. 

Laminates  made  from  cloth  suffer  a  reduction  in  strength  of 
approximately  1  5X  when  compared  with  laminates  manufactured 
from  uni-directional  tape,  this  reduction  in  strength  being 
due  to  the  kinked  warp  fibre  passing  over  or  under  the  weft. 

Despite  this  reduction  in  strength,  cloth  has  many  attractions 
compared  with  UD  tape,  the  most  important  being  the  ability 
to  'drape  over'  complex  double  curvature  surfaces,  and  is 
normally  used  for  the  manufacture  of  secondary  components 
such  as  fairings  etc. 

Cloth  is  usually  supplied  to  the  aircraft  manufacturer  pre¬ 
impregnated  with  resin,  and  suffers  similar  types  of  reductions 
in  strength  due  to  variability,  environmental  degradation, 
etc.  as  described  in  section  5.1. 
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5.5  IMPROVEMENTS  IN  CFC  MATERIALS 


Of  most  interest  to  the  materials  engineer  is  the  improvement  in  properties 
which  can  be  expected  for  the  next  generation  of  fighter  aircraft. 

5.5.1  1GH  STRAIN  FIBRE 

The  failing  strain  of  fibre  currently  used  on  military  aircraft 
is  of  the  order  of  1.5%.  The  ultimate  tensile  modulus  is  230000 
N/mm 2  .  Rapid  improvements  by  the  fibre  manufacturers  have  been 
made  recently,  with  predicted  failure  strains  of  tho  order  of 
2%  and  the  tensile  failure  stresses  increased  to  approximately 
5500  N/mm2.  Unfortunately,  the  tensile  modulus  has  not  been 
increased,  and  remains  at  approximately  230,000  N/mm;:. 

5.5.2  HIGH  MODULUS  FIBRE 

High  modulus  fibres  are  currently  available  having  tensile  moduli 
varying  between  345,000  N/mm  2  and  450,000  N/mm2.  These  fibres 
however  suffer  in  having  low  failure  strains  of  0.76%  and  0.48%. 
Because  of  these  low  failing  strains,  the  high  modulus  fibre 
will  probably  not  find  widescale  use  on  future  fighter  aircraft. 

5.5.3  INTERMEDIATE  MODULUS  FIBRE  (I.M.  FIBRE) 

Recent  developments  in  the  U.S.A.,  Japan,  and  the  IJ.K.  have  shown 
that  the  modulus  of  elasticity  of  carbon  fibre  can  be  increased 
without  any  serious  reduction  in  the  overall  failing  strain  of 
the  fibre. 

Typ'tal  properties  for  intermediate  -  modulus  fibre 
Failing  strain  si. 7 

Tensile  failing  stress  =  5000  N/mm 2 

2 

Modulus  of  elasticity  =  290000  N/sm 

As  Large  regions  of  modern  low  aspect  ratio  delta  wings  are  designed 

by  a  combination  of  stiffness  and  panel  buckling,  (both  being 

dependent  upon  Young's  Modulus)  the  intermediate  modulus  fibres 
will  be  used  on  the  next  generation  of  aircraft. 

One  disadvantage  of  the  I.M.  fibre  is  its  relatively  small  diameter 
when  compared  with  the  older  fibres  (Diameter  of  I.M.  fibre  is 
approximately  4.5  x  10“^m  compared  with  7.2  x  10_^m  for  XAS  fibre). 

As  a  consequence  of  this  reduction  in  the  diameter,  the  notched 

compression  strength  of  I.M.  fibres  has  been  disappointing,  being 
only  slightly  better  than  the  old  XAS  fibre.  ObviousLy  the  manufact¬ 
urer  who  can  produce  a  f'bre  with  a  diameter  of  7  x  10"6n  together 
with  the  properties  listed  above  will  have  a  winner!! 


5.6  RESINS 

At  the  Warton  Division  of  British  Aerospace  the  resin  used  on  CFC  Jaguar 
wing  and  Tornado  tails." or.  demonstrator  projects  and  also  (in  conjunction 
with  AERITALIA  in  TURIN)  on  the  EAP  demonstrator  is  BSL  914  -  an  epoxy 
resin  manufactured  by  Ciba-Geigy  IUK)  Limited.  This  is  an  excellent 
material  to  use  in  manufacture,  but  does  (in  common  with  all  epoxies) 
have  reduced  mechanical  properties  when  subjected  to  a  combination  of 
moisture  and  high  temperatures  (of  the  order  of  120°C.)  Thus  if 
improvements  are  to  be  made  in  future  aircraft  structures,  an  alternative 
resin  to  the  current  available  epoxies  must  be  made  available. 

At  least  five  different  types  of  resin  systems  are  being  developed  for 
use  on  the  next  generation  of  fighter  aircraft. 

.  Toughened  Epoxy  Systems 

.  Bismaleimide  Systems 

.  Epox y-8 i sma l e i m 1 de  Systems 

.  Polyimide  Systems 

.  Thermoplastics 
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5.6.1  TOUGHENED  EPOXY 

For  the  past  three  years  the  resin  manufacturers  have  been  working 
towards  producing  a  tougher  epoxy  system  which  will  give  a  better 
balance  between  the  hot  wet  notched  compression  and  compression 
after  impact  properties.  This  has  been  achieved  by  modifications 
to  the  epoxy  system,  by  changes  to  the  chemical  formulates  and 
by  the  addition  of  toughening  agents.  A  typical  example  of  this 
type  of  resin  system  is  the  Ciba  Ceigy  6376.  The  operating  temperature 
for  the  resin  is  still  approximately  120°C,  but  test  results 
have  shown  increases  in  laminate  performance  when  combined  with 
the  intermediate  modulus  fibres  in  a  fully  or  90X  saturated 
condi tion. 

5.6.2  BISHALEIHI DE  (Bfll) 

The  bismaleimide  systems  offer  higher  operating  temperatures 
(of  the  order  of  220°C)  than  epoxy  resin  but  suffer  the  disadvantage 
of  being  more  bri  tt le and  more  difficult  to  process.  Several 
current  aircraft  use  bismaleimide  resins  including  the  AV8  B 
in  areas  subject  to  high  temperatures  in  the  region  of  the  engine 
nozzles. 

5.6.3  EPOXY-BI SHALE  IHIDE 

As  the  name  implies,  this  is  an  epoxy  based  system  with  the  additon 
of  bismaleimide.  Operating  temperatures  and  overall  laminate 
performance  is  very  similar  to  the  toughened  epoxy  resin.  NARHCO 
5245  is  a  typical  example  of  this  type  of  resin  system. 

5.6.4  POLYIHIPES 

These  resins  are  cured  by  a  condensation  reaction  system  and  offer 
higher  operating  temperatures  of  the  order  of  275°  C.  Currently, 
these  resins  are  more  expensive  than  the  modified  epoxies  and 
are  more  difficult  to  process,  requiring  higher  cure  temperatures 
and  pressures.  Past  processing  is  required  to  achieve  full,  cross- 
linking  and  glass  transition  texperaturt.  These  systems  ttnd  ( 

to  be  more  brittle  than  either  the  epoxy  or  BHI  resins. 

Despite  this  somewhat  dismal  picture,  polyimide  resins  have  been 
used  on  demonstrator  aircraft  in  the  USA. 

5.6.5  THERHOPLASTICS 

Recently  developed  thermoplastic  systems  offer  a  high  Tg  (>140°C)  good 
impact  performance,  adequate  moisture  resistance  and  most  importantly 
compatibility  with  high  strain  fibres.  Against  these  design  advantages 
problems  have  been  encountered  during  the  manufacture  of  laminates. 

The  lack  of  tack  in  particular  causes  handling  problems,  and  processing 
conditions  of  380 °C  demand  press-type  forming  operations.  However, 
re-processing  due  to  the  thermoplasticity  is  possible  together  with 
re-cy c l ab i l i t y  of  scrap  for  injection  mouldings.  A  typical  thermoplastic 
currently  under  development  in  the  U.K.  is  PEEK  (Polyether-Ether-Ether-Ketone) 
manufactured  by  ICI,  and  it  is  hoped  that  components  made  with  PEEK 
will  fly  on  the  EAP  later  this  year. 

6.  C0HPARIS0N  OF  HATERIALS 

The  basic  mechanical  properties  of  metallic  and  non-met a l l i c  materials,  together 
with  their  buckling  characteristics  and  fatigue  strength  will  all  be  compared 
at  a  temperature  of  120°C  and,  in  the  case  of  CFC,  at  the  design  moisture 
level  of  IX  by  weight. 

6.1  TENSION  AND  C0HPRESSI0N  PROPERTIES 

Using  the  temperature  reduction  factors  for  aluminium  and  titanium  given 
in  Fig.  2  and,  in  the  case  of  CFC,  with  the  combined  reduction  factors 
described  in  Section  5.1,  a  comparison  of  current  materials  can  be  made. 

The  comparison  of  the  specific  strength  and  modulus  properties  is  given 
in  FIGURE  8  where  it  will  be  observed  that  CFC  is  still  the  most  efficient 
material. 


FIG  8  COMPARISON  OF  COMMON  AIRFRAME  MATERIALS 


6.2  BUCKLING 

Thickness/chord  ratios  of  4X  and  less  are  proposed  for  the  next  generation  of 
high  performance  aircraft.  For  wings  of  such  small  depth  and  consequently  high 
compression  loading  skin  buckling  is  a  major  design  constraint.  It  is  therefore 
desirable  to  compare  the  buckling  efficiencies  of  the  alternative  materials. 

Considering  the  simple  example  of  a  long  panel  in  uni-axial  compression. 

Referring  to  FIGURE  9  the  panel  buckling  simple  stress  Iscj'b  «  KE^(t)* 

E 

The  direct  compressive  stress  is  P .  If  the  panel  just  buckles  under  the  applied 
stress  t 

O-OPT  =  CT  b  *  E  and  therefore 
t 

OPT  =  (X  ET )  V,  (g)  J/j 
S  b 

FIGURE  9  shows  the  buckling  merit  index  O"0PT  for 

CFC  in  comparison  with  metallic  materials  by  considering  long  panels, 
representing  a  multi-spar  design,  with  simply  supported  edges,  giving  K  =  J.62 
for  metal  panels.  There  is  an  upper  cut  off  for  each  material  at  the  compressive 
one  percent  proof  stress  for  metallic  materials,  and  the  notched,  degraded 
design  ultimate  compression  for  CFC.  Al;o  plotted  on  FIGURE  9  are  the  wing 
loading  indices  for  the  Tornado,  Jaguar  and  EAP. 
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o  COMPRESSIVE  LOADING  INDEX  E  (N/mm*) 
FIG  9  - * - — 


6.3  FATIGUE 

Metallic  materials  for  aircraft  use  are  notch  sensitive  in  fatigue,  but  almost 
not:h  Insensitive  under  static  loading.  In  contrast,  CFC  is  very  notch  sensitive 
under  static  loading  and  relatively  notch  in-sensitive  in  fatigue.  Consequent  l  y, 
fa»igue  may  not  be  a  problem  for  CFC  structures  designed  to  static  ultimate. 

Considering  a  representative  combat  aircraft  spectrum  and  a  service  life  of 
4C/00  hourr,  the  allowable  ultimate  stresses  for  wing  lower  tension  skins, 
assuming  good  detail  design  are  given  for  both  aluminium  alloy  and  titanium 
in  TAFLE  C. 


These  values  are  below  the  respective  static  allowable  stresses.  Aluminium 
or  titanium  compression  skins  are  not  fatigue  critical.  Considering 
typical  CFC  notched/  degraded  lay-ups/  designed  to  ultimate  static  loads/ 
shows  that  fatigue  will  not  be  critical  for  either1  tension  or  compression. 

The  information  on  the  fatigue  characteristics  of  CFC  has  been  obtained 
from  two  United  Kingdom  Ministry  of  Defence  programmes  CFADD  (fatigue 
and  Damage  Tolerance  Design  Data)  and  VALID  (Variability  and  Life  Data)} 
performed  oy  the  Warton  Division  of  British  Aerospace.  See  also  ref  A. 
FIGURE  10  compares  the  fatigue  performance  of  CFC  (XAS/91A)  with  aluminium 
a l loy . 


FIG.  10  FATIGUE  PERFORMANCE  OF  CFC 
COMPARED  WITH  LIGHT  ALLOY 


MATERIAL 

ALLOWABLE 

FATIGUE 

STRESS 

N/ij»! 

SPECIFIC 

GRAVITY 

SPECIFIC  | 

FATIGUE 

STRESS 

N/mm* 

CFC  XAS/91A 
(50. AO. 10) 

A06 

1.61 

252 

STEEL 

1125 

7.833 

1  A3 

ALUMINIUM  ALLOY 
(201 A ) 

3A0 

2.796 

121 

TITANIUM  ALLOY 
(6AL . A V) 

7A0 

4.512 

1 6  A 

TABLE  p  COMPARISON  OF  FATIGUE  DESIGN  STRESSES 


6. A  ALLOWABLE  DESIGN  SPECIFIC  STRENGTHS 

It  was  shown  in  section  6.3  that  the  allowable  design  tension  stresses 
for  metallic  materials  have  to  be  reduced  in  order  to  achieve  the  required 
fatigue  life.  Figure  11  shows  the  final  design  specific  tension  and 
compression  stresses  for  current  airframe  materials. 

6.5.1  MODULUS  -  Figure  8 

CFC  has  the  highest  specific  modulus  of  all  the  materials  under 
consideration.  Steel/  titanium  and  aluminium  alloy  having  achieved 
appro* imately  60X  of  CFC. 

6.5.2  TENSION  -  Figure  11 

CFC  has  the  highest  specific  tension  strength  and  is  not  affected 
by  fatigue  consideration.  The  metallic  materials  are  all  critical 
in  fatigue. 

6.5.3  COMPRESSION  -  FIGURE  11 

Despite  the  reduction  factors  (section  5.1)  applied  to  the 
compression  strength,  CFC  has  still  the  highest  specific  strength. 
Titanium  however  is  only  marginally  inferior  to  the  older  XAS  fibre 


6.5.4  BUCKLING  -  FIGURE  9 


At  the  lower  values  of  the  loading  index,  CFC  is  marginally  more 
efficient  than  aluminium-lithium  and  conventional  aluminium  alloy. 
At  the  higher  values  of  the  loading  index,  titanium  is  dearly 
the  most  efficient  material. 


FIG  11  ULTIMATE  DESIGN  SPECIFIC  STRENGTH  FOR  COMBAT 
AIRCRAFT  STRUCTURAL  NATFRIAI.S 


COMPARISON  OF  FUTURE  MATERIALS 

It  is  an  almost  impossible  task  to  predict  which  materials  will  be  used  on  future 
fighter  aircraft  designed,  say,  in  the  late  199Q's  and  the  year  2000.  As  was 
shown  in  TABLE  3  and  FIGURE  9,  the  aircraft’s  overall  configuration  determines 
the  structural  loading  index;  the  design  Mach  Number  determines  the  recovery 
temperature.  Thus,  unfortunately,  we  are  in  the  hands  of  the  ae rody nan i c i s t s 
and  configuration  engineers  before  we  can,  with  confidence,  determine  the  material 
usage  on  future  aircraft. 

However,  despite  having  to  rely  on  the  ae rody nam i c  i  s t ,  the  future  appears  to 
be  an  exciting  one  for  the  materials  engineers.  The  competition  now  developing 
between  the  carbon  manufacturers  and  the  suppliers  of  metallic  materials  augurs 
well  for  reducing  structural  mass  on  newer  aircraft. 

TABLE  9  and  FIGURE  1 2  show  the  materials  that  may  be  available  in  the  mid 
1990's,  compared  with  the  latest  materials  which  are  available  today.  Obviously 
any  such  look  ahead  requires  an  extrapolation  of  the  strength  properties  of 
existing  materials.  On  the  basis  of  this  extrapolation,  CFC  witl  apparently 
continue  to  have  the  highest  specific  strength  and  stiffness.  However,  should 
future  fighters  have  a  higher  design  Mach  number  than  they  now  have  (giving  a 
recovery  temperature  of  (say)  150/160°  C),  then  reinforced  titanium  alloy  may 
become  the  more  attractive  material. 


-  TENSION 

-  COMPRESSION 


FIGURE  12  COMPARISON  OF  FUTURE  MATERIALS 
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N/  mm2 

N/mm  2 

MATERIAL 

ftu 

fty 

E 

SPECIFIC 

GRAVITY 

SPECIFIC 

TENSION 

STRESS 

SPECIFIC 

COMPRESSION 

STRESS 

SPECIFIC 

MODULUS 

ALUMINIUM-LITHIUM 

TYPE 

1  B 

440 

380 

72000 

2.52 

174 

151 

28600 

ALUMINIUM-LITHIUM 
PLUS  PARTICULATE 

•B* 

5> 

610 

530 

118000 

2.61 

234 

203 

45210 

ALUMINIUM  ALLOY  7150 

510 

48C 

66600 

2.80 

182 

171 

23790 

ALUMINIUM  ALLOY  7150 
PLUS  PARTICULATE  b 

710 

660 

110000 

2.90 

245 

228 

37900 

TITANIUM  ALLOY  1M1 

550 

1050 

920 

105000 

4.51 

232 

204 

23280 

TITANIUM  ALLOY  1M1  550 
PLUS  CONTINUOUS  FIBRE  |> 

1030 

900 

182000 

4.05 

254 

222 

44940 

CFC  XAS/914 

406 

312 

7900C? 

1.61 

252 

193 

49000 

CFC  IMF/6375-5245 

> 

490 

370 

91000' 

1.60 

306 

231 

56800 

FUTURE  CFC  MATERIAL  £ 

570 

430 

10500(f 

1.55 

368 

277 

67700 

TABLE  9  POSSIBLE 

FUTURE  MATE! 

HALS 

COMPARED  WITH 

CURRENTLY 

AVAILABLE 

MATERIALS 

TEMPERATURE  120°C. 


t>  PROJECTED  ALLOWABLES 
TYPICAL  LAMINATES 
!>  TENSION  MODULUS 


CONCLUSION 

8.1  Aluminium-Lithium  and  the  advanced  a  l  umi  n  i  um-z i n c  alloys  will  displace  the 
currently  used  a l um i r> i um-z i nc  and  -  copper  alloys  within  the  next  feu  years. 

8.2  Metal  Matrix  Composites  (especially  with  the  addition  of  particulates)  are 
exciting  materials  for  the  future. 

8.3  CFC  will  be  used  in  ever  increasing  quantities  on  the  aircraft's  structure. 

8. A  Intermediate  Modulus  Fibres  and  improved  Resins  will  be  introduced  on  the 
next  generation  of  fighter  aircraft. 

8.5  The  "Leap-frogging"  type  of  competition  now  developing  between  the  suppliers 
of  carbon  fibre  and  the  manufacturers  of  metallic  materials  will  ensure 
that  better  and  more  efficient  materials  are  available  in  the  future.  Such 
competition  should  be  encouraged. 
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The  computer  is  not  going  to  replace  the  windtunnel?  the  role  of  computers  is  a 
complementary  one  to  save  time  and  costs  and  to  improve  the  quality  of  the 
final  product. 

11.6  References 
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Attachment 


11.1 


Introduction 


During  the  design  Phase  I  and  II  according  to  L.  M.  Nicolai  /I/,  the  simulation 
of  the  complete  3D  complex  flowfield  around  the  A/C  configuration  is  absolutely  neces¬ 
sary.  In  principle  two  ways  exist  for  this  important  analysis: 

-  the  Experiment  in  Wind  Tunnels  using  models  of  reduced  size 

-  the  Computation  solving  Potential,  Euler  or  Navier-Stokes  Equations  using 
high  speed  computers  with  large  storage  devices. 

Fig.  1  shows  typical  results  obtained  by  experiment  and  calculation  using  the 
same  fighter  model.  Both  approaches  have  their  merits  and  both  suffer  from  a  number  of 
handicaps  (Pig.  2).  It  is  the  purpose  of  the  present  lecture  to  point  out  the  special 
benefit  and  the  shortcomings  of  both  most  important  tools  for  the  engineering  work. 


Fig.  1  Results  from  Experiment  (MBB-Watertunnel,  left)  and  Computational  Fluid 
Dynamics  (MBB-EUFLEX  /2 1 / ) 


EXPERIMENTAL  APPROACH 

NUMERICAL  APPROACH 

'W1NDTUNNEL' 

•SUPERCOMPUTER' 

-  scaled  geometry 

-  model  flexibility  limited 

-  not  always  defined 

-  Re-number  too  low 

-  long  term  (time  consuming) 

-  cost  increasing 

•  accuracy  of  measuring  technioue  known 
?  sometimes  hidden 

?  Questionable  (experimental  'skill") 

♦  real  flow  (flow  quality?) 


real  geometry 

no  limits  for  variation  of  Parameters 

known  boundary  conditions 

real  Re-number 

short  response 

cost  decreasing  with  time 

errors  not  known 

systematical  eriors  leouatlon) 

good  reproducablllty  /objectivity 

flow  representation  by  model  approximation 

computer  speed  and  memory  limited 


Fig.  2 


Compilation  of  advantages  (  +  )  and  disadvantages  (-)  of  experimental  and 
numerical  Flow  Field  Simulation 
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Prom  time  to  time  it  is  tried  to  determine  the  point  of  progress  in  the  field 
of  computational  fluid  dynamics  by  critically  analyzing  computed  results  through  com¬ 
parison  with  experimental  results.  Due  to  the  development  of  more  and  more  powerful 
computers  one  truly  can  get  the  impression  of  huge  steps  in  progress  in  the  field  of 
computational  theory,  whereas  experimental  test  facilities  experience  a  slow  but  more 
steadily  extension.  However,  in  the  near  future  experimental  research  will  do  also  a 
substantial  step  forward  by  applying  cryogenic  technology. 

Though  progress  during  the  past  20  years  in  numerical  flow  simulation  around 
aircraft  can  clearly  be  recognized,  comparisons  of  theory  with  experiment  always  favor¬ 
ed  experimental  results  /2/,  /3/,  /4/.  Tests  done  with  identical  models  in  different 
wind  tunnels  at  seemingly  "identical"  test  conditions  however  show  some  irregularities 
of  measured  data.  As  an  example  the  projects  of  GAkTEUR  Action  Group  01  and  02  are  re¬ 
ferenced  /5/,  /6/.  In  one  case  seven  physical  models  from  one  section  definition  were 
built  and  measured  in  seven  wind  tunnels  at  transonic  speed,  (pressure  distribution). 

In  the  second  case  an  identical  3D  wing  model  was  investigated  in  four  different  faci¬ 
lities.  A  third  example,  a  test  on  a  2D-airfoil  in  three  wind  tunnels  at  overlapping 
Reynoldnumbers  (between  0.3  to  40  millions)  will  be  referenced  later  in  much  more  de¬ 
tail  /7/,  /8/ . 

11.2  General  Trends  in  Time/Speed  and  Cost  in  Experiment  and  Computation ' 

As  previously  mentioned  data  of  A/C  development  demonstrate  a  clear  trend.  Fig. 
3  shows  the  growing  number  of  necessary  wind  tunnel  hours  for  aircraft  development  dur¬ 
ing  the  past.  Considering  the  relationship  between  hours  and  cost  you  can  extrapolate, 
that  the  next  generation  of  aircraft  will  require  10  years  permanent  measuring  time  at 
costs  of  100  million  $. 
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Fig.  3  The  use  of  Wind  Tunnels  for  A/C  Development  /2/ 


On  the  other  hand  we  must  accept  that  cost  for  computing  time  (CPU)  are  reduced 
by  one  order  of  magnitude  in  one  decade  (Fig.  4).  This  can  be  explained  by  the  develop¬ 
ment  of  larger  and  faster  processors  with  smaller  size  (Large  Scale  Integration),  by 
new  computer  architecture  (sequential-,  parallel-,  vector-processing),  but  also  by  the 
development  of  new  "fast  solving"  algorithms  (e.g.  Multigrid). 


Fig.  4  Computing  Costs  due  to  Progress  in  Development  of  Computers  and  Numerical 
Methods  /3/ 


This  unavoidably  leads  to  the  provocative  question  how  long  it  will  take  until 
consequences  of  both  trends  will  be  realized  and  supercomputers  will  substitute  the 
wind  tunnel  facilities.  To  start  this  discussion  we  have  to  provide  arguments  in  order 
to  describe  the  performance  of  both  approximations  to  real  flow  in  critical  regions. 

First  of  all  we  have  to  agree  that  an  experiment  in  a  wind  tunnel  is  also  only 
a  emulation  of  real  existing  flow.  The  discrepancy  between  required  and  available 
region  for  experimental  flow  field  simulation  is  well  known  (Fig.  5)  Unfortunately 
difficulties  due  to  the  necessity  of  an  extrapolation  to  real  Re-number  are  often 
understated,,  (e.g.  there  is  no  guarantee  that  a  carefully  optimized  flap-system  from 
wind  tunnel  tests  will  result  also  in  an  optimum  for  full  scale  application). 
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Fig.  5  Required  and  available  region  for  simulation  of  Re-  and  Mach- 
Number  in  existing  Wind-Tunnels  for  A/C  development 


On  the  computational  side  the  availability  of  computer  codes  depends,  as  Fig.  6 
demonstrates,  on  the  hardware  in  terms  of  storage  and  computer  speed.  For  engineering 
applications  the  acceptable  job  return  time  must  be  less  then  one  hour.  For  research 
and  test  cases  during  code  development  job  return  should  be  guaranteed  over  night.  But 
even  if  larger  and  faster  computer  hardware  will  be  provided  in  the  near  future,  the 
development  of  software  will  require  a  certain  timelag  for  code  validation. 
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Pig.  6  Availability  of  numerical  solutions  related  to  computer  storage  and  speed 
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11-3  State  of  the  Art  in  Numerical  Aerodynamics 
11.3.1  Model  for  numerical  simulation 

The  simulation  of  "Real  Flow"  has  to  take  into  account  viscous  effects.  This 
can  be  done  by  definition  of  a  (inner)  region  where  viscous  effects  play  a  dominating 
role,  the  "Boundary  Layer",  and  the  (outer)  flow  region  where  viscous  effects  may  be 
neglected  (=  Potential  Flow).  If  there  is  a  strong  coupling  between  both  regions*,  as  in 
the  case  of  viscous  flow  separation,  this  Potential  Flow/Boundary  Layer-Model  fails  and 
the  full  Navier-Stokes  equations  have  to  be  applied  (Fig.  7). 
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strong  Interaction  between 
Invlsctd  3iid  viscous  flow 

Navier-Stokes  equations 
(el  I  ip.,  tine  dep.  parabolic) 

(laninar,  turbulent) 


Fig.  7  Model  for  numerical  simulation  of  viscous  "Real"  flow  /9/. 

In  fact  the  development  of  computer  codes  has  followed  t.-is  outline  starting  in 
the  early  60ties  and  haa  reached  the  highest  level  for  inviscid  flows,  the  solution  of 
the  Euler-equations,  in  1980,  see  Fig.  8 


193k  |  HAVIER-STOKES  EQUATIONS 


Fig.  8  Availability  of  3D  Computer  Codes  for  engineering  practical  applications. 


11.3.2  Applications,  typical  results 


For  each  class  of  flow  representation  a  typical  application  will  be  shown  and 
nu'iiurical  results  in  comparison  with  test  data  will  be  presented. 


Representation  of  Flow 
Euler  |F,  +  Gy  +  H,  -  0 
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I 


Fig.  9  Governing  equations  for  numerical  steady,  inviscid,  isoenergetic  flow 
simulation 

Fig.  9  shows  schematically  the  main  classes  for  inviscid  flow  representation 
starting  from  the  Laplace-equation  (LPE)  to  the  Full  Potential  Flow  (FPE)  and  the 
highest  level  of  Euler-equations.  From  the  view  of  engineering,  practical  application 
is  still  limited,  and  the  highest-  level  of  geometric  complexity  is  shown.  So  Panel 
methods  solving  LPE  are  applied  for  complex  wing  body  combinations  without  restric¬ 
tions,  but  they  are  only  valid  for  attached  flow  and  pure  subsonic  or  supersonic  speed. 
The  FPE  may  be  used  for  transonic  flow,  but  there  are  still  restrictions  in  geometric 
complexity.  Simple  wing-body  configurations  may  be  handled  today.  The  application  of  3D 
Euler-codes  in  industry  is  restricted  at  present  time  mainly  due  to  storage-require¬ 
ments  to  isolated  wings  but  they  work  satisfactorily  for  all  speeds,  applications  for 
more  complex  geometries  have  been  already  published  by  research  institutes.  Fig.  10  re¬ 
presents  results  obtained  for  a  supersonic  cruise  airplane.  Predicted  pressure  distri¬ 
butions  and  overall  coefficients  for  lift,  drag  and  pitching  moment  are  in  good  agree¬ 
ment  with  experiment. 


Supersonic  Cruise  Airplane 


Supersonic  Cruise  Airplane 

l  er— rr-  - ■ - m  »  '» 


A  more  sophisticated  presentation  of  numerical  results  is  given  by  Fig.  11 
where  isobarpatterns  are  shown  on  a  recent  combat  A/C. 
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Fig.  11  Forebody-Canard-Intake  representation  of  recent  combat  A/C,  results 
obtained  by  Panel  Method  "HISSS"/10/ 

The  second  set  of  examples  will  refer  to  3D  Euler-solutions.  In  contrast  to 
Potential  flow  this  class  of  results  covers  (inviscid)  flow  separation  at  the  leading 
edge  (LE)  of  highly  swept  wings  of  low  aspect  ratio  (AR).  Fig.  12  shows  such  typical 
data  obtained  recently  /II/  by  applying  the  so-called  Marching  Technique  in  space.  One 
can  see  clearly  the  LE-Vortex  at  two  stations  in  spanwise  direction. 
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Fig.  12  3D  Euler  Space  Marching  Procedure  applied  to  a  Deltawing  with  sharp 
Leading  Edge  at  Ma  -  2.0  and  oi  ■  io  ,  /II/. 

A  more  specific  investigation  of  the  flow  field  angularity  at  the  forebody  of  a 
fighter  A/C  is  performed  to  optimize  the  position  and  shape  of  the  intake  at  supersonic 
3peed  according  to  Pig.  13.  For  these  results,  viscous  flow  correction  has  been  applied 
to  get  the  correct  distance  of  the  boundary-layer-diverter  from  the  A/C  body  and  to 
produce  streamline  patterns. 
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Pig.  13  Intake-Optimization  during  project  development  using  Euler-Space-Marching 
Solution  with  viscous  Boundary-Layer  corrections  /II/ 


The  comparison  of  (Full)  Potential  Flow-  and  Euler-Solutions  is  a  useful  exer¬ 
cise  which  has  to  demonstrate  agreement  where  attached  flow  exists  and  no  strong  shocks 
appear.  Fig.  14  shows  such  a  comparison. 
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Fig.  14  Comparison  of  Full  Potential-Flow  and  Euler  Solution  /II/ 

Another  important  area  of  flow  field  simulation  is  the  A/C  afterbody  which  con¬ 
tributes  up  to  50  %  of  total  drag  to  the  configuration.  Pig.  15  shows  schematically  the 
complexity  of  the  flow  region  at  the  boattail  of  a  typical  fighter  A/C  configuration. 
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Fig.  15  Axiaymmetric  A/C  Boattail  including  Jet-interference 
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In  order  to  compile  the  present  state  of  the  art,  AGARD  FDP  has  formed  Working 
Group  08  to  specify  Test  Cases  for  Numerical  Flow-Field-Analysis.  Fig.  16  compiles 
typical  results  obtained  for  different  classes  of  solutions. 


TC  No. 
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Fig.  16  AGARD  FDP  WG  08,  Test  Cases  for  Numerical  Flow  Calculation  /12/ 

At  least  for  the  last  set  of  test  cases  one  can  see  that  the  flow  is  dominated 
by  large  regions  of  separated  flow  and  the  flow  around  the  afterbody  is  characterized 
by  thick  Boundary  Layer  which  interacts  strongly  with  the  separated  flow  regions.  This 
leads  us  to  examples  for  CFD  solving  the  (viscous)  Navier-Stokes-Equations .  Even  for 
this  highly  complicated  numerical  agorithms,  progress  has  been  tremendous  during  the 
past  years.  Due  to  economic  reasons  a  first  approach  was  the  formulation  of  a  zonal 
solution  according  to  Fig.  17. 
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Fig.  17  Zonal  solutions  for  viscous  flow  problems  / 1 3/ 

But  even  the  full  Navier  Stokes  Solution  ha?  been  achieved  recently  as  e.g. 
Fig.  18  shows.  But  the  enormous  amount  of  numerical  data  requires  color- 
graphics  to  finalize  the  complex  flow  characteristics. 


as. 


Pr«**ur*  distribution  *nd  forcts 


Fig.  18  Compilation  of  results  obtained  by  the  solutions  of  the  Naviei -Stokes- 
Squations,  NSFLEX  by  M.  A.  Schmatz  / 1 4/ . 

«  solves  compressible  Euler  or  Reynolds-averaged  Navier-Stokes  equations, 
respectively 

•  basis  for  zonal  Euler-,  boundary  layer-,  Navier-Stokes  method 

-  flnlte-volune  method  (2-D,  3-D) 

-  third-order  accuracy  of  upwind  flux  extrapolation  (Godunov  type) 

-  implicit  time  relaxation  of  unfactured  equations  (point  Gauss-Seidel) 

-  shock  capturing 

-  Euler  switch 

-  laminar,  turbulent  (Baldwln-Lomax  eddy  viscosity  model) 

-  fully  vectorized 

-  0.01  «  «„«  10 

Results:  wall-shear  stress,  wall-heat  flux,  wall  temperature,  skin- 

frictlon  lines,  separation,  aerodynamic  loads,  shocks.vortlces 
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11.3.3  Code  validation 

As  the  previous  chapter  has  shown,  a  huge  amount  of  numerical  data  has  been 
produceed  during  computer  code  development  and  application.  The  question  arises, 
whether  it  is  justified  to  spend  so  much  money  in  computertime.  So  in  1978  a  first  at¬ 
tempt  was  to  specify  2D  Test  Cases  and  to  invite  experts  of  all  countries  to  contribute 
their  own  results  /1 5/.  Fig.  19  demonstrates  the  variety  of  results  obtained  using  dif¬ 
ferent  codes  solving  different  equations. 


Fig.  19  Comparison  of  results  of  numerical  methods  (GAMM-Workshop)  NACA  0012/ 
M  -  0.8/  -  1.25* 


Integration  of  the  pressure-  distributions  to  aerodynamic  coefficients  for  lift 
and  drag  according  to  Fig.  20  leais  to  the  conclusion,  that  an  improved  exercise  has  to 
be  repeated.  The  computer  codes  hav.'  to  be  restricted  to  the  same  class  of  equation  and 
furthermore  detailed  flow  quantitie*  like  total  pressure,  local  velocities  and  entropy 
have  to  be  analized  throughout  the  complete  flowfield. 


Pig.  20  Comparison  of  results  of  numerical  methods  (GAMM- Workshop)  NACA  0012 
NCPOT  Non-Conservative  Pull  Potential  Plow 
PCPOT  Pully-Conservative  Pull  Potential  Plow 


Pig.  21  presents  the  scope  of  work  defined  by  AGARD  WG  07  in  1982.  only  Kuler- 
Codes  have  been  included  in  the  report. 
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Fig.  21  AGARD  WG  07:  Test  Cases  for  inviscid  flow  calculations  /16/ 


As  Fig.  22  shows,  the  results  are  still  without  acceptable  agreement  and 
differences  still  exist  for  the  pressure  distribution  on  the  airfoil  upper  side. 


Fig.  22  AGARD  WG  07,  Test  Case  07,  NLR  7301,  Ma  -  0.720957,  of »  -0.194  "  /! 6/. 
Pressure  distribution  versuB  x/c  and  z/c. 

The  results  for  integrated  coefficients  (lift,  drag,  pitching  mcment)  show  again 
significant  scattering  of  data.  But  it  seems  at  least  for  some  of  the  contributed 
results  that  "convergence"  at  certain  level  could  be  achieved  (Fig.  23). 
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Fig.  23  AGARD  WG  07,  Test  Case  07,  NLR  7301,  Ma  »  0.720957,  of-  -0.194  *  /16/. 

Integrated  coefficients  for  lift,  drag  and  pitching  moment. 

For  2D-Flow  calculations  a  simple  moderate  swep^  wing  was  specified  as  a  test 
cuae  (GHSKA  H6 ) .  4  different  computer  codes  could  be  identified  to  provide  solutions 
like  Fig.  24  shows. 
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Fig.  24  AGARD  WG  07,  Test  Case  II,  ONERA  M6,  Ma  -  0.84,  3.06* 

Pressure  Distribution  (Cp)  at  spanwise  sections 


Surprisingly  the  agreement  is  much  better  than  for  2D  test  cases,  (with  excep¬ 
tion  of  the  region  where  the  shock  occurs) .  Also  in  the  tip  region  differences  exist 
due  to  different  representation  of  the  tip  geometry  in  the  computer  codes  and 
consequently  also  due  to  flow  separation  around  the  tip  (Fig.  25). 

As  a  result  of  the  different  treatment  of  the  tip  region  local  aerodynamic  load 
coefficients  for  lift,  drag  and  pitching  moment  obtained  by  different  codes  disagree 
significantly 


INFLUENCE  OF  MESH-GRID  REFINEMENT  ON  SPANWISE  LOAD-DISTRIBUTION 


Fig.  25  AGARD  WG  07,  test  case  11,  ONERA,  Ha  -  0.84,  <*■  3.06* 

Geometry  for  tip  discretization  on  flow  around  side  edge 

Local  load  coefficients  for  lift,  drag  and  pitching  moment  in  spanwise 

direction. 


To  demonstrate  the  capabilities  of  Euier-Solutions  and  to  predict  also  Leading- 
Edge-Flow-Separation,  an  additional  configuration  was  defined:  the  so-called  "Vortex 
Plow  Experiment*  according  to  Pig.  26.  For  this  geometry  2  wind  tunnel  models  have  been 
built  and  tented  throughout  the  whole  speed  range  up  to  Ha  ■  4. 


Geometry  of  "Vortex  Flow  Experiment"  model 
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Fig.  27  Vortex  flow  Experiment,  compilation  of  numerical  results 

As  could  have  been  expected  from  previous  results,  the  comparison  of  numerical 
data  according  to  Fig.  27  shows  again  severe  deviations  from  experiment  as  well  as  from 
each  other. 

Going  to  the  highest  level  of  numerical  flow  field  simulation  also  Navier-Sto- 
kes  solutions  obtained  recently  do  not  agree  satisfactorily  with  experimental  data,  see 
Fig.  28 


Fig.  28  Navier-Stokes-Solution  for  Vortex-Flow-Experiment-Wing,  comparison  with 
experimental  data  at  Ma  -  0.85,  of-  10*,  Re  »  9.106  using  277400  mesh 
grid  points  /M/,  /18/. 
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In  conclusion  to  the  compilation  of  data  for  code  validation  the  question  has 
to  be  answered  to  which  extent  the  various  disagreements  have  to  be  assigned  to  possib¬ 
le  sources  of  errors  in  numerical  flow  field  simulation.  According  to  Pig.  29  at  least 
4  levels  of  explanations  may  occur  in  a  computation.  The  most  important  class  is  the 
error  of  discretization.  Usually  different  analytic  modeling  and  different  mesh  grid 
3ize  arid  type  have  been  used  in  different  computer  codes.  So  further  detailed  studies 
have  to  be  undertaken  until  the  best  numerical  finite  solution  of  a  certain  class  of 
equations  has  been  identified.  But  it  will  be  demonstrated  in  the  next  chapter,  also 
experimental  results  suffer  from  unexplained  disagreements  which  have  to  be  investigat¬ 
ed. 


DESCRIPTION  uf  Flow 
by  Equations 
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Fig.  29  Classification  of  sources  of  errors  in  numerical  methods. 


11.4  Results  from  Wind  Tunnel/Critical  Review 
11.4.1  Effects  of  Reynoldsnumber 

With  few  exceptions  Wind  Tunnel  Testing  has  to  be  done  using  models  having  re¬ 
duced  geometric  size.  Because  of  viscous  effects  the  influence  of  Reynoldsnumber  must 
be  considered.  The  most  important  effects  can  be  studied  at  high  angle  of  attack  look¬ 
ing  at  CL  (max)  and  at  high  (transonic)  speed  where  shocks  occur.  Fig.  30  shows  a 
typical  result  for  the  systematic  variation  of  the  parameters  Angle  of  Attack  and  Mach- 
nuraber  for  the  pressure  distribution  measured  on  the  upper  side  of  a  2D  Airfoil-Sec¬ 
tion. 


Pig.  30  Effect  of  Angle  of  Attack  and  Machnuaber  on  Transonic  Shock  Location. 


( 
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It  can  be  seen  quite  clearly  that  a  design  condition  exists  where  the  shock 
disappears  and  transonic  drag  rise  could  be  avoided.  But  obviously  if  there  exists  a 
strong  sensitivity  to  Reynoldsnumber  this  "Design  Point"  ist  not  easy  to  achieve  becau¬ 
se  of  the  different  test  conditions  in  Wind  Tunnel  and  Free  Flight.  This  "Sensitivity 
Studies"  have  been  undertaken  in  the  past  many  times  and  Fig.  31  also  shows  again 
representative  data.  Two  observations  have  to  be  reported: 

-  there  is  a  significant  disagreement  of  experimental  data  obtained  in  diffe¬ 
rent  Wind  Tunnels  using  the  same  model 

-  Extrapolation  of  experimental  data  to  full  (free  flight)  Reynoldsnumber  is 
problematic. 
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Fig.  31  Effect  of  Reynoldsnumber  on  transonic  shock  position 

Experiments  with  at  Profile  C- 141  in  3  Wind  Tunnels  /!/ 

0.3  C  Re  ^  31.3  •  10^  (nat.  transition) 

Ma  =  0.8,  *.  =  2* 

From  these  measurements  can  also  be  stated  that  there  exists  no  general  trend 
in  shock  location  versus  Reynoldsnumber.  There  are  regions  where  the  shock  moves  for¬ 
ward  and  others  where  the  trend  is  opposite  with  rising  Re-number.  Fig.  32  shows  data 
where  the  shock  is  moving  forward  and  it  will  be  shown  later  that  computational  results 
will  predict  generally  the  opposite  trend. 
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Fig.  32  Bffect  of  Reynoldsnumber  on  transonic  shock  position  /1 7/ 


11.4.2  Effect  of  Wind  Tunnel 

But  first  of  all  the  reproducibility  has  to  be  achieved  for  Wind  Tunnel  testing 
using  different  facilities  having  in  addition  their  own  "home-made"  procedures  for 
transition  and  Wind-Tunnel-Wall-Corrections.  In  1983  GARTEUR  AG  02  /5/  reported  results 
obtained  in  7  European  Wind-Tunnels  on  7  models  of  different  size  at  the  same  Reynolds- 
number  near  the  design  condition.  Fig.  33  represents  just  one  (representative)  result 
for  pressure  distribution  and  lift  coefficient.  As  cam  be  seen  the  shock  location 
varies  within  10  %  and  consequently  the  situation  for  drag  is  even  worse. 
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Wind  Tunnels  using  the  same  model  /6/. 

The  results  shown  above  are  representative  for  a  typical  "Attached  Flow"  design 
condition  for  civil  A/C  projects.  If  we  consider  fighter  A/C  configurations  with  low 
Aspect  Ratio  wings,  having  In  addition  Leading-Edge-Vortex-Separation,  the  results  from 
different  Wind  Tunnels  compare  like  Fig.  36.  This  model  has  also  been  used  for  the  com¬ 
parison  of  theoretical  results  in  Fig.  27.  It  is  not  clear  whether  the  discrepancies  of 
experimental  data  can  be  attributed  to  different  Reynoldsnumber  or  to  different  Wind- 
Tunnel-Wall-Effects  . 


Fig.  36  Comparison  of  experimental  pressure  distributions  at  3  spanwise  sections 
obtained  at  NLR  and  DFVLR  for  the  "Vortex  Flow  Experiment"  /1 8/ 


11.4.3  The  Role  of  CFD  during  Wind  Tunnel  Testing 

If  the  situation  is  like  shown  before,  the  question  arises:  "Could  CFD  explain 
discrepancies  observed  as  effects  due  to  Reynoldsnumber  or  '  to  Wind  Tunnel  characte¬ 
ristics? 


Considering  theory  one  must  concedv  that  the  aim  of  simulation  of  viscous  flow 
is  in  sight,  but  current  known  performance  of  computer  codes  demonstrate  reasonable 
gaps  and  inconven-' ance.  First  of  all  one  hau  to  meet  arguments  that  the  application  of 
computerized  procedures  are,  if  available  at  all,  by  far  too  extensive  for  engineering 
use.  That  means  in  other  words  one  has  to  prove  that  costs  for  calculation  of  the  flow 
field  does  not  extend  to  the  order  of  expenses  for  experiments. 
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A  first  attempt  to  predict  Reynoldsnumer  effects  on  transonic  shock  location 
could  be  made  by  using  Potential  flow  or  EULER  flow  codes  which  have  to  be  corrected  by 
Boundary-Layer  calculations.  Fig.  37  shows  results  obtained  by  application  cf  a  viscous 
flow  corrected  full  potential  flow  solver  /19/. 


Fig.  37  Prediction  of  Reynoldsnumber-Ef fects  by  Full  Potential  Flow  with 
Boundary-Layer-Correction  /1 9/. 

Obviously  the  results  cannot  reproduce  the  experimental  shock  drift  of  about 
10  %  section  chord.  Even  worse,  the  predicted  shift  in  shock  position  is  correlated 
more  or  less  to  1  %  chord,  which  corresponds  exactly  to  the  mesh-grid-size  used.  So  the 
"Shock-capturing"  method  works  on  the  limit  of  geometrical  discretization! 

A  more  sophisticated  attempt  to  predict  transonic  shock  location  has  been 
undertaken  more  recently  /14/,  using  a  Navier-Stokes  solver.  Fig.  38  demonstrates  good 
agreement  with  the  experiment  at  least  for  one  Reynoldsnumber  on  a  RAE  2822  Profile  and 
it  shows  the  rearward  trend  of  shock  position  with  rising  Reynoldsnumber.  But  the  pre¬ 
diction  explains  only  about  2  -  3  %  chord  as  due  to  viscous  effects. 


-*■  Ot. 


Fig.  38  Prediction  of  Reynoldsnumber-Ef fects  by  Navier-Stokes,  solution  NSFLEX 
st  Ha  *  0.73,  o Cm  2.79*  for  RAE  2822  /14/ 

If  only  3  %  of  a  shock  drift  of  about  10  %  could  be  attributed  as  effected  by 
Reynoldsnumber,  then  the  remaining  difference  must  be  explained  by  Wind  Tunnel  effects. 
First  of  all,  the  wall  interference  effect  {"Blockage")  has  to  be  investigated.  For 
nearly  incompressible  subsonic  flow  no  wall  effect  exists  according  to  Fig.  39. 
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Fig.  39  Prediction  of  Wind  Tunnel  Wall  effects  using  ir. viscid  EULER  flow  code 
EUFLEX  /20/ 

An  inviscid  EULER  flow  code  has  been  used  to  predict  blockage  effects.  The 
situation  changes  dramatically  if  we  go  to  transonic  Machnumber  like  Fig.  40  demon¬ 
strates.  Only  a  distance  of  more  than  H/C  =  8  could  represent  free  stream  conditions. 
For  H/C  =  4  we  observe  25  %  rearward  shift  of  the  transonic  shock  position. 
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Fig.  40  Effect  of  Wind  Tunnel  Blockage  on  tran&jnic  shock  position,  prediction  by 
EULER  /20/ . 

But  not  only  pure  blockage  interferes  with  the  pressure  distribution.  If  there 
exists  any  kind  of  pressure  gradient  at  the  Wind  Tunnel  wall  in  flow  direction,  an  im¬ 
portant  effect  on  measured  data  could  be  observed  according  to  Fig.  41. 


In  addition  a  constant  pressure  level  applied  at  the  wall  could  affect  aa  well 
the  shock  location  as  Fig.  41  shows. 

Extrapolation  from  Wind  Tunnel  to  full  scale  flight  requires  answering  the 
question: 

"How  much  effect  is  related  to  Reynoldsnurber  and  to  what  degree  Wind  Tunnel 
wall  inference  plays  a  dominating  role?" 

The  answer  obviously  depends  also  on  the  "Sensitivity"  of  shock  position  to 
small  changes  in  Machnumber  and  AOA. 
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Fig.  41  Effect  of  pressure  gradient  at  Wind  Tunnel  Wall  on  transonic  shock 
location,  prediction  by  EUFLEX  /20/ 
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Fig.  42  Sensitivity  of  Shock  Location  for  "Classes  of  Airfoils" 

For  more  conventional  "Classical  NACA-Type"  sections  the  shock  always  exists  at 
transonic  Hachnumbers.  For  advanced  "Supercritical"  Airfoils  the  shock  disappears  at 
design  condition  -  but  this  class  of  airfoils  is  by  definition  extremly  sensitive  to 
any  changes  of  the  flow  conditions,  therefore  extrapolation  to  full  size  is  risky  and 
requires  validated  CFD  codes  of  the  highest  level. 
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11.4.4  The  Role  of  Wind  Tunnels  during  Configuration  Development 

Although  so  many  objections  have  been  made  in  the  previous  sections  the  role  of 
Wind  Tunnel  Experiments  during  research  and  configuration  development  remains  still 
dominating. 


Fig.  4  3  modular  Wind-Tunr.el-Model  for  Kesearch 

As  Fig.  43  shews,  a  typical  modular  model  for  nonlinear  flow  conditions  has 
been  used  to  study  leading-edge-flow-separation  and  vortex-vortex  interaction.  And  a 
more  realistic  configuration  for  a  new  fighter  A/C  (see.  Fig.  44)  shows  even  more  com¬ 
plexity.  There  is  absolutely  no  flow  code  in  sight  which  can  give  real  flow  simulation 
including  all  configurational  details.  The  present  paper  does  not  cover  engine 
integration  and  exhaust  interference  and  the  aerodynamics  of  controls,  just  to  mention 
the  most  important  missing  ones. 


Fxg.  44  Wind  Tunnel  modular  model  for  Fighter  A/C  configuration  development. 

For  fighter  A/C  the  outcome  of  "Highlights"  due  to  the  application  of  "Strakes" 
(typical  for  the  last  generation  of  flying  A/C)  could  be  summarized  as  follows: 
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Summary  of  Advantages  Due  to  Strakes 

Subsonlc/T  ransonic 

■  Increased  maximum  lift 

□  Trimmed  and  untrimmed 

■  Lower  level  of  induced  drag  at 

high  AOA 

■  Higher  useable  lift  limits 

□  Buffet  onset  and  penetration 

□  Drag  reduction 

□  Rudder  efficiency  increased 

■  Improved  dynamic  behaviour 

This  result  could  not  have  been  achieved  by  numerical  calculation  but  the 
number  of  variations  of  model  components  has  been  reduced  drastically  by  the  support  of 
CFD  to  Wind-Tunnel  work. 

The  next  chart  shows  anotlur  example  obtained  during  civil  engineering.  The 
design  of  supercritical  airfoils  has  been  achieved  only  by  numerical  computation  -  but 
the  application  for  3  D  Transport -Type  wings  has  to  be  validated  by  extremely  careful 
performed  Wind-Tunnel  work. 


Supersonic 

■  Reduction  in  wave  drag 

□  Area  ruling 

□  Wing  body  blending 

■  Reduced  trim  drag 
O  Neutral  point  shift 

\ 


Supercritical  Design:  High  Lights 

Comparison  of  the  performances  of  two  wings  of  identical  planform  (AR  =  4.5/ij  35°  X  -  0.33) 
but  with  differences  in  wing  sections  (conventional  NACA  profile  64A  (1  33)0(6.5),  super¬ 
critical  profile  MBB-A3  t/L  =  8.9%)  gave  high  lights  for  the  supercritical  design  due  to 


■  Retter  maneuver  boundary  buffet  onset  (10-20%,  sub-,  transonic) 

■  Higher  maximum  lift 

■  Drastically  improved  wing  efficiency  (gains  in  lift/drag  ratio  20-80%  for  M  £  Mdes 
and  Cl  >  0.15) 

■  Lag  of  drag  creep 

■  Good  off-design  behaviour 

The  "Off-Design"  performance  of  the  newly  developed  airfoils  has  proved  to  be 
of  even  more  importance  -  a  feature  which  has  been  really  hard  to  predict  by  CFD  up 
till  now. 


11.5  Conclusion 

The  question,  when  the  new  coming  branch  of  Numerical  Aerodynamics  will  substi¬ 
tute,  at  least  partly,  the  experiment  is  of  course  inadequate.  The  most  important  re¬ 
sult  at  this  time  is  the  fact,  that  the  computer  should  no  lk  nger  be  separated  from  ex¬ 
periment.  Typical  examples  are  the  so-called  adaptive  sting  for  evaluating  the 
trajectory  of  weapon  release  and  the  automatic  control  of  flexible  wind  tunnel  walls  to 
minimize  interference  during  tests. 

But  even  for  simpler  tasks,  like  the  measurement  of  pressures  at  transonic 
speed,  a  computerized  procedure  is  necessary  for  highly  sophisticated  corrections  cover¬ 
ing  not  only  blockage  effects  but  also  wind  tunnel  wall  imperfections. 


So  far  at  present  two  main  reasons  exist  for  considering  CFD  as  a  valuable  sup¬ 
plement  to  Wind-Tunnel-Tests: 


REDUCTION  OF  DEVELOPMENT  COST 


INCREASE  PRODUCT  QUALITY 


•  model  manufactoring 

(reduction  of  models  and  model  components) 

•  wind  tunnel  time 
(variation  of  parameters) 

•  flight  test 

(no.  of  flights,  clearance  for  store  installation) 

•  design  cycle  time 

-  automatization 

-  expert  systems  (Al) 

-  data  access  and  storage 

-  transparency  of  Information 


conservation  of  compatibility 

increase  of  design  broadness  (no.  of  configurations) 

reduction  of  design  risk 

access  to  new  flight  regimes  ("emerging  technology" ?) 

quality  assurance  (independency  of  personal  skill) 

-  transparency  of  design  procedures 

-  repiuuucaui ilty  of  design  process 

-  standardization  of  procedures 


NUMERICAL  ANALYSIS  -  SUPPLEMENT  TO  WIND-TUNNEL  TEST 

Future  investigations  will  require  "TASK-SHARING"  between  theory  and  experiment 
to  a  large  extent.  Due  to  permanently  growing  cost  for  experimental  work  this  means 

(A)  Computation  as  much  as  possible 

-  for  explanation  of  disturbance  effects 

-  to  correct  measured  data 

-  to  reduce  the  number  of  parameters  for  Wind  Tunnel  tests 

( B )  Measurement  to  minimum  extent  (as  necessary) 

-  to  reduce  costs 

-  to  evaluate  "corner  point  values"  for  project  development 

-  to  back  up  new  development  in  theory 

-  to  improve  physical  understanding  of  complex  fluid  flow. 


Engineering  work  in  industry  will  be  influenced  more  and  more  directly  and 
indirectly  by  CFD  in  the  near  future.  The  result  will  oe  an  increase  of  effectivity  or 
in  other  words  reduction  of  cost  as  Fig.  45  tries  to  simplify. 
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Fig.  45  Computer  Assisted  Development  of  A/C  Configurations 
Conclusion: 

The  computer  is  not  going  to  replace  the  windtunnel;  the  role  of  computers  is  a 
complementary  one  to  save  time,  cost  and  to  improve  the  quality  of  the  Cinal  product. 


11-25 


11.6  References 
/I/  NICOLAI  L.  M. 

Fundamentals  of  Aircraft  Design,  Domicone  Print  Services,  Ohio,  (1975) 

/2/  CHAPMAN  D.  R./MARK  H./BTRTLE  M.  W. 

Computers  vs.  windtunnels  for  aerodynamic  flow  simulations  A  +  A  pp.  22-35  (1975) 
/3/  CHAPMAN  D.  R. 

Computational  aerodynamics  development  and  outlook,  AIAA  J.  Vol.  17/12 
pp.  1293-1313  (1980) 

/4/  HEINZERLING  W. 

Bedeutung  und  Problematik  von  experimentellen  und  numerischen  Simulationen  komple- 
xer  Strdmungsvorgjinge  mit  groSer  Reynolds-Zahl  f Qr  die  Pro jektentwicklung  von  Flug- 
zeugen,  MBB/FE  120/S/PUB/33  -  (DGLR  80-028)  (1980) 

/5/  GARTEUR  AD  (AG-02) 

Two-Dimensional  Transonic  Testing  Methods,  Final  Report,  NLR  TR  83086L  -  GARTEUR/ 
TP- 11  (1981) 

/6/  REDEKER  G./mOLLER  R. 

A  Comparison  of  experimental  Results  for  the  Transonic  Flow  around  the  DFVLR-F4 
Wing  Body  Configuration,  DFVLR-IB  129-83/21-GARTEUR/TP-018  (1985) 

/!/  LO  C.  F.  CARLETON  W.  E. 

Transonic  scaling  effect  on  a  quasi,  two-dimensional  C— 141  airfoil  model, 
AEDC-TR-73-61  (1973) 

/8/  BLACKERBY  W.  T. /CAHILL  J.  F. 

High  Reynolds  number  tests  of  a  C-141A  aircraft  semispan  model  to  investigate 
shock-induced  separation,  NASA  CR-2604  (1978) 

/9/  HIRSCHEL  E.  H. 

Numerical  Aerodynamics  at  MBB,  MBB-LKE1 22-AERO-MT-726 
/10/  FORNASIER  L. 

HISSS  -  a  Higher  Order  Subsonic/Supersonic  Singularity  Method  for  calculating 
linearized  Potential  Flow,  AIAA-84-1646,  (1984) 

/II/  WE I LAND  C. 

A  Comparison  of  Potential-  and  Euler-Methods  for  the  calculation  of  3-D  Supersonic 
Flows  post  wings.  Notes  on  Numerical  Fluid  Mechanics,  Vol.  7,  Vieweg  (1983) 

/1 2/  AGARD  WG  08 

Report  on  the  Working  Group  on  Aerodynamics  of  Aircraft  Afterbody,  AGARD  AR 
No.  226  (1986) 

/1 3/  SCHMATZ  M.  A. /HIRSCHEL  E.  H. 

Zonal  Solutions  for  Airfoils  using  EULER,  Boundary-Layer  and  Navier-Stokes 
Equations,  AGARD  CP  412  (1986) 

/1 4/  SCHMATZ  H.  A. 

NSFLEX-A  Computer  rrogram  for  the  solution  of  the  compressible  Navier-Stokes 
Equations,  MBB-LKE122-AERO-MT-778  (1987) 

/1 5/  VIVIAND  H./RIZZI  A. 

Numerical  Methods  for  the  calculation  of  inviscid  transonic  flows  with  shock 
waves.  Notes  on  Numerical  Fluid  Mechanics,  Vol.  3,  VIEWEG,  (1981) 

/1 6/  AGARD  WG  07 

Test  Cases  for  inviscid  Flow  Field  Methods.  AGARD  AR  No.  211  (1985) 

/I  7/  HEINRICHS  W. 

Messungen  am  Profil  KORN  No.  1  im  transsonischen  Windkanal  der  DFVLR  in 
Braunschweig,  DVLR  IB  129-81/20  (1981) 

/1 8/  ELSENAAR  A. /ERIKSSON  G. 

International  Vortex  Flow  Experiment  on  Euler  Code  Validation,  Proceedings  Sympo¬ 
sium  1.-3.  '»ct.  1986,  FFA,  Stockholm 

/1 9/  BAVITZ  P.  C. 

An  Analysis  Method  for  two-dimensional  transonic  viscous  flow,  NASA  TN-D-7718 
(1975) 

/2G/  EBERLE  A.,  AULEHLA  F. 

Reynolds  Number  Effects  on  transonic  Shock  Location,  AGARL  CP  335(1982) 

/2 1/  EBERLE  A. 

Characteristic  Flux  Averaging  Approach  to  the  solution  of  Euler's  Equations,  VKI 
LS  1987-4,  ( 1987) 


11-26 


11.7  Attachment 

Will  the  Wind  Tunnel  replace  the  computer? 

We  all  know  of  the  importance  of  computers  in  today's  aerospace  engineering 
environment.  The  latest  advances  in  cryogenically  cooled  semi-superconductor  technology 
and  microscopic  germanium  sub-water  assembly  has  made  desktop  100  MINS  (Millions  of 
Navier-Stokes  solutions)  machines  commonplace  in  engineering  use. 

We  are  also  aware,  however,  of  the  high  cost  of  this  aging  technology.  The  most 
accurate  aerodynamic  prediction  code  available  today,  FLO-1234.5,  is  so  complex  and 
expensive  that  it  has  never  been  run.  Many  other  codes,  if  run  to  completion,  would 
require  CPU  time  exceeding  the  average  human  lifespan.  Most  engineers,  attribute  this 
situation  to  the  time  when  the  task  of  writing  aerodynamic  computer  programs  was  auto¬ 
mated  and  handed  over  to  the  computers.  We  now  have  codes  too  complex  to  be  understood 
by  any  human  being.  The  cost  of  computing  has  been  rising  exponentially  over  the  years. 
Clearly,  if  these  trends  continue  unabated  computational  solutions  will  soon  be  beyond 
anyone's  means. 

Fortunately,  there  is  an  exciting  new  technology  on  the  horizon  which  may  someday 
replace  the  computer  for  aerodynamic  design  and  analysis.  Two  workers  at  UNCAF  (United 
Nations  Computational  Aerodynamics  Facility)  have  recently  made  a  startling  discovery. 
They  found  that  by  building  a  small  wooden  model  of  an  airplane  and  then  biowing  air 
past  it  in  an  enclosed  tunnel,  reasonably  accurate  predictions  may  be  made  of  what  the 
flow  codes  would  compute.  They  refer  to  the  method  they  have  discovered  as  a  "wind  tun¬ 
nel".  At  present,  "wind  tunnel"  modeling  is  still  in  an  early  and  relatively  crude 
stage,  and  cannot  be  expected  to  precisely  reproduce  numerical  results.  For  example, 
the  continuous  surface  of  a  wood  or  metal  airplane  model  will  never  exactly  duplicate 
the  discrete  nature  of  a  computational  grid.  Also,  some  factors,  such  as  artificial 
viscosity,  are  neglected  completely  in  wind  tunnel  modeling.  It  may  be  especially  hard 
to  accurately  predict  linearized  potential  flow  in  the  tunnel.  Nevertheless,  in  many 
cases,  the  wind  tunnel  agrees  surprisingly  well  with  the  computer. 

Constructing  a  wind  tunnel  model  is  much  quicker  and  less  labor-intensive  than 
running  all  but  the  simplest  computer  programs.  Shops  such  as  Minicraft  or  Static  Engi¬ 
neering  complete  even  a  highly  detailed  titanium  model  in  a  mere  matter  of  months. 

Thus,  many  design  iterations  and  trade-off  studies  can  be  conducted  in  a  fraction  of 
the  time  required  via  the  computer.  Advances  in  wind  tunnel  technology  and  model  fabri¬ 
cation  are  expected  to  proceed  at  a  rapid  place.  Many  promising  new  techniques,  such  as 
the  chiseling  of  facets  in  Plaster-of-Paris  models  to  more-closely  resemble  computa¬ 
tional  panelings  and  grids,  are  already  being  suggested  by  researchers  around  the 
world.  The  future  prospects  of  this  amazing  new  wind  tunnel  technology  are  bounded  only 
by  the  imagination. 


But  what,  you  may  ask,  will  be  the  fate  of  the  millions  of  computational  aero- 
dynamicists  presently  employed  in  tne  aerospace  industry?  Is  the  wind  tunnel  a  threat 
to  their  job  security?  While  it  is  true  that  some  may  lose  their  jobs,  a  brand-new  de¬ 
mand  will  be  created  for  those  well-versed  in  state-of-the-art  wind  tunnel  technology. 
Engineering  graduate  schools  are  already  replacing  course  offerings  in  Finite  Volume 
Methods  and  Grid  Generation  with  curricula  in  Woodworking  and  Whittling.  Clearly,  the 
engineer  will  be  freed  fiom  the  tyranny  and  drudgery  of  computational  methods,  giving 
him  more  time  to  concentrate  on  creative  tasks.  It  is  doubtful,  however,  that  the  com¬ 
puter  will  ever  be  completely  eliminated;  the  thought  of  an  airplane  designed  solely 
from  wind  tunnel  data  without  the  aid  of  the  computer  seems  too  incredible  to  believe. 
While  the  wind  tunnel  may  never  fully  replace  the  computer,  it  is  almost  certain  to 
become  the  most  useful  engineering  tool  of  the  future. 

NASA  Ames  1984 
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SUMMARY 

In  order  to  properly  use  all  tho  available  tools,  the  aircraft  designer  has  to  be  acquainted 
with  both  their  qualities  end  shortcomings.  This  guides  the  improvement  studies  in  a  context 
characterized  by  : 

-  the  general  development  of  the  potential  of  methods  and  calculation  means,  wind  tunnels  and  relevant 
instrumentation. 

-  the  new  requirements  for  aircraft  performance  and  the  ever  growing  industrial  risks. 

Successively,  we  will  examine  the  incoming  developments  for  various  levels  of  calculation  codes,  used 
for  an  industrial  design  or  for  fundamental  researches.  In  the  same  way,  we  will  examine  the 
improvements  needed  for  wind  tunnels  and  testing  methods,  depending  on  the  character  of  the  studies  to 
be  carried  out. 

Examplea  will  allow  us  to  define  the  present  state-of-the-art  and  to  examine  improvements  under  study 
which  may  be  exploitable  in  a  not  too  distant  future. 
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1  -  INTRODUCTION  - 

The  development  of  a  new  fighter  involves  formidable  industrial  and  military  risks.  To  obtain  the  best 
possible  design,  all  the  available  tools  at  a  given  time  have  to  be  used  us  long  ss  they  prove 
profitable.  The  requirements  for  improvements  of  these  tools  are  more  demanding  than  ever  in 
aerodynamics. 

We  will  examine  successively  the  requirements  for  improved  theoretical  cedes,  using  the  new  computer 
capacities,  and  the  requirements  for  improved  experiments  in  wind-tunnels.  In  each  case,  the  need  for 
improvement  is  a  consequence  of  the  qualities  and  shortcomings  of  the  present  tools. 

2  -  THE  DEVELOPMENT  OF  AERODYNAMICAL  CODES  - 

Let  us  remember  that  some  engineers  began  their  careers  using  the  slide-rule  and  that,  now,  these  same 
oeople  have  access  to  computer  networks  including  CRAY  or  CYBER  supercomputers.  The  current  attempts  st 
Navler-Stokes  calculations,  on  schematic  configurations,  are  a  foreshadowing  of  what  will  be  operational 
in  5  or  IS  years  for  fighter  design. 

Of  course,  the  aerodynamical  codes  represent  only  a  part  of  the  codes  needed.  Aerodynamics  is  already 
strongly  linked  to  flight  mechanics  and  to  structure  calculations  (for  the  study  of  the  aeroelastlc 
hehavlour)  and  we  can  foresee  new  connections  with  other  disciplines,  for  instance,  for  the  prediction 
of  radar  signatures  or  the  fatigue  behaviour. 

From  the  strict  point  of  view  of  aerodynamics,  many  characteristics  of  a  future  aircraft  have  to  be 
predicted  :  global  performance  in  steady  flight  (subsonic,  transonic,  supersonic)  but  also  the  dynamic 
stability,  the  air-intake  performances  and,  if  possible,  the  complete  nonlinear  behaviour  which  can 
occur  in  flight.  According  to  these  various  alms  and  the  necessary  accuracy,  the  codes  may  be  very 
different  in  their  capabilities  of  handling  the  aircraft  geometry  and  the  equations  of  fluid  mechanics. 

A  fifteen  year  projection 

Let  us  begin  by  considering  liw  state  of  Computational  Fluid  Dynamics  in  7000,  I"  1182,  U.S.  experts 
published  a  study  111  of  a  fifteen  year  projection  about  the  influence  of  CFD  on  Experimental 
Aerospace  Facilities.  This  document  makes  it  clear  that  calculations  and  tunnel  testing  will  remain 
complementary,  their  roles  evolving  however  as  the  capabilities  of  the  two  technologies  develop. 

Considering  in  the  next  15  years  a  probable  improvement  of  30  in  computer  cost  effectiveness  and  of  30 
in  numerical  algorithm  efficiency,  the  study  concluded  that  the  Reynolds-averaged  Navier-Stokes 
e  jatlons  could  be  expected  to  be  largely  used  for  computing  the  flowfleld  around  a  complete  aircraft  ; 
however  uncertainties  arising  from  transition  and  turbulence  modeling  were  viewed  as  the  major 
limitations  in  the  confidence  of  the  results.  It  was  clearly  not  anticipated  that  the  problem  of 
turbulence  modeling  would  receive  fully  satisfactory  answers  before  2000,  "the  lack  of  adequate  modeling 
may  stand  in  the  way  of  a  complete  flow  field  analysis”,  since  complex  flows  have  to  be  studied 
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(separated  regions,  vortex  and  viscous  flows). 

New  Euler  codes  will  be  emerging  for  an  efficient  atudy  of  unsteady  flows  (dynamic  airloads,  flutter, 
buffet...).  More  rapid  convergence  of  the  algorithms  will  be  obtained  by  suitable  techniques  such  as 
multigrid  techniques. 

The  document  also  made  clear  that  various  problems  may  not  be  solved  if  important  steps  are  not  taken, 
concerning  for  instance  : 

-  actions  in  order  to  enhance  confidence  in  CFO  (many  correlations  with  tunnel  and  flight 
experiments. . . ) 

-  development  of  techniques  for  grid  generation  and,  more  generally,  development  of  user  orientated 
methods  in  such  a  way  as  to  adequately  address  the  engineering  problems  and  suitable  for  the  new 
computer  architectures. 

-  methods  of  quickly  recognizing  unsatisf actorv  or  potentially  dangerous  flow  characteristics  from  the 
mass  of  computed  data. 

In  addition  various  strengths  and  weaknesses  of  CFD  are  pointed  out  : 

-  to  obtain  integrated  forces  and  moments  in  an  accurate  manner  (drag,  pitching  moment)  will  remain 
difficult,  or  even  unreliable  (high  lift  conditions) 

-  to  obtain  the  off  design  characteristics  need  a  large  number  of  computations  (many  values  of  Mach 
numbers  and  angles  of  attack  to  be  checked). 

-  on  the  other  hand,  Navier-Stokes  solvers  may  enahle  a  classification  of  a  small  number  of  s^all 
patterns  and  the  development  of  simpler  and  cheaper  models.  They  will  provide  a  better  understanding  of 
the  physical  phenomena  occuring  in  the  flow 

-  interesting  possibilities  can  be  contemplated  with  the  improvement  of  flow  visualization  techniques 
from  CFD  results  and  of  “inverse"  methods  giving  the  shape  corresponding  to  a  prescribed  result. 

Today,  these  statements  remain  fundamentally  valid. 

User  viewpoint 

Reference  (2)  provides  s  number  of  important  observations  related  to  the  challenges  existing  for  the 
aerospace  industry  in  learning  how  to  exploit  the  opportunities  being  created  by  computational  research 
carried  out  worldwide. 

As  seen  in  the  figure  (1),  the  initial  algorithm  will  be  written  and  malaxated  before  pay-off  j  in 
search  of  the  best  possible  tool  at  a  given  time,  much  time  and  money  may  be  sived  with  proper 
management  of  the  various  development  phases.  A  new  breed  of  engineer  is  seen  necessary  to  develop 
correctly  the  computational  tools  with  a  view  to  applications  ;  these  CFD  professionals  stand  between 
the  professional  programmers,  the  engineering  managers  and  the  design  engineers.  In  other  respects,  a 
complete  code  development  cycle  requires  from  A  to  12  vears  before  having  enough  confidence  to  make 
decisions  based  on  a  code.  In  pratice,  P.E.  Rubbert  states  that  this  confidence  cannot  be  obtained 
without  having,  in  support  of  the  user,  all  the  specialists  (numerical  and  experimental  people)  involved 
in  the  aerodynamic  problem  to  be  computed. 

Following  Kutler  1 31,  the  software  design  goals  can  be  enumerated  :  transportable,  flexible,  usable, 
affordahle,  maintainable,  reliable,  cost  effective  development.  Miranda  [A)  tries  to  evaluate  the 
effectiveness  of  software,  depending  on  aualitv  and  acceptance  factors,  in  order  to  manage  the 
development  of  the  CFD  software  (fig. 2). 

The  overall  characteristics  and  possibilities  wanted  for  the  codes  are  various,  for  instance  i 

-  modular  structure,  not  depending  too  much  on  the  computer  architecture,  capabilities  of  connection 
with  geometric  data  base,  automated  grid  generation,  video  and  graphic  workstations,  automatic 
optimization  procesaes.  In  |f>),  the  Fortran  77  is  given  aa  the  basic  language  for  the  main  programs, 
the  need  of  visualization  in  real  time  of  intermediate  results  or  convergence  rate*  la  also  pointed  out, 
as  also  means  to  evaluate  the  efficiency  of  the  code  in  effective  industrial  use  (information  to  the 
programmer  and  operator  on  the  critical  path). 

-  user  hand-books  and  adequate  comments  inside  the  code,  example  data. 

-  possibility  of  simulating  by  the  calculation  both  flight  and  wind  tunnel  experiments  (including 
specific  effects  of  walls,  supports  and  plumes). 

-  capacity  for  computing  various  configurations,  including  schematic  configurations  for  fundamental 
validations  of  the  physical  and  numerical  aspects. 

-  Increased  capacity  to  create  visualizations  (streamline  tracing,  numerical  schlieren,  films,  3D 
visualizations. . . ). 

-  an  opening  to  other  acientific  disciplines,  using  similar  partial  differential  eouations. 

Usera  have  to  be  prepared  to  apply  the  new  techniques  which  are  continuously  being  proposed  to  them. 
Papers  [1,21  emphasize  the  gap  between  CFD  research  and  application  by  industry.  Management  has  to 
take  much  more  thia  fact  into  account  :  to  fill  this  gap,  some  resources  have  to  be  set  aside 
independently  of  a  given  proiect. 

In  parallel,  it  is  assumed  that  fundamental  studies  (numerical  and  experimental)  are  going  on  in  order 
to  provide  1)  the  modela  (turbulence,  ...)  which  give  a  good  representation  of  physical  phenomena  and  2) 
the  detailed  flow  field  data  for  the  validation  of  the  codes. 
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Present  calculations ,  some  weaknesses 

Some  years  ago,  a  realistic  lift  could  be  obtained  for  a  profile  provided  that  a  significantly  reduced 
angle  of  attack  had  been  used  in  the  calculation.  The  development  of  methods  taking  into  account  a  weak 
coupling  with  the  boundary  layer,  the  transition  prediction,  and  subsequently  the  strong  coupling 
methods  has  finally  made  it  possible  to  have  correct  results  for  the  lift  (probably  more  accurate  than 
many  present  experiments  in  21)  wind  tunnels). 

Nevertheless,  today  we  have  to  admit  that  even  in  such  an  elementary  case  as  a  2D  calculation  of  a 
profile,  the  drag  prediction  is  not  completely  reliable  t  from  the  same  code  (full  potential),  the 
calculation  of  the  dra  by  : 

-  pressure  drag  +  friction  drag 
or  -  wake  drag 

can  yield  differences  in  drag  up  to  10%  at  the  design  point.  These  differences  can  have  two  sources  : 
numerical  inaccuracies  due  to  locally  insufficient  mesh  resolution  (in  particular,  near  geometrical 
singularities),  Inadequate  turbulence  modeling.  It  remains  therefore  difficult  to  state  if  one  profile 
is  better  thsn  another. 

In  3D  lnvlscid  calculations  (e.g.  of  transport  aircraft  in  cruise  conditions),  generally,  different 
research  teams  cannot  provide  the  same  results  (problems  of  grid  generation,  convergence  criteria, 
boundary  conditions  ?) 

If  we  examine  in  detail  various  results,  we  have  to  note  some  anomalies,  such  as  mass  flow  changes  in 
calculations  of  Internal  flows,  unexpected  entropy  jumps  and  oscillations,  unexpected  dependence  on  the 
mesh  generation...  These  anomalies  present  a  challenge  for  further  Improvements  of  the  methods.  In  some 
cases,  there  are  considerable  discussions  between  experts  In  order  to  determine  whether  or  not  problems 
are  well-posed  (from  a  mathematical  point  of  view)  and  have  a  unique  solution.  Reference  (6)  details 
Important  difficulties  encountered  when  tryirg  to  obtain  a  good  mesh  generation,  a  correct  boundary 
condition  handling  snd  the  simulation  of  viscous  3D  effects. 

The  existing  turbulence  models  give  good  results  in  some  conventional  esses  but  are  unable  to  correctly 
predict  the  separation  or  the  secondary  flows  in  other  cases  (flows  along  a  corner...).  Introducing  new 
parameters  or  hypotheses  into  the  model  for  a  given  case,  it  is  generally  possible  to  Improve  some 
results  but  others  can  be  worse  (3).  The  numerical  simulation  of  turbulence  makes  it  possible  to 
check  some  models  but  the  numerical  viscosity,  intrinsic  In  any  calculation,  must  be  carefully  taken 
Into  account. 

Accurate  turbulence  modeling  is  truly  one  of  the  main  limitations  of  the  future  calculations  of  fighters 
by  the  Reynolds-averaged  Navier-Stokes  equations.  More  generally,  it  should  be  clesr  that  the  above 
weaknesses  are  temporary  and  that  CFD  in  its  present  status  is  already  a  useful  tool  in  decision  making, 
combined  with  other  complementary  techniques  like  tunnel  testing  when  it  Is  necessary. 

Many  papers  (for  instance  in  the  present  course)  present  typical  examples  of  complete  aircraft 
calculations,  now  In  s  mature  capability  phase  for  flight  conditions  not  too  much  complex  (moderate 
viscous  effects  snd  minor  separated  regions).  Therefore,  only  2  examples  of  fundamental  researches  are 
presented  briefly. 

The  first  one  Is  relating  to  2D  calculations  with  unsteady  NS  equations  (finite  volume,  implicit  method 
1 7],  laminar  regime  st  s  Reynolds  number  of  10  000).  The  fig. 3  shows  at  sero  angle  of  attack,  Mach 
number  0.R5,  a  vortex  street  behind  a  NACA  0012  profile.  Such  calculation  needs  typically  one  second  for 
a  time  step  (C  mesh  278  x  48)  using  a  CRAY  1  computer. 

The  second  example  Is  an  axlaymmctrlc  application  of  a  fundamental  research  on  unsteady  Euler  equations, 
using  s  second  order  upwind  scheme  (81  and  s  zonal  technique.  An  air  intake,  adapted  to  an  Inflow  at 
Mach  2,  is  there  computed  for  M  ■  1.8  (fig. 4).  The  internal  flow  is  suhsonlc  and  a  strong  expansion  fan 
develops  on  the  outer  side  of  the  leading  edge.  Ulth  such  a  scheme,  both  the  shocks  and  the  slip  line 
a.*  well  captured  on  few  meshes. 

Various  levels  of  codes 


According  to  the  different  development  stages  of  each  project,  several  code  levels  or  classes  can  be 
distinguished. 

First,  there  are  codes  rather  simple,  from  an  aerodynamic  viewpoint,  witnln  an  optimization  procedure 
(more  or  less  automatic)  allowing  to  clear  the  general  characteristics  of  a  future  project  in  the 
preliminary  design.  In  the  granted  calculation  time  (e.g.  10  minutes  of  the  available  computer),  these 
codes  must  provide  the  most  realistic  results  possible  for  comparisons  between  various  shapes.  Other 
requirements  Include  robustness  snd  easy  use.  The  most  critical  points,  where  It  will  be  necessary  to 
optimize  the  configuration,  will  be  made  clear.  For  the  validation  of  these  codes  -which  generally  means 
Introducing  empirical  functions  In  order  to  have  useful  results-  various  sets  of  rellsbie  experiments 
have  been  necessary  Including  calculations  and  tunnel  or  flight  results.  With  regard  to  figure  (1), 
these  codes  are  in  their  mature  capability  phase  and  the  designers  have  the  necessary  experience  to  use 
them  validly. 

For  the  critical  points,  more  ambitious  aerodynamic  computations  sre  undertaken  by  specialists  (In 
numerical  methods  and  aerodynamics,  generally  with  the  help  of  the  code  development  specialists). 

A  '  rpi  '.al  time  for  such  computations  :  •  few  hour*  of  the  available  computer.  For  aoae  flight  conditions 
the  codes  .ire  In  their  “mature  capability  phase"  according  to  (2).  Others  are  at  the  etd  of  their 
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development  phase  :  new  requirements  and  unexpected  strengths  (and  weaknesses)  *  ill  appear  yielding 
significant  improvements  in  accuracy  or  efficiency  ;  the  coupling  with  other  tools  (graphics,  computer 
aided  design...)  and  the  continuous  need  of  confidence  can  also  lead  to  some  modifications. 

During  the  finsl  verification  of  the  project  characteristics  (including  extensive  wind-tunnel 
experiments),  theses  codes  are  used  more  routinely  for  the  analysis  of  off  design  flight  conditions. 

While  industry  prepares  its  projects,  other  teams  do  research  work  and  develop  new  codes  (or  parts  of 
codes)  for  a  future  use  by  industry  or  for  the  fundamental  research  of  models.  Such  calculations  can 
require  hours  and  hours  of  the  best  computer  available  at  the  moment.  Validation  also  necessitates 
comparisons  with  (fundamental)  experiments  and  calculations  using  other  methods. 

Thus,  the  maturing  of  the  codes,  the  increase  of  computer  power  and  the  development  of  an  aircraft 
project  each  follow  their  own  path  with  frequent  difficulties  of  synchronization. 

The  need  for  confidence 


This  need  is  emphasized,  for  instance  in  (1,  2,  6],  so  thst  right  decisions  are  made  before  a  final 
verification  (in  wind  tunnel  and  in  flight)  and  so  that  the  time  and  money  of  intermediate  tests  is 
saved.  Another  question  could  be  the  connection  with  certification  regulstions  and  flight  testing  (gain 
in  time  and  safety).  However,  in  the  given  bibliography,  there  are  few  indications  allowing  to  say 
exactly  how  to  improve  this  confidence  in  CFD  results.  Prsgvratically ,  we  see  that  the  confidence  has  to 
be  deserved  hut  certain  actions  csn  help  to  reach  this  goal. 

The  Boeing  Company  [2]  has  created  a  CFD  laboratory,  in  order  to  acquire  new  skills  and  multiply  the 
applications.  The  approach  of  Breguet-Dassault  (6]  (as  well  as  some  US  companies  according  to 
[9]),  is  to  organize  a  design  team  working  as  an  off-line  project  activity  and  seeking  improvements 
that  can  be  made  available  to  a  project  in  a  timely  fashion.  Such  design  refinements  ere  possibly 
incorporated  by  the  project  manager.  This  management  makes  it  possible  to  multiply  applications  in 
realistic  cases  and  to  use  emerging  techniques. 

In  the  research  centers,  theoretical  people  have  some  means  at  their  disposal  t 

-  to  check  the  convergence  of  codes  on  academic  test  cases  (uniform  flow,  other  analytical  flows), 

-  to  compare  results  with  other  methods  which  are  more  expensive  but  probably  more  precise, 

-  to  compare  results  with  other  research  teams,  national  or  international,  in  the  framework  of  more  or 
less  informal  workshops  (AGABD,  GARTEUR , . . . ) , 

-  to  submit  a  prototype  cole  to  the  industry  for  criticisui. 

In  other  respects,  at  ONERA  (and  elsewhere),  beside  the  theoretical  aerodynanic  dlvicions,  teams  of  the 
"applied  aerodynamic  division"  are  in  charge  to  validate  codes,  including  all  the  possible  comparisons 
with  wind-tunnel  experiments,  and  in  particular  to  define  the  utlllratlon  limits. 

The  testing  (both  numerical  and  in  wind  tunnel)  of  realistic  but  schematic  shapes,  as  a  Joint  study  of 
the  research  centers  and  the  industry,  is  one  of  the  ways  to  obtain  progessively  confidence  in  the  CFD 
calculations. 

CFD  in  the  future 


Many  aspects  have  been  surveyed  above.  In  order  to  foresee  the  future  computations,  we  can  examine  the 
present  trends  of  the  advanced  researches  : 

-  zonal  (or  "multi  domains")  techniques.  Such  techniques  110]  give  a  large  flexibility  it.  mesh 
generation  for  complex  geometries,  different  mathematical  models  and  numerical  methods  may  be  used  in 
different  regions  in  order  to  obtain  the  best  efficiency, 

-  adaptation  to  the  new  super  computer  architecture  :  vec torizatlon ,  parallel  computing, 

-  introduction  of  artificial  Intelligence  (expert  systems  in  aerodynamics  (111'.  It  is  not  possib’* 
to  give  yet  an  accurate  time-table  for  that  ambitious  project.  Grid  generation  has  been  identified  as 
having  the  moat  promise  : 

-  conceptual  or  topological  discretization, 

-  definition  and  application  of  grid-generation  procedure, 

-  grid  quality  analysis, 

-  grid-point  locatlor  .'djuatments. 

We  can  also  contemplate  expert  systems  in  order  to  help  the  engineers  and  the  researchers  to  handle  and 

create  large  codes  :  it  la  not  possible  to  plsce  an  expert  programmer  behind  each  reasearcher  who  has 

access  to  supercomputers,  in  order  to  avoid  mlatakea  and  to  obtain  a  satisfying  efficiency  of  the  means. 

In  other  respects,  solutions  will  have  to  be  found  for  the  knowledge  aafe-kueping  and  for  the 

transference  between  various  design  domains,  aeronautical  (fightci  ,  transport  aircrafts,  turbomachines, 
test  facilities,  general  aviation,  miasMes...)  or  not. 

It  alio  remains  possible  that  completely  new  approaches  mav  be  discovered,  using  massively  parallel 
architectures  and  algorithms  such  as  the  one  recently  pioposed  in  [12]. 

3  -  EXPERIMENTAL  FACILITIES  ;  THE  WIND  TUNNELS  IN  THE  NEAR  FUTURE  - 

To  achi  -ve  success  for  any  given  project,  fighter  design  requires  and  will  require  many  facilities,  such 
as  flight  simulators,  radar  and  armament  benches  or  aeropropul sion  facilities.  It  is  clear  that  taking 
into  account  for  instance  the  various  aapects  of  the  system/man  Interface,  the  artificial  Intelligence 
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Incorporation,  the  flight  mechanics  st  high  angle  of  attack,  the  stealth  aspecta  or  the  real  conditions 
for  the  engine  operation  (inlet  diatortion,  firing  influence...)  will  require  both  together  theoretical 
studies  and  various  experiments  in  relevant  facilities.  Some  of  these  facilities  may  be  already  existing 
ones  and  may  have  to  be  modified,  others  will  have  to  be  created. 

Considering  the  wind  tunnels  only,  we  have  to  note  that  a  tunnel  life-span  is  50  years  or  more,  with 
possibly  refurbiahments,  movinga,  reactivations...  Most  tunnels  needed  for  the  next  20  years  are  already 
available. 

We  will  examine  later  for  each  tvpe  of  tunnel  (from  small  laboratories  up  to  the  largest  industrial 
ones)  the  present  requirements,  corresponding  to  1)  the  evolution  of  aeronautical  experience  (new  flight 
domains  becoming  attainable),  2)  the  technological  progress  and,  specially  now,  the  computational 
strides.  The  description  of  some  recent  tunnels  allows  ua  to  see  how  and  why  the  facilities  are 
presently  evolving. 

Reference  (1),  "a  fifteen  year  projection",  shows  that  in  the  year  2000,  wind  tunnels  and  CFD  will 
still  be  complementary  because  CFD  will  not  yet  be  able  to  reliably  provide  for  all  the  characteristics 
of  a  project.  The  coat  of  wind  tunnel  experiments  has  not  to  be  considered  since  the  tunnels  continue  to 
provide  a  little  more  confidence  for  a  project. 

In  fact,  this  document  does  not  call  for  any  requirement  for  new  ("industrial")  test  facility  (with  the 
possible  exception  of  test  requirements  of  V/ST0L  aircraft)  j  however  a  permanent  upgrading  is  foreseen 
for  the  facilities  and  their  equipments,  with  improved  testing  methods.  In  particular  it  is  quoted  in 
chapter  V  that,  in  the  next  15  years,  "improved  flow  diagnoatic  techniques  will  allow  better  physical 
understanding  and  will  provide  the  baaia  for  a  more  efficient  and  systematic  approach"...  For  dynamic 
airloads  (gust,  buffet,  flutter...)  "new  techniques  will  be  developed  in  the  way  of  parameter 
identification  to  better  understand  the  onset  of  flutter"... 

The  more  distant  future  for  the  tunnels  cannot  be  accurately  predicted  since  it  will  depend  on 
requirements  still  to  be  defined,  especially  for  the  future  fighters.  It  will  depend  on  whether  or  not 
they  are  VTOL  or  ST0L,  stealth,  completely  variable  camber  wings,  hypersonic...  But  in  any  case,  we  can 
be  sure  that,  in  one  way  or  another,  experiments  in  wind  tunnels  will  remain  necessary  for  quite 
sometime  In  order  to  answer  the  questions  concerning  concept  reliability,  code  validation  or  flight  teat 
safety.  At  a  much  later  date,  it  is  possible  that  new  tunnels  will  have  to  be  redesigned  for  the 
teaching  of  aerodynamics  and  physics  of  the  flow  phenomena... 

General  requirements  for  Wind  Tunnels 


The  AGAKD  Advisory  Report  184  (13],  published  in  1982,  is  relating  to  Flow  Quality  (fig. 5)  and  Data 
Accuracy  Requirements  (fig. 6).  It  represents  a  formidable  effort  and  remains  a  reference  book  for  many 
people.  Some  of  the  quoted  requirements  appear  as  unattainable  as  they  were  in  1982  (i.e.  angle  of 
attack  measurement  in  absolute  accuracy  level).  Is  it  possible  to  take  measurements  accurate  enough  to 
prove  that  such  requirements  are  obtained  and  how  can  one  be  sure  that  there  is  no  deviation  during  a 
test  7  We  know  for  Instance  that  the  cleanliness  of  the  settling  chamber  screens  and  the  operation  of 
the  porous  wall  setting  mechanisms  have  significant  effects  on  the  flow  angularity. 

If  it  is  not  possible  to  have  a  zero  error,  we  must  try  to  evaluate  and  minimize  this  error,  learn  how 
to  take  it  into  account  and,  above  all,  work  to  eliminate  erratic  deviations.  If  a  tunnel  could  provide 
an  exact  result  to  the  customer,  the  measurements  would  probebly  look  so  strange  that  nobody  would  dare 
place  any  confidence  in  them  without  a  complete  validation  program  I  Fortunately,  for  many  studies  (for 
example,  with  minor  configuration  changes),  the  flow  uniformities  are  not  important  as  long  as  they  atav 
the  same  over  extended  periods  of  time  and  engineers  have  a  large  experience  for  the  result 
interpretetion. 

To  complement  the  calculations,  there  are  various  levels  of  teats  that  condition  the  tunnel 
characteristics  and  the  equipment  involved.  In  any  ease,  the  largest  production  of  data  has  to  be 
obtained  in  a  giver  time,  with  important  consequences  on  the  data  acquisition  system,  the  needed  flow 
quality,  the  teat  organization  and  the  new  ».unne!  fittir.gc  !i*]. 

For  the  facilities  need  for  preliminary  designs,  cost  and  duration  of  a  test  (from  the  definition  of  a 
new  shape  to  the  result)  are  very  important  and  this  leads  to  consequences  for  the  model  technology,  the 
access  to  the  test  section,  the  requires  repeatebility  of  measurements. 

In  the  industrial  fecllities,  yielding  the  final  selection  of  a  configuration,  a  large  versatility  is 
required  : 

-  quick  sweep  of  the  test  domain  (Mach,  stegnatlon  pressure,  attitude  of  the  model), 

-  efficient  instrumentation  (see  fig. (7),  use  of  new  scanners,  ...), 

-  flexibility  of  the  exploltetion  codes,  for  an  on  line  observation  of  the  tests. 

More  end  more,  specialised  study  devices  are  necessary  for  detailed  researches  on  fighter  elements  :  eir 
Intakes,  efterbodles,  CCV  controls,  store  dropping  systems...  (28).  Some  of  these  devices  can  be 
opereted  In  the  tunnels  es  well  es  beside  (velldation  of  the  ecqulsltion  procedure,  dete  "without 
wind").  A  single  Ceptlve  Trejectory  System  can  be  used  either  to  predict  store  trajectories  or  to 
enelyse  the  complex  aerodynemic  flows  eround  models  with  various  kinds  of  probes. 

For  the  code  validation,  some  tests  are  carried  out  In  the  Industrial  tunnels  on  models  with  schematic 
but  typical  shepes.  The  test  conditions  are  generelly  constant  but  considerable  investigation  meens  are 
used  for  the  flow  enalysls  (leser  veloclmetry,  multi-hot-wires...)  ;  a  good  reliability  (and  short  time 
for  the  instrumentation  Installation)  Is  necessery. 


! 
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For  more  fundamental  studies,  in  research  facilities  generally  small.:  than  the  previous  ones,  important 
investigation  means  are  also  becoming  compulsory.  For  auch  facilities,  problems  of  duration  are  less 
important  but  the  requirements  in  data  quality  are  even  stricter  (in  order  to  accurately  reach  the 
Reynolds  tensor  coefficients,  or  the  coherence  in  high  frequency  turi.  •  .nee...). 

Each  facility  muat  be  fitted  with  a  computer  system  well  suited  to  the  data  acquisition,  the  test 
control  and  the  aurvey  of  reaulta.  Like  numerical  atudies,  the  detailed  analysis  of  the  data  requirea 
thoroughly  developed  graphic  capabilities. 

There  is  inevitably  a  compromise  between  the  time  needed  to  obtain  results  and  their  quality.  For 
Instance,  it  is  hard  to  imagine  measurements  with  laser  velocimetry  during  preliminary  testa. 

Aa  a  conclusion,  it  may  be  atated  that,  at  least  in  the  short  term,  the  facilities  will  continue  to 
develop,  taking  into  account  the  needs  of  the  customers,  the  technolgical  possibilities  and  the 
theoretical  deficiencies  at  a  given  time.  This  development  concerns  the  following  points  : 

-  exploration  of  new  flight  domsins  (Hach  number  around  1,  very  high  angle  of  attack,  flight  in 
turbulence,  ...), 

-  study  of  better  identified  problems,  like  buffeting,  air-intake  distortion,  store  interaction,  gunnery 
and  firing  simulation,  non-linear  flight  mechanics,  noiae... 

-  better  simulation  of  flight  :  high  Reynolds  number  (cryogeny. . . ) ,  flow  quality  (better  honeycombs, 
better  computed  circuit...),  minimizing  wall  and  sting  effects  (adaptive  walla,  possibly  magnetic 
suspenaion),  consideration  of  model  deformations  (measurements,  poasibly  scaled  aeroelastlc  models), 
powered  models... 

-  gains  in  time  and  safety  for  the  flight  test  :  better  atudies  of  flutter,  store  separations, 

ane"K>me try. . . 

-  increased  productivity  through  process  automation,  automatic  verifications,  electronically-acanned 
pressure  sensors,  more  remotely  controlled  surfaces,  faster  CTR  displacements...  [IS],  organization 
of  the  tests  [14]. 

Rather  than  trying  to  teach  what  looks  impossible,  the  facilities  will  make  use  of  various  emerging  CFD 
capabilities  :  we  can  foresee  things  like  1)  correctly  analyzing  teats  on  "rigid"  models  which  are  in 
fact  deformed  by  the  air  loads,  2)  testing  configurations  voluntarily  distorted  to  reproduce  a  physical 
phenomena  in  flight  (enlarged  leading  edges  [16],  fig. (8),  high  lift  studies  like  the  ones  done  by 
Boeing  [17]),  3)  taking  into  account  the  sting  and  wall  effects  in  a  stricter  manner... 

For  the  illustration  of  these  ideas,  we  shall  examine  two  examples  of  recent  tunnels.  Many  other  papers 
are  available,  describing  similar  trends  for  various  refurbl shments  [181  or  new  projects  (ETW  : 
[19]). 

An  example  of  a  fundamental  research  tunnel,  the  F2  tunnel  and  laaer  velocimetry 

The  research  tunnel  F2  af  ONFRA,  at  the  Le  Fauga-Mauzac  center  [20],  was  designed  for  fundamental 
researches  in  aerodynamics  on  3  Dimensional  complex  flows  ir.  subsonic  ran;?.  It  begsn  functioning  in 
July  83.  Its  main  characteristics  are  : 

2 

-  "human  size"  teat  section  (1,4  x  1,8m  ;  length  5m)  making  the  job  easier  ;  the  models  are  large 
enough  to  be  well  equipped,  their  cost  and  manufacturing  time  can  remain  reasonable  and  it  is  possible 
to  use  models  previously  made  bv  industry  for  development  In  conventional  industrial  wind  tunnels, 

-the  facility  wss  designed  "around"  and  "lnalde"  a  Laser  Doppler  Veloclmeter  3  Dimensional  device,  the 
measuring  point  being  able  to  be  moved  within  nearly  the  entire  test  section  volume.  The  teat  section 
walls  are  made  of  glass  allowing  all  kinds  of  visualization  (viscous  coatings,  smoke...),  fig. (9). 

-  the  exploration  devices  for  the  flow  field  are  automatically  controlled  by  the  facility  computer,  for 
an  Intensive  use  of  5  hole  probes  or  multi-hot-vires... 

-  the  acquisition  system  can  be  connected  by  telephone  to  a  customer  display,  for  a  quick  tranference  of 
results,  facilitating  the  dialogue  between  the  customer  agent(s)  on  the  field  snd  the  other  researchers 
st  Chslals-Meudon,  600  kilometers  sway, 

-  In  order  to  save  money  and  simplify  the  use  of  the  tunnel.  It  Is  unpressurized  and  the  maximum  speed 
Is  lOOm/s.  A  team  of  only  3  people  operates  the  facility. 

F2  la  one  of  the  first  tunnels  to  have  a  fully  computed  contraction  profile  (sxlfcyitwetrlc  lnvlscld 
optimization,  coupling  with  turbulent  boundary  layer,  then  3D  computation  by  a  finite  element  method  : 
fig. 10).  This  study  yields  a  very  short  contraction  (L/V?  *  0,8  foi  a  contraction  ratio  of  12),  without 
separation  In  the  Inlet  part  and  with  an  excellent  flow  uniformity  in  the  exit  plane.  With  such  a  shape. 
It  Is  easy  to  provide  flow  visualization  by  smoke  emmltted  from  the  settling  chamber. 

For  fundamental  aerodynamic  researches,  the  Laser  Doppler  Velocimetry  is  a  tool  specially  interesting 
because  : 

-  Its  use  does  not  perturb  the  flow, 

-  the  algebraic  sign  of  the  Instantaneous  speeds  can  be  obtained  rather  easily  (fringe  movement  by  Bragg 
cells), 

-  the  apparatus  is  less  exposed  to  failure  than  several  hot  wires. 

Typical  results  In  various  research  tunnels  are  briefly  presented  in  order  to  show  what  can  be  obtained 
with  LDV  and  some  Interpretation  problems. 

The  first  example  concerns  an  experimental  analysis  of  vortex  breakdown  (21].  The  3D  laser 
veloclmeter  (fig. 11)  provides  rather  easily  the  mean  velocity  components  (fig. 12)  and  fluctuating  teres 
u  ,  uv  (fig. 13).  On  the  other  hand.  If  we  examine  the  Instantaneous  component  histogram  for  points 
near  the  breakdown  (fig. 14),  we  notice  two  distinct  populations  :  the  probe  volume  is  at  one  time  inside 
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a  "recirculation  bubble"  and  at  another  tine  outside.  These  large  scale  and  low  frequency  fluctuations 
set  the  problem  of  the  adequacy  of  the  usual  averaged  models  for  representing  the  real  phenomena. 

The  second  example  concerns  an  experimental  analysis  of  a  strong  3D  shock-vave/turbuler  boundary-layer 
interaction  occuring  in  a  3D  transonic  channel  (22).  A  test  section  wall  is  equippt  with  a  30* 
sweep  bump  (fig. 15)  yielding  a  very  complex  flow  with  a  main  vortex  going  off  the  bump.  V.ie  aim  of  this 
experiment  is  to  help  in  the  physical  understanding  of  a  complex  field,  including  several  separations, 
and  to  provide  a  well  documented  case  to  test  NS  computational  methods  and  turbulence  models.  A  typical 
result  is  shown  (fig. 16)  but  visualizations  by  viscous  coatings  display  strong  interactions  on  the  other 
walls  so  that,  in  a  short  term,  only  qualitative  and  local  calculations  may  be  expected  in  this  very 
complex  configuration. 

To  reach  such  a  quality  of  results  is  due  to  considerable  efforts  : 

-  choice  of  reliable  devices, 

-  acquisition  systems  able  to  take  measurements  on  a  few  ten  thousands  particles  per  second  :  accurate 
results  are  obtained  generally  with  2000  particles  for  each  point, 

-  calibration  procedure  :  measurement  point  coordinates,  fringe  direction,  fringe  spacing,  in  order  to 
reach  a  typical  accuracy  of  12  for  the  speed, 

-  particle  seeding  systems . 

But  progress  remains  desirable  :  better  seeding,  more  accurate  determination  of  the  speea  direction, 
measurements  nearer  the  model  surface,  approach  to  spatial  correlations  and  conditional  analysis... 

An  example  of  a  large  tunnel,  the  National  Transonic  Facility 

At  the  NASA  Langley  Center,  the  NTF  gives  us  a  good  example  of  what  an  Industrial  modern  tunnel  must 
be  :  adequate  size,  well  equipped  [28-1],  possibility  of  various  test  conditions  (allowing  in  the 
NTF  case  the  simulation,  in  cryogenic  conditions,  of  the  largest  Reynolds  numbers  of  real  flight,  with 
the  determination  of  the  independent  effects  of  Reynolds  number,  Mach  number  and  aeroelastlclty  of  the 
model). 

Among  the  numerous  reports  concerning  this  tunnel,  reference  [23]  recalls  us  at  once  all  the 
instrumentation  developments  required  for  the  tunnel  (fig. 17).  Of  course,  using  tunnels  at  cryogenic 
temperature  increases  dramatically  the  difficulties  of  the  measurements  [24].  However,  few  tunnels, 
if  any,  have  today  at  their  disposal  the  instrumentation  techniques  at  the  required  operational  level, 
regarding  particularly  : 

-  model  attitude  with  an  accuracy  of  .01* 

-  model  deformation  with  an  accuracy  a  few  hundredths  of  degree 

-  flow  visualization  around  the  model 

-  continuous  determination  of  transition  location,  during  the  evolution  of  test  parameters. 

Such  techniques  have  only  begun  to  be  tested  for  use  in  industrial  tunnels,  [24]  ;  sophisticated 
devices  such  as  polarizing  reflectors  (torslometer  :  fig. 18  from  [25]),  Infrared  scannings  with 
insulated  models,  holographic  tomoscopy  are  being  used.  It  seems  to  me  that  many  tunnel  teams  will  have 
to  acquire  new  proficiencies  specially  in  optics  and  relevant  data  processing. 

On  the  figure  19,  giving  a  result  of  model  deformation  from  a  torslometer  in  the  French  SI  Modane 
transonic  tunnel  (0  ■  8m),  we  can  see  the  magnitude  order  of  the  deformation  of  half  a  wing  for  a 

transport  aircraft’  model  and  remind  the  accuracy  needed  for  a  good  comparison  with  calculation  ;  with 
the  same  accure  ,  models  have  to  be  designed  and  built  with  a  dlstorded  shape  in  order  to  represent 
during  the  test  s.  the  design  point,  the  shape  of  the  real  aircraft  in  cruise  conditions. 

The  same  paper  [23]  highlights  the  unique  role  of  the  NTF  for  a  genuine  validation  of  the  existing 
tunnels  with  respect  to  flight.  In  particular,  one  can  foresee  that  present  boundary-layer  trip 
techniques  to  simulate  high  Reynolds  numbers  -which  are  more  or  less  empirical-  will  be  replaced  by  new 
ones  which  will  be  scientifically  Justified  once  and  for  all  (?). 

Among  the  planned  basic  fluid  mechanics  experiments,  we  notice  the  test  on  a  flat  plate  at  Reynolds 
number  exceeding  one  billion  and  many  experiments  on  schematic  configurations  at  flight  Reynolds  number, 
specially  for  the  fundamental  study  of  fighter  aircraft  aerodynamics  with  separated  flows.  Even  if  the 
capabilities  of  large  cryogenic  wind-tunnels  are  unique  for  high  Reynolds  number  slantlatlon,  the  other 
tunnels  will  still  have  to  perform  a  great  number  of  similar  experiments  for  the  code  validation  or 
complex  phenomena  modeling  in  applied  or  fundamental  aerodynamics.  Indeed,  the  NTF  cannot  perform  the 
whole  research,  there  is  need  for  less  expensive  experiments  in  "conventional"  tunnels  if  these  tunnels 
are  sufficiently  well  equipped  end  if  the  models  can  be  built  easily  and  quickly. 

Cryogenic  tunnels 

Using  flows  at  very  low  temperature  100  Kelvin)  is  a  very  attractive  way  of  improving  the  wind-tunnel 
performancea  in  Reynolda  number.  The  NTF  [23]  and  the  ETW  project  [19]  prove  that  engineers 
trust  this  technique  for  new  large  tunnels.  The  modification  of  existing  tunnels  (T2  at  0NERA 
[28-3],  KKX  at  DFVLR  [28-4])  is  generally  difficult  for  safety  reasons  and  the  modification  coat 
must  be  compared  with  the  one  for  a  completely  new  project  which  should  generally  allow  to  incorporate 
other  useful  improvements. 

It  is  now  clear  that  : 

-  cryogeny  is  the  only  solution  to  reach  economically  very  high  Reynolds  numbers, 

-  the  flexibility  of  the  tunnol  is  one  of  the  main  problems  :  a  cryogenic  tunnel  must  be  able  to  provide 
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low  cost  results  in  conventional  conditions  (In  order  to  fit  together  with  results  from  other  tunnels 
and  with  all  the  acquired  engineer's  experience)  and  to  be  operated  with  easy,  quick  and  independent 
variations  of  all  the  flow  parameters.  The  control  of  the  stagnation  temperature  and  pressure  and  of 
Mach  number  will  allow.  In  particular,  series  of  test  at  constant  Reynolds  number  or  at  constant  dynamic 
pressure, 

-  for  any  new  tunnel  project,  the  cryogenic  capability  must  be  considered  as  an  interesting  and  feasible 
option. 


Adaptive  walls 


To  use  "streamlined"  wall  shapes  is  a  way  for  avoiding  wall  interferences  on  the  models.  This  effect  can 
be  obtained,  more  and  less  completely,  either  with  solid  compliant  walls  or  with  ventilated  (perforated 
or  slotted)  walls  equipped  for  a  local  control  of  the  flow  through  the  wall  (fig. 22). 

In  reference  [24,28],  recommendations  were  made  to  continue  to  study  this  technique,  in  order  to 
define  the  best  ways  of  upgrading  the  existing  tunnels.  In  reference  [27],  Ganzer  reviews  the 
various  tunnels  equipped  with  adaptive  walls  and  the  obtained  results,  in  particular  when  using  two 
adaptive  walls  for  3D  model  tests.  He  concluded  that  "for  a  number  of  problems,  experimental 
verifications  are  required  before  a  comparative  evaluation  of  the  3D  adaptive  wall  techniques  can  be 

made.  Such  experiments  are  planned  for  the  near  future.  The  results  can  be  expected  to  become  available 

within  this  decade". 

Nevertheless,  for  2D  flows,  the  adaptive  wall  technique  is  almost  in  industrial  use,  for  Instance  in  the 
ONERA  T2  and  NASA  Langley  1ft  wind  tunnels  (solid  walls,  cryogenic  conditions).  On  the  profile,  the  3D 
effects  due  to  the  boundary  layers  on  the  lateral  walls  still  remain  a  difficult  problem  which  appears 

all  the  more  manifest  as  the  results  are  more  precise  in  other  respects. 

2 

The  tunnels  presently  equipped  are  small  (cross  section  <  .65m  ).  Most  of  them  jre  only  working  on 
improvement  studies  of  the  technique  in  3D.  In  the  range  of  0.8  x  0.8n>  test  sections  for 
aeronautical  purpose,  we  have  : 

-  the  new  DFVLR  rubber  tube  [27],  (fig. 23). 

-  in  project,  a  new  teat  aection  for  the  ONERA  S3  Chalal s-Meudon  transonic  tunnal. 

NTF  and  ETW  ara  not  considered  with  adaptive  walls  in  their  basic  configuration  ;  more  generally  not  any 
large  tunnel  is  planned  to  be  retrofitted  in  the  short  term.  Trying  to  see  why,  wa  have  to  admit  that 
the  choice  of  a  new  configuration  is  atlll  difficult  : 

-  flexible  or  ventilated  walls  7 

-  2,  4  (or  8)  walls,  how  to  make  corners  and  to  permit  good  virualizacions  through  tha  walls  ? 

-  how  to  taka  the  necessary  measurements  on  control  aurfacas  naar  the  walls  :  static  pipes,  LDV...  ?  Are 
they  accurate  enough,  how  long  for  an  adaptation  cycle  7 

-  doea  It  remain  possible  to  usa  the  tunnal  for  polars  in  continuous  mode  (variable  angle  of  attack  or 
even  variable  Mach  number  at  glvan  angla  of  attack)  7 

In  other  respects,  all  the  process  must  be  fully  reliable  :  the  Industry  cannot  wait  a  week  before  to  be 
sure  of  the  true  angles  of  attack. 

A»  concluded  by  Ganzer  for  the  taat  of  3D  configurations,  the  present  state  of  the  art  calls  for  further 
lnvectigstlon.  However,  for  new  tunnels,  the  designers  must  mske  provisions  for  a  possible  retrofit  of 
the  various  test  section  walls.  In  [28-round  table),  Ritter  recommends  In  particular  to  contemplate 
the  systacs  for  flow  measurements  naar  the  tunnel  walls.  In  any  case,  the  precise  wall  assessment  will 
ba  required  (full  adaptation  is  a  particular  case  of  computed  zero  Interference)  and  Blnlon  and  Kraft 
[28-11]  pointed  out  that  the  Reynolds  number  effects  on  the  wall  boundary  conditions  have  to  be 
taken  Into  account. 

An  unsattled  future 


The  complete  elimination  of  support  lnterferance  effacts,  due  to  stings  and  struts  can  ba  obtalnad  vita 
the  Magnetic  Suspension  concept.  Such  a  concapt  has  baan  studied  since  1937  and  It  la  r.  t  yet  In  current 
use.  Succasslve  studies  [26]  have  been  published  for  a  tunnel  8ft  x  8ft  Ilka  NTF  .  tha  project 
(fig. 20  and  21)  appears  to  be  "practical  and  feasible"  but  the  last  estimated  cost  Is  today  still 
21.4MS.  Moreover,  it  would  still  take  a  week  for  the  cooldown  and  tha  filling  of  the  magnat  cryostat. 
Tha  total  weight  of  tha  core  would  ba  81, 000kg  (Including  36,000kg  for  the  colls  used  to  produce  4180N 
In  thrust).  Many  studies  remain  necessary  for  finalizing  such  a  project  and,  In  my  opinion,  the  concapt 
application  Is  not  yet  for  the  next  future  In  Industrial  tunnels.  Alter  this  step,  It  will  be  necessary 
to  simulate  the  propulsion  effectu  and  to  transmit  a  lot  of  data  by  telemetry.  Tha  other  option  Is  to 
take  into  ecount  by  CFD  the  r  ng  effects  for  angles  of  attack  up  to  45*  or  more.  Fortunataly,  absolute 

measurements  of  tha  drag  do  not  saem  to  requira  the  same  degree  of  accuracy  for  a  flghtar  as  for  a 

commercial  transport  aircraft. 

The  pressing  need  for  more  visualizations  of  the  complex  flows,  both  qualitative  and  quantitative,  will 

yield  the  usa  of  new  methods,  chat  ara  today  badly  daflnad.  What  la  tha  future,  In  Industrial  tunnels, 

of  such  techniques  as  holography,  thermography  or  new  developments  in  laser  valoclmetry  7  What 
"spinoff”,  for  tha  flghtar  studies  in  wind  tunnels,  of  the  tachnlquea  developed  for  hypersonic  flows, 
flames,  rotary  wings  (fluorescence.  Coherent  Anti-Stokes  Raman  Scattering  (7),  holographic 
Interferometry...)  7  Who  Is  ready  to  put  a  lot  of  money  Into  tha  development  of  such  tachniquas, 
attractive  but  with  a  high  risk  of  failure  from  a  cost/ef ficlancy  point  of  viaw  7 

It  la  difficult  to  answer  thaae  questions  reliably  without  complata  feasibility  erudite.  One  can 


consider  as  likely  a  significant  use  of  thermography  for  the  detection  of  tranaltlon  and  separation 
because  the  necessary  improvements  of  sensor  technology,  image  treatment  and  model  Insulation  seem 
within  our  reach. 

Another  posaibllity  of  new  technique  emergence  in  optics  is  the  availability  of  computed  visualizations 
allowing  direct  and  global  comparisons  with  experiment. 

4  -  CONCLUDING  REMARKS  - 

Inexorably,  the  means  for  theoretical  prediction  are  growing  ;  the  facilities  and  the  waya  of  using  them 
are  changing  so  that  they  provide  the  complementary  results  needed  by  the  designers.  A  special  type  of 
management  is  introduced  in  order  to  achieve  a  better  development  of  new  codes,  including  various 
actions  for  improving  confidence  in  the  results.  It  is  perhaps  the  time  to  recall  that,  as  ever,  a  major 
constituent  of  progress  remains  human.  A  befitting  education  giving  knowledge  and  skill  is  necessary  but 
inherent  qualitiea  such  as  a  taste  for  work  well  done,  the  aptitude  for  innovation,  clear  jugement,  good 
down  to  earth  sense...  will  remain  as  always  essential.  Nevertheless  joint  studies  seem  to  me  to  have 
become  the  rule  snd  educational  projects  and  company  structures  will  have  to  give  more  consideration  to 
this  fact. 
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Fig.  2  —  Software  effectiveness  (from  Ref.  4). 
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Fig.  5-  Summary  of  flow-quality  requirements 
(AGAR  OAR- 184). 
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Fig.  9-  F2  :  test  section  end  LDV epperetus. 
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The  Special  Course  on  Fundamentals  of  Fighter  Aircraft  was  sponsored  by  the  AGARD  Fluid 
Dynamics  Panel  and  the  von  Karman  Institute  and  presented  at  the  von  Karman  Institute. 
Rhode-Saint-Gcncsc,  Belgium,  on  17—21  February  1 986,  at  the  Greek  Air  Force  Academy. 
Athens,  Greece,  on  24—25  February  1 986  and  at  the  ARGE,  Ankara.  Turkey  on  27—28 
February  1986. 

^  The  Course  presented  a  comprehensive  review  of  fundamental  procedures  used  during  a 
fighter  pre-development  phase  concentrating  onj> 

basic  mission  requirements  and  aircraft  sizing 
•f  aerodynamic  design  including  performance,  stability  and  control 

-  -  materials,  structural  optimization  and  aeroelasticity 
--aircraft  dynamics; 

-  -  engine  intake  and  nozzle  integration  j  J 
'  j~  airframe  store-compatibility , 

Experimental  and  theoretical  work  has  been  demonstrated  to  play  complementary  roles  and 
recommendations  for  future  development  of  engineering  tools  are  given  in  conclusion. 


